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Chapter 1 


Introduction 


The NASA Design and Analysis of Rotorcraft (NDARC) software is an aircraft system analysis 
tool that supports both conceptual design efforts and technology impact assessments. The principal tasks 
are to design (or size) a rotorcraft to meet specified requirements, including vertical takeoff and landing 
(VTOL) operation, and then analyze the performance of the aircraft for a set of conditions . For broad and 
lasting utility, it is important that the code have the capability to model general rotorcraft configurations, 
and estimate the performance and weights of advanced rotor concepts. The architecture of the NDARC 
code accommodates configuration flexibility, a hierarchy of models, and ultimately multidisciplinary 
design, analysis, and optimization. Initially the software is implemented with low-fidelity models, 
typically appropriate for the conceptual design environment. 

An NDARC job consists of one or more cases, each case optionally performing design and analysis 
tasks. The design task involves sizing the rotorcraft to satisfy specified design conditions and missions. 
The analysis tasks can include off-design mission performance calculation, flight performance calcula- 
tion for point operating conditions, and generation of subsystem or component performance maps. For 
analysis tasks, the aircraft description can come from the sizing task, from a previous case or a previous 
NDARC job, or be independently generated (typically the description of an existing aircraft). 

The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and propulsion. 
For each component, attributes such as performance, drag, and weight can be calculated; and the aircraft 
attributes are obtained from the sum of the component attributes. Description and analysis of conven- 
tional rotorcraft configurations is facilitated, while retaining the capability to model novel and advanced 
concepts. Specific rotorcraft configurations considered are single-main-rotor and tail-rotor helicopter, 
tandem helicopter, coaxial helicopter, and tiltrotor. The architecture of the code accommodates addition 
of new or higher-fidelity attribute models for a component, as well as addition of new components. 

1-1 Background 

The definition and development of NDARC requirements benefited substantially from the ex- 
periences and computer codes of the preliminary design team of the U.S. Army Aeroflightdynamics 
Directorate (AFDD) at Ames Research Center. 

In the early 1970s, the codes SSP-1 and SSP-2 were developed by the Systems Research Integration 
Office (SRIO, in St. Louis) of the U.S. Army Air Mobility Research and Development Laboratory. 
SSP-1 performed preliminary design to meet specified mission requirements, and SSP-2 estimated the 
performance for known geometry and engine characteristics, both for single -main-rotor helicopters 
(ref. 1). Although similar tools were in use in the rotorcraft community, these computer programs were 
independently developed, to meet the requirements of government analysis. The Advanced Systems 
Research Office (ASRO, at Ames Research Center) of USAAMRDL produced in 1974 two Preliminary 
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Systems Design Engineering (PSDE) studies (refs. 2 and 3) using SSP-1 and SSP-2. These two codes 
were combined into one code called PSDE by Ronald Shinn. 

The MIT Flight Transportation Laboratory created design programs for helicopters (ref. 4) and 
tiltrotors (ref. 5). Michael Scully, who wrote the helicopter design program and was significantly 
involved in the development of the tiltrotor design program, joined ASRO in 1975, and ideas from the 
MIT programs began to be reflected in the continuing development of PSDE. An assessment of design 
trade-offs for the Advanced Scout Helicopter (ASH) used a highly modified version of PSDE (ref. 6). 

A DoD Joint Study Group was formed in April 1975 to perform an Interservice Helicopter Com- 
monality Study (HELCOM) for the Director of Defense Research and Engineering. The final HELCOM 
study report was published in March 1976 (ref. 7). A result of this study was an assessment by ASRO 
that PSDE needed substantial development, including better mathematical models and better technical 
substantiation, more flexible mission analysis, and improved productivity for both design and analysis 
tasks. Thus began an evolutionary improvement of the code, eventually named RASH (after the devel- 
oper Ronald A. Shinn, as a consequence of the computer system identification of output by the first four 
characters of the user name). RASH included improvements in flight performance modeling, output 
depth, mission analysis, parametric weight estimation, design sensitivity studies, off-design cases, and 
coding style. The code was still only for single -main-rotor helicopters. 

In the early 1980s, tool development evolved in two separate directions with the Preliminary 
Design Team at ASRO. RASH was developed into the HELO (or PDPAC) code, for conventional 
and compound single-main-rotor helicopters. With the addition of conversion models and wing weight 
estimation methods (refs. 8 and 9), RASH became the TR code, for tiltrotor aircraft. The JVX Joint 
Technology Assessment of 1982 utilized the HELO and TR codes. A special version called PD ABC, 
including a weight estimation model for lift-offset rotors (ref. 10), was used to analyze the Advancing 
Blade Concept. The JVX JTA report (ref. 1 1) documented the methodology implemented in these codes. 

Work in support of the LHX program from 1983 on led to a requirement for maneuver analysis 
of helicopters and tiltrotors, implemented in the MPP (Maneuver Performance Program) code by John 
Davis. The core aircraft model in MPP was similar to that in TR and HELO, but the trim strategy in 
particular - was new. A design code does not require extensive maneuver analysis capability, but MPP had 
an impact on the design code development, with the MPP performance and trim methods incorporated into 
TR87. The sizing analysis of TR88 and the aircraft flight model from MPP were combined into the VAMP 
(VSTOL Design and Maneuver Program) code. VAMP combined the capability to analyze helicopters 
and tiltrotors in a single tool, although the capability of HELO to analyze compound helicopters was 
not replicated. 

In the early 1990s, the RC (RotorCraft) code emerged from the evolution of VAMP, with John 
Preston as the lead developer (refs. 12 and 13). Some maneuver analysis capabilities from MPP were 
added, and the analysis capability extended to helicopters. The models were confirmed by comparison 
with results from TR and HELO. RC was operational by 1994, although HELO and TR continued to be 
used into the mid-1990s. RC97 was a major version, unifying the tiltrotor and helicopter analyses. The 
RC code introduced new features and capabilities, and productivity enhancements, as well as coding 
standards and software configuration control. Special versions of RC were routinely produced to meet 
the unique requirements of individual projects (such as ref. 14). 

NASA, with support from the U.S. Army, in 2005 conducted the design and in-depth analysis of 
rotorcraft configurations that could satisfy the Vehicle Systems Program technology goals (ref. 15). These 
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technology goals and accompanying mission were intended to identify enabling technology for civil 
application of heavy-lift rotorcraft. The emphasis was on efficient cruise and hover, efficient structures, 
and low noise. The mission specified was to carry 120 passengers for 1200 nm, at a speed of 350 knots 
and 30,000 ft altitude. The configurations investigated were a Large Civil Tiltrotor (LCTR), a Large 
Civil Tandem Compound (LCTC), and a Large Advancing Blade Concept (LABC). The results of the 
NASA Heavy Lift Rotorcraft Systems Investigation subsequently helped define the content and direction 
of the Subsonic Rotary Wing project in the NASA Fundamental Aeronautics program. The design tool 
used was the AFDD RC code . This investigation was an example of the role of a rotorcraft sizing code 
within NASA. The investigation also illustrated the difficulties involved in adapting or modifying RC 
for configurations other than conventional helicopters and tiltrotors, supporting the requirement for a 
new tool. 


1-2 Requirements 


Out of this history, the development of NDARC began in early 2007 . NDARC is entirely new 
software, built on a new architecture for the design and analysis of rotorcraft. From the RC theoretical 
basis, the parametric weight equations and the Referred Parameter Turboshaft Engine Model were used 
with only minor changes. Use was also made of the RC component aerodynamic models and rotor 
performance model. The current users of RC, informed by past and recent applications, contributed 
significantly to the requirements definition. 

The principal tasks are to design (size) rotorcraft to meet specified requirements, and then analyze 
the performance of the aircraft for a set of flight conditions and missions. Multiple design requirements, 
from specific flight conditions and various missions, must be used in the sizing task. The aircraft 
performance analysis must cover the entire spectrum of aircraft capabilities, and allow general and 
flexible definition of conditions and missions. 

For government applications and to support research, it is important to have the capability to model 
general rotorcraft configurations, including estimates of the performance and weights of advanced rotor 
concepts. In such an environment, software extensions and modifications are routinely required to meet 
the unique requirements of individual projects, including introduction of special weight and performance 
models for particular concepts. 

Thus the code architecture must accommodate configuration flexibility and alternate models, in- 
cluding a hierarchy of model fidelity. Although initially implemented with low-fidelity models, typical 
of the conceptual design environment, ultimately the architecture must allow multidisciplinary design, 
analysis, and optimization. The component performance and engine models must cover all operat- 
ing conditions. The software design and architecture must facilitate extension and modification of the 
software. 

Complete and thorough documentation of the theory and its software implementation is essential, 
to support development and maintenance, and to enable effective use and modification. Most of the 
history described above supports this requirement by the difficulties encountered in the absence of good 
documentation. Documentation of the methodology was often prompted only by the need to substantiate 
conclusions of major technology assessments, and occasionally by the introduction of new users and 
developers. For a new software implementation of a new architectures, documentation is required from 
the beginning of the development. 
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fixed model or 
previous job or 



Figure 1-1. Outline of NDARC tasks. 


1-3 Overview 

The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft 
to satisfy specified design conditions and missions. The analysis tasks can include off-design mission 
performance analysis, flight performance calculation for point operating conditions, and generation of 
subsystem or component performance maps. Figure 1-1 illustrates the tasks. The principal tasks (sizing, 
mission analysis, and flight performance analysis) are shown in the figure as boxes with heavy borders. 
Heavy black arrows show control of subordinate tasks. 

The aircraft description (fig. 1-1) consists of all the information, input and derived, that defines 
the aircraft. The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and 
propulsion. This information can be the result of the sizing task; can come entirely from input, for a 
fixed model; or can come from the sizing task in a previous case or previous job. The aircraft description 
information is available to all tasks and all solutions (indicated by light green arrows). 
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The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a 
specified set of design conditions and missions. The aircraft size is characterized by parameters such as 
design gross weight, weight empty, rotor radius, and engine power available. The relationships between 
dimensions, power, and weight generally require an iterative solution. From the design flight conditions 
and missions, the task can determine the total engine power or the rotor radius (or both power and radius 
can be fixed), as well as the design gross weight, maximum takeoff weight, drive system torque limit, 
and fuel tank capacity. For each propulsion group, the engine power or the rotor radius can be sized. 

Missions are defined for the sizing task and for the mission performance analysis. A mission 
consists of a number of mission segments, for which time, distance, and fuel burn are evaluated. For 
the sizing task, certain missions are designated to be used for engine sizing, for design gross weight 
calculations, for transmission sizing, and for fuel tank sizing. The mission parameters include mission 
takeoff gross weight and useful load. For specified takeoff fuel weight with adjustable segments, the 
mission time or distance is adjusted so the fuel required for the mission (burned plus reserve) equals the 
takeoff fuel weight. The mission iteration is on fuel weight or energy. 

Flight conditions are specified for the sizing task and for the flight performance analysis. For the 
sizing task, certain flight conditions are designated to be used for engine sizing, for design gross weight 
calculations, for transmission sizing, for maximum takeoff weight calculations, and for antitorque or 
auxiliary-thrust rotor sizing. The flight condition parameters include gross weight and useful load. 

For flight conditions and mission takeoff, the gross weight can be maximized, such that the power 
required equals the power available. 

A flight state is defined for each mission segment and each flight condition. The aircraft performance 
can be analyzed for the specified state , or a maximum effort performance can be identified. The maximum 
effort is specified in terms of a quantity such as best endurance or best range, and a variable such as 
speed, rate of climb, or altitude. The aircraft must be trimmed, by solving for the controls and motion 
that produce equilibrium in the specified flight state. Different trim solution definitions are required for 
various flight states. Evaluating the rotor hub forces may require solution of the blade flap equations of 
motion. 


1-4 Terminology 


The following terminology is introduced as part of the development of the NDARC theory and 
software. Relationships among these terms are reflected in figure 1-1. 

a) Job: An NDARC job consists of one or more cases. 

b) Case: Each case performs design and/or analysis tasks. The analysis tasks can include off-design 
mission performance calculation, flight performance calculation for point operating conditions, and 
generation of airframe aerodynamics or engine performance maps. 

c) Design Task: Size rotorcraft to satisfy specified set of design flight conditions and/or design missions. 
Key aircraft design variables are adjusted until all criteria are met. The resulting aircraft description can 
be basis for the mission analysis and flight performance analysis tasks. 

d) Mission Analysis Task: Calculate aircraft performance for one off-design mission. 

e) Flight Performance Analysis Task: Calculate aircraft performance for point operating condition. 
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f) Mission: Ordered set of mission segments, for which time, distance, and fuel burn are evaluated. 
Gross weight and useful load are specified for the beginning of the mission, and adjusted for fuel burn 
and useful load changes at each segment. Missions are defined for the sizing task and for the mission 
performance analysis. 

g) Flight Condition: Point operating condition, with specified gross weight and useful load. Flight 
conditions are specified for the sizing task and for the flight performance analysis. 

h) Flight State: Aircraft flight condition, part of definition of each flight condition and each mission 
segment. Flight state solution involves rotor blade motion, aircraft trim, and perhaps a maximum-effort 
calculation. 

i) Component: The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and 
propulsion. For each component, attributes such as performance, drag, and weight are calculated. 

j) Propulsion: A propulsion group is a set of components and engine groups, connected by a drive 
system. An engine group consists of one or more engines of a specific type. The components define 
the power required. The engine groups define the power available. A jet group consists of one or more 
systems that produce a force on the aircraft. A charge group consists of systems that generate energy 
for the aircraft. Fuel tank systems are associated with the engine groups, jet groups, and charge groups. 
Fuel quantity is measured as either weight or energy. 

1-5 Analysis Units 

The code can use either English or SI units for input, output, and internal calculations. A consistent 
mass-length-time-temperature system is used, except for weight and power: 

length mass time temperature weight power 

English: foot slug second °F pound horsepower 

SE meter kilogram second °C kilogram kiloWatt 


Weight in the design description is actually mass, with pounds converted to slugs using the reference 
gravitational acceleration. Gravitational force is the product of the mass and the actual acceleration due 
to gravity. In addition, the default units for flight conditions and missions are: speed in knots, time in 
minutes, distance in nautical miles, and rate of climb in feet-per-minute . The user can specify alternate 
units for these and other quantities. 


1-6 Outline of Report 

This document provides a complete description of the NDARC theoretical basis and architecture. 
Chapters 3-5 describe the tasks and solution procedures, the cost model is described in chapter 6, and 
chapters 7-19 present the models for the aircraft and its components. The propulsion system models 
are described in chapters 14-19. The engine, jet, and charger models are described in chapters 20-26; 
and the weight model in chapter 27 . The accompanying NDARC Input Manual describes the use of the 
code. 
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Chapter 2 

Nomenclature 


The nomenclature for geometry and rotations employs the following conventions. A vector x is a 
column matrix of three elements, measuring the vector relative to a particular basis (or axes, or frame). 
The basis is indicated as follows: 

a) x A is a vector measured in axes A; 

b) x EF ' A is a vector from point F to point E, measured in axes A. 

A rotation matrix C is a three-by-three matrix that transforms vectors from one basis to another: 

c) C BA transforms vectors from basis A to basis B, so x 11 = C BA x A . 

The matrix C BA defines the orientation of basis B relative to basis A, so it also may be viewed as rotating 
the axes from A to B. For a vector u, a cross-product matrix u is defined as follows: 

0 — U 3 U2 

U3 0 —Ml 

— U2 Ml 0 

such that uv is equivalent to the vector cross-product u x v. The cross-product matrix enters the rela- 
tionship between angular velocity and the time derivative of a rotation matrix: 

C AB = -u AB ' A C AB = C AB u BA ! B 

(the Poisson equations) . For rotation by an angle a about the x , y , or z axis ( 1 , 2 , or 3 axis) , the following 
notation is used: 

10 0 
0 cos a sin a 
0 — sin a cos a 

cos a 0 — sin a 

Y a = 0 1 0 

sin a 0 cos a 

cos a sin a 0 
Z a = — sin a cos a 0 

0 0 1 

Thus for example, C BA = X^YgZ^ means that the axes B are located relative to the axes A by first 
rotating by angle ^ about the 2 -axis, then by angle 0 about the y-axis, and finally by angle 0 about the 




2 ;-axis. 
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Acronyms 

AFDD U.S. Army Aerollightdynamics Directorate 

ASM available seat mile 

CAS calibrated airspeed 

CG charge group 

CPI consumer price index 

CTM Cost Too Much (cost model) 

EG engine group 

GW gross weight 

IGE in ground effect 

IRP intermediate rated power 

IRS infrared suppressor 

ISA International Standard Atmosphere 

ISO International Organization for Standardization 

JG jet group 

MCP maximum continuous power 

MCT maximum continuous thrust 

MJ Mega-Joule 

MRP maximum rated power 

NDARC NASA Design and Analysis of Rotorcraft 

OEI one engine inoperative 

OGE out of ground effect 

PG propulsion group 

RPJEM referred parameter jet engine model 

RPTEM referred parameter turboshaft engine model 

SDGW structural design gross weight 

SI Systeme International d’Unites (International System of Units) 

SLS sea level standard 

TAS true airspeed 

WMTO maximum takeoff weight 

Weights 

Wd design gross weight 

We empty weight 

Wmto maximum takeoff weight 

Wsd structural design gross weight 

W G gross weight, W G = W E + W UL = W 0 + W pay + W fue i 

Wo operating weight, Wo = W e + Wful 

Wul useful load, Wul = Wful + W pay + Wf ue i 

If p ay payload 

Wfuei fuel weight 

Wful fixed useful load 

Wbum mission fuel burn 

W vib vibration control weight 

W C ont contingency weight 

X technology factor 
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Fuel Tanks 

ll'fuei— ca p fuel capacity, maximum usable fuel weight 

^fuei-cap fuel capacity, maximum usable fuel energy 

Vfuei— cap fuel capacity, volume 

-Nauxtank number of auxiliary fuel tanks 

1'1'aux— cap auxiliary fuel tank capacity (weight) 

f^aux-cap auxiliary fuel tank capacity (energy) 

Power 

PreqPG power required, propulsion group; P comp + P xms „ + P acc 

PreqEG power required, engine group 

PreqCG power required, charge group 

PavPG power available, propulsion group; minjXj f P P avEG , (fl P rim/firef)Pr>siimit) 

PavEG power available, engine group; (7V eng - N inop )P av 

PavCG power available, charge group; (N chrg - N inop )P av 

Pcomp component power required 

P xmsn transmission losses 

Pace accessory power 

7V inop number of inoperative systems, engine group or jet group or charge group 

Pd, siimit. drive system torque limit (specified as power limit at reference rotor speed) 

Pesiimit engine shaft limit 

Pr, siimit. rotor shaft limit 

Engine 

P eng sea level static power available per engine at specified takeoff rating 

N eng number of engines in engine group 

P av power available, installed; min(P a - P loss , P mec h) 

P a power available, uninstalled 

P req power required, installed; P q — P loss 

P q power required, uninstalled 

Pi oss installation losses 

Pmech mechanical power limit 

SP specific power, P/m (conventional units) 

sfc specific fuel consumption, w/P (conventional units) 

m mass flow (conventional units) 

w fuel flow (conventional units) 

E energy flow 

Pv net jet thrust 

Daux momentum drag 

N specification turbine speed 

SW specific weight, P/W 
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Jet 

T eng sea level static thrust available per jet at specified takeoff rating 

iVj et number of jets in jet group 

Tavcc thrust available, jet group; (jV jet - N inop )T av 
T av thrust available, installed; min(T a ?y, T mec h) 

T a thrust available, uninstalled 

TreqJG thrust required, jet group 

T req thrust required, installed; T q r/ 

T q thrust required, uninstalled 

77 installation losses (efficiency) 

Tinech mechanical thrust limit 

ST specific thrust, T/rh (conventional units) 

sfc specific fuel consumption, w/T (conventional units) 

m mass flow (conventional units) 

w fuel flow (conventional units) 

Zf aux momentum drag 

SW specific weight, T/W 

Charger 

P c hi-g sea level static power available per charger at specified takeoff rating 

iVchrg number of chargers in charge group 

?/ installation losses (efficiency) 


Tip Speed and 

ftip-ref 

r 

f^prim 

f^dep 

f^spec 

N 

1 v spec 


Rotation 

reference tip speed, propulsion group primary rotor; each drive state 

gear ratio; f! d e P AVim for rotor > ^ sP ec/^ P rim for engine 

primary rotor rotational speed, O = V' ti p_ re f / /f 

dependent rotor rotational speed, VL = V tlv _ Ye {/R 

specification engine turbine speed 

specification engine turbine speed (rpm) 


Mission 

T mission segment time 

D mission segment distance 

dR mission segment range contribution 

E endurance 

R range 

w fuel flow 
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Environment 

9 

h 

c s 

P 

v 

P 

T 

T 

v w 


gravitational acceleration 
altitude 

speed of sound 
density 

kinematic viscosity 
viscosity 

temperature, °R or °K 
temperature, °F or °C 
wind speed 


Axis Systems 

/ 

F 

A 

B 

V 


inertial 

aircraft 

component aerodynamic 


component 

velocity 


Geometry 

SL, BL, WL fixed input position (station line, buttline, waterline) 
positive aft, right, up; arbitrary origin 

x/L, y/L, z/L scaled input position; positive aft, right, up; origin at reference point 
L reference length (fuselage length, rotor radius, or wing span) 

x, y, z calculated position, aircraft axes; positive forward, right, down; 

origin at reference point for geometry, 
origin at center of gravity for motion and loads 

z F component position vector, in aircraft axes, relative reference point 

£ length 

S'wet wetted area 
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Motion 

<j> F , 9 F , ip f roll, pitch, yaw angles; orientation airframe axes F relative inertial axes 

ipF turn rate 

0 V , ipy climb, sideslip angles; orientation velocity axes V relative inertial axes 

v AC aircraft velocity 

uj h AC aircraft angular velocity 

a F AC aircraft linear acceleration 

n load factor 

V aircraft velocity magnitude 

Vh horizontal velocity 

Vf forward velocity 

V s sideward velocity 

V c climb velocity 

V ca \ calibrated airspeed 


Aerodynamics and 

v 

q 

a 

P 

if 

Sf 

F 

M 

D,Y,L 

M x ,M y ,M z 

Cd j Cl 

c D ,c Y ,c L 
Ci, C M , C n 

D/q 


Loads 

component velocity relative air (including interference) 
dynamic pressure, 1 pp\v\ 2 

angle of attack, component axes B relative aerodynamic axes A 

sideslip angle, component axes B relative aerodynamic axes A 

ratio flap chord to airfoil chord, c//c 

flap deflection 

force 

moment 

aerodynamic drag, side, lift forces (component aerodynamic axes A) 

aerodynamic roll, pitch, yaw moments (component aerodynamic axes A) 

section drag, lift coefficients 

component drag, side, lift force coefficients 

component roll, pitch, yaw moment coefficients 

drag area, SC D (S = reference area of component) 


Aircraft 

DL 

■4 ref 

WL 

Net' 

CAC 

T 

c 

C^tilt 

M 

D e 

L/D e 


disk loading, W D /A ref 

reference rotor area, Y2 f a M typically projected area of lifting rotors 

wing loading, W D /S re{ 

reference wing area, S’, sum area all wings 

aircraft control 

control matrix 

component control, c = ST CAC + Co 
tilt control variable 

aircraft hover figure of merit, W^/W/2pA re f/P 

aircraft effective drag, P/V 

aircraft effective lift-to-drag ratio, WV/P 



Nomenclature 


Rotor 

W/A 

Cw/& 

R 

A 

a 

-^design 

r 

r 

p 

A 

M at 

V 

7 

C p j <j 
Pc, Ps 

00.75 

9 C , 9 S 
H,Y,T 
M X , My 

Q 

Pi, Pt, Po, Pp 

K 

QZmean 

M 

L/D e 

V 


disk loading, W = f w W D 

design blade loading, W/pAVfi a (Vti P = hover tip speed) 
blade radius 
disk area 

solidity (ratio blade area to disk area) 

design thrust of antitorque or auxiliary-thrust rotor 

direction of rotation (1 for counter-clockwise, —1 for clockwise) 

blade span coordinate 

blade azimuth coordinate 

advance ratio 

inflow ratio 

advancing tip Mach number 
blade flap frequency (per-rev) 
blade Lock number 

thrust coefficient divided by solidity, T/pA(ttR) 2 <j 

longitudinal, lateral flapping (tip-path plane tilt relative shaft) 

blade collective pitch angle (at 75% radius) 

lateral, longitudinal blade pitch angle) 

drag, side, thrust force on hub (shaft axes) 

roll, pitch moment on hub 

shaft torque 

induced, interference, profile, parasite power 
induced power factor, P, = KP idea i 

profile power mean drag coefficient, C Po = (<r/8 )c diaean F P 
rotor hover figure of merit, Tf D v/P 
rotor effective lift-to-drag ratio, V L/{P, + P 0 ) 
propulsive efficiency, TV/P 


Wing 

W/S wing loading, W = fwW p 

S area 

b span 

c chord, S/b 

/R aspect ratio, b 2 /S 
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Chapter 3 


Tasks 


The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft 
to satisfy specified design conditions and missions. The analysis tasks can include mission performance 
analysis, flight performance calculation for point operating conditions, and generation of subsystem or 
component performance maps. 

3-1 Size Aircraft for Design Conditions and Missions 


3-1.1 Sizing Method 

The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a 
specified set of design conditions and missions. The aircraft size is characterized by parameters such as 
design gross weight (Wd) or weight empty (We), rotor radius ( R ), and engine power available (P eng )- 
The relationships between dimensions, power, and weight generally require an iterative solution. From 
the design flight conditions and missions, the task can determine the total engine power or the rotor 
radius (or both power and radius can be fixed), as well as the design gross weight, maximum takeoff 
weight, drive system torque limit, and fuel tank capacity. For each propulsion group, the engine power 
or the rotor radius can be sized: 

a) Engine power: Determine P eng , for fixed R. The engine power is the maxi- 
mum of the power required for all designated sizing flight conditions and sizing 
missions (typically including vertical flight, forward flight, and one-engine inopera- 
tive). Hence the engine power is changed by the ratio ma x(P reqPG / P av PG) (exclud- 
ing flight states for which zero power margin is calculated, such as maximum gross 
weight or maximum effort). This approach is the one most commonly used for the 
sizing task. 

b) Rotor radius: Determine R for input P eng . The maximum power required for all 
designated sizing flight conditions and sizing missions is calculated, and then the 
rotor radius determined such that the power required equals the input power available . 

The change in radius is estimated as R = R 0 ld \/P re qPG /PavPG (excluding flight 
states for which zero power margin is calculated, such as maximum gross weight or 
maximum effort). For multi -rotor aircraft, the radius can be fixed rather than sized 
for some rotors. 

Alternatively, P eng and R can be input rather than sized. For each jet group, the design thrust can be 
sized: 


Determine T jet . The design thrust is the maximum of the thrust required for all 
designated sizing flight conditions and sizing missions. Hence the design thrust 
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is changed by the ratio max ( T reqJ G /T av JG ) (excluding flight states for which zero 
thrust margin is calculated). 

For each charge group, the design power can be sized: 

Determine P chrg • The design power is the maximum of the power required for all 
designated sizing flight conditions and sizing missions. Hence the design power 
is changed by the ratio ma,x(P reqGG / PavCG) (excluding flight states for which zero 
power margin is calculated). 

Aircraft parameters can be determined by a subset of the design conditions and missions: 

a) Design gross weight Wo : maximum gross weight from designated conditions 
and missions (for which gross weight is not fixed) . 

b) Maximum takeoff gross weight W M to- maximum gross weight from designated 
conditions (for which gross weight is not fixed) . 

c) Drive system torque limit Posvunit '■ maximum torque from designated conditions 
and missions (for each propulsion group; specified as power limit at reference rotor 
speed). 

d) Fuel tank capacity: maximum fuel weight Wf ue i_ cap or energy Ff, ie i- cap from 
designated missions (without auxiliary tanks) . 

e) Anti torque or auxiliary thrust rotor design thrust TAsign : maximum rotor thrust 
from designated conditions and missions. 

Alternatively, these parameters can be fixed at input values. The design gross weight (Wo) can be fixed. 
The weight empty can be fixed, which is implemented by changing the contingency weight. 

A successive substitution method is used for the sizing iteration, with an input tolerance e. Re- 
laxation is applied to P e ng or /?. , , P c hrg, F*/J, WmTO •> PdS limit? fffuel— cap or Pfuel-cap, and ^design- 

Convergence is tested in terms of these parameters, and the aircraft weight empty We- Two successive 
substitution loops are used. The outer loop is an iteration on performance: engine power or rotor radius, 
jet thrust, charger power. The inner loop is an iteration on parameters: W D , W M to , -Posiimit, fFf ue i_ cap 
or F/f ue i— cap 5 and 7 Asign • Either loop can be absent, depending on the definition of the size task. 

For each flight condition and each mission, the gross weight and useful load are specified. The 
gross weight can be input, maximized, or fallout. For flight conditions, the payload or fuel weight can be 
specified, and the other calculated; or both payload and fuel weight specified, with gross weight fallout. 
For missions, the payload or fuel weight can be specified, the other fallout, and then time or distance of 
mission segments adjusted; or fuel weight calculated from mission, and payload fallout; or both payload 
and fuel weight specified (or payload specified and fuel weight calculated from mission), with gross 
weight fallout. For each flight condition and mission segment, the following checks are performed: 

a) The power required does not exceed the power available: P req PG < (1 + e)P av pG 
(for each propulsion group) . 

b) The torque required does not exceed the drive system limit: P reqPG /£l < 

(1 + e) -Posiimit /Hprim (for each propulsion group). Rotor shaft torque and engine 
shaft torque are also checked. 

c) Thejet thrust required does not exceed the thrust available: T reqJG < (1 + e)T avJG 
(for each jet group). 
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d) The charger power required does not exceed the power available: P req CG < 

(1 + e)P avC G (for each charge group). 

e) The fuel weight does not exceed the fuel capacity: Wf ue i < (1 + e)(Wf ue i- C a P + 

E NauxtankWaux-cap) (including auxiliary tanks). 

These checks are performed using an input tolerance e. 

Sizing flight conditions typically include takeoff (hover or specified vertical rate of climb), one- 
engine inoperative, cruise or dash, perhaps transmission, and perhaps mission midpoint hover. Sizing 
missions typically include a design mission and a mission to determine fuel tank capacity. 

3-1.2 Component Sizing 


3-12.1 Propulsion System 

The engine size is described by the power P eng , which is the sea-level static power available per 
engine at a specified takeoff rating. The number of engines N eng is specified for each engine group. 

If the sizing task determines the engine power for a propulsion group, the power P eng of at least one 
engine group is found (including the first engine group) . The total power required is P PG = r E E„gEng , 
where r = ma x(P reqPG /P avPG ). The sized power is P sized = P PG - E fixed ^eng -Peng, where the sum is 
over the engine groups for which the power is fixed. Then the sized engine power is P eng = j'„ P s j zed /lV en g 
for the n-th engine group (with f n an input ratio and /i = En^i, sized /« f° r th e f |rst group). 

The jet size is described by the thrust 3j et , which is the sea-level static thrust available per jet at 
a specified takeoff rating. The number of jets 7Vj et is specified for each jet group. If the sizing task 
determines the jet thrust for a jet group, the thrust Tj et is scaled by the factor r = ma.x(T reqJG /T avJG ) . 

The charger size is described by the power P chrg , which is the sea-level static power available. The 
number of systems N chlg is specified for each charge group. If the sizing task determines the charger 
power for a charge group, the power P chr g is scaled by the factor r = ma x(P reqGG / P a vCG) ■ 

3-1.22 Main Rotor 

The main-rotor size is defined by the radius R or disk loading W/A, thrust-weighted solidity er, 
hover tip speed Vji p , and blade loading Cw / <r = W / pAV Pip o . With more than one main-rotor, the disk 
loading and blade loading are obtained from an input fraction of design gross weight, W = fwW p ■ The 
air density p for Cw jo is obtained from a specified takeoff condition. 

If the rotor radius is fixed for the sizing task, three of (P or W/A), C w /o, V tip , and a are input, and 
the other parameters are derived. Optionally the radius can be calculated from a specified ratio to the 
radius of another rotor. 

If the sizing task determines the rotor radius (P and W /A ) , then two of Cw /&, I4i P , and a are input , 
and the other parameter is derived. The radius can be sized for just a subset of the rotors, with fixed 
radius for the others. The radii of all sized rotors are changed by the same factor. 

3-12.3 Antitorque or Auxiliary Thrust Rotor 

For anti torque and auxiliary thrust rotors, three of (P or W/A), Cw/cr, 14:,,, and o are input, and the 
other parameters are derived. Optionally the radius can be calculated from a specified ratio to the radius 
of another rotor. Optionally the radius can be scaled with the main-rotor radius. The disk loading and 
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blade loading are based on /redesign, where / T is an input factor and T des ign is the maximum thrust from 
designated design conditions and missions. 

3-12.4 Wing 

The wing size is defined by the wing area S or wing loading W/S, span (perhaps calculated from 
other geometry), chord, and aspect ratio. With more than one wing, the wing loading is obtained from 
an input fraction of design gross weight, W = fwW D - 

Two of the following parameters are input: area (or wing loading), span, chord, and aspect ratio; 
the other parameters are derived. Optionally the span can be calculated from the rotor radius, fuselage 
width, and clearance (typically used for tiltrotors). Optionally the span can be calculated from a specified 
ratio to the span of another wing. 

3 -1.2. 5 Fuel Tank 

The fuel tank capacity Wf ue i-cap (maximum usable fuel weight) or Pf ue i-ca P (maximum usable fuel 
energy) is determined from designated sizing missions. The maximum mission fuel required, Wf ue i-miss 
or -Efuei— miss (excluding reserves and any fuel in auxiliary tanks), gives 

WW — cap — max(/f ue i 

—cap Wfuel 

—miss 5 Wfuel —miss T Wreserve ) 

Pfuel— cap — max(/f ue l— capT/fuel— miss ; Pfuel— miss T Preserve) 

where /f ue i-cap > 1 is an input factor. Alternatively, the fuel tank capacity Wf ue i_ cap or Pf ue Wcap can 
be input. Optionally the maximum mission battery discharge power gives P cap , from which Pf ue i-cap = 
max(£f ue i— cap , (6t a nk/' ? rtank)T > cap ) (MJ fiom kW). 


3- 1.2. 6 Weights 

The structural design gross weight Wsd and maximum takeoff weight Wmto can be input, or 
specified as an increment d plus a fraction / of a weight W : 

TT T , r rrr [ dsDGW + fsDGwWo 

SD SDGW . SDGW | dsDGW + fsDGw{Wo — Wf ue l + /fuel Wf ue l- C ap) 

rrr , . r rrr f dwMTO + JwMTOWd 

MTO WMTO .WMTO ( dwMTO + fwMTO (Wd — Wfuel + Wf U el-cap) 

This convention allows the weights to be input directly (/ = 0), or scaled with Wo ■ For Wsd, W is 
the design gross weight Wd, or Wo adjusted for a specified fuel state (input fraction of fuel capacity). 
Alternatively, Wsd can be calculated as the gross weight at a designated sizing flight condition. For 
Wmto, W is the design gross weight Wd, or Wd adjusted for maximum fuel capacity. Alternatively, 
Wmto can be calculated as the maximum gross weight possible at a designated sizing flight condition. 

3 -1.2. 7 Drive System Limit 

The drive system limit is defined as a power limit, Posnmit • The limit is properly a torque limit, 
Q Dsiimit = Posiimit/Wef , but is expressed as a power limit for clarity. The drive system limit can be 
specified as follows (with /ii mit an input factor): 

a) Input Posiimit- 

b) From the engine takeoff power limit, Posumit = /limit I] A eng P e ng (summed over 
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all engine groups). 

c) From the power available at the transmission sizing conditions and missions, 

Fosiimit = /limit (ftref/SVim) £ N eng P av (largest of all conditions and segments). 

d) From the power required at the transmission sizing conditions and missions, 

FWimit = /limit (fW^prim) £ N eng P req (largest of all conditions and segments). 

The drive system limit is a limit on the entire propulsion system. To account for differences in the 
distribution of power through the drive system, limits are also used for the torque of each rotor shaft 
(Pasiimit) and of each engine group ( I’es nmit )- The engine shaft limit is calculated as for the drive system 
limit, without the sum over engine groups. The rotor shaft limit is either input or calculated from the 
rotor power required at the transmission sizing flight conditions. The power limit is associated with a 
reference rotational speed, and when applied the limit is scaled with the rotational speed of the flight 
state. The rotation speed for the drive system limit Pnsvunh is the hover speed of the primary rotor of 
the propulsion group (for the first drive state). The rotation speed for the engine shaft limit Pesiimit 
is the corresponding engine turbine speed. The rotation speed for the rotor shaft limit PRsiimit is the 
corresponding speed of that rotor. 

The drive system limits can be specified for several levels, analogous to engine ratings. The limit 
Posiimit is associated with the maximum continuous rating (MCQ or MCP). An alternate rating changes 
the torque limit by the factor x. Typically x > 1 for ratings associated with short duration operation. 
The torque limit is calculated from Qiimit = Q/x for the flight condition or mission segment. The torque 
limit is applied as Q = xQu m i t . 


3-2 Mission Analysis 


For the mission analysis, the fuel weight or payload weight is calculated. Power required, torque 
(drive system, engine shaft, and rotor shaft), and fuel weight are then verified to be within limits. 
Missions can be fixed or adjustable . 


3-3 Flight Performance Analysis 


For each performance flight condition, the power required is calculated or maximum gross weight 
is calculated. Power required, torque (drive system, engine shaft, and rotor shaft), and fuel weight are 
then verified to be within limits. 


3-4 Maps 


3-4.1 Engine Performance 

The engine performance can be calculated for a specified range of power, altitude, and speed. 

3-4.2 Airframe Aerodynamics 

The airframe aerodynamic loads can be calculated for a specified range of angle of attack, sideslip 
angle, and control angles. The aerodynamic analysis evaluates the component lift, drag, and moments 
given the velocity. The aircraft velocity is v F c = C FA (v 0 0) T ; interference velocity from the rotors is 
not considered. From the angle of attack a and sideslip angle /3 , the transformation from wind axes to 
airframe axes is C FA = Y a Z_p (optionally C FA = Z_pY a can be used, for better behavior in sideward 
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flight). The loads are summed in the airframe axes (with and without tail loads), and then the wind axis 
loads are: 


F a = 


-D 

Y ] =C af F f 
-L 


M x 

m a = | m J = c af m f 


The center of action for the total loads is the fuselage location Zf use . The ratio of the loads to dynamic 
pressure is required, so a nominal velocity v = 100 (ft/sec or m/sec) and sea level standard density are 
used. 



Chapter 4 


Operation 


4-1 Flight Condition 


Flight conditions are specified for the sizing task and for the flight performance analysis. For each 
condition, a flight state is also defined. For the sizing task, certain flight conditions are designated for 
engine sizing, design gross weight calculations, transmission sizing, maximum takeoff weight calcula- 
tions, or rotor thrust sizing. The flight condition parameters include gross weight and useful load. The 
gross weight can be specified as follows, consistent with the sizing method: 

a) Design gross weight, Wo (calculated or input). 

b) Structural design gross weight, Wsd, or maximum takeoff weight, Wmto (which 
may depend on Wd)- 

c) Function of Wd- W = d + f Wn (with d an input weight and / an input factor). 

d) Function of Wsd ( W = d + f W sd ); or function of W M to ( W = d + fW M ro)- 

e) Input W. 

f) Gross weight from specified mission segment or flight condition. 

g) Gross weight maximized, such that power required equals specified power: 

PreqPG = fPavPG + d, with d an input power and / an input factor; in general, 
min ((fPavPG + d) — P req PG ) = 0, minimum over all propulsion groups; default 
d = 0 and / = 1 gives zero power margin, min (P av PG - PreqPG ) = 0. 

h) Gross weight maximized, such that thrust required equals specified thrust: 

TreqjG = fPavjG + d, with d an input thrust and / an input factor; in general, 
min {{fT av jG + d) - T reqJG ) = 0, minimum over all jet groups; default d = 0 and 
/ = 1 gives zero thrust margin, min {T avJG - T reqJG ) = 0. 

i) Gross weight maximized, such that transmission torque equals limit: zero torque 
margin, min(Pii mit — P req ) = 0 (mininum over all propulsion groups, engine groups, 
and rotors). 

j) Gross weight maximized, such that power required equals specified power, or 
thrust required equals specified thrust, or transmission torque equals limit (most 
restrictive). 

k) Gross weight fallout from input payload and fuel weights: Wq = Wo + W pay + 

Wfuei. 

Only the last five options are available for Wd design conditions in the sizing task. The gross weight can 
be obtained from a mission segment only for the sizing task. Optionally the altitude can be obtained from 
the specified mission segment or flight condition. The secant method or the method of false position is 
used to solve for the maximum gross weight. A tolerance e and a perturbation A are specified. 
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The useful load can be specified as follows, consistent with the sizing method and the gross weight 
specification. 

a) Input payload weight W pay , fuel weight fallout: Wf ue i = W G - Wo - W pay . 

b) Input fuel weight Wf ue i , payload weight fallout: W pay = Wg - Wo - Wf ue i. 

c) Input payload and fuel weights, gross weight fallout (must match gross weight 

option): W G = W 0 + W pay + W fuel . 

The input fuel weight is Wf ue i = min(df ue i -T /fueiITf ue i_ cap , Wf ue i— c ap ) T ^ iV aux t ail kfT aux — cap- For fallout 
fuel weight, lV auxtank is changed (optionally only increased). If the auxiliary tank weight is greater than 
the increment in fuel weight needed, then the fallout fuel weight Wf ue i = W G — Wo - W pay can not be 
achieved; in such a case, the fuel weight is capped at the maximum fuel capacity and the payload weight 
changed instead. The fixed useful load can have increments , including crew weight increment; equipment 
weight increment; and installed folding, wing, wing extension, and other kits. These increments are 
reflected in the fallout weight. If the motive device burns energy not weight, then the fuel weight is zero 
and the input fuel energy is Pf U ei — min(df ue i -T /fuei-Pfuei— cap? Pfuel— cap) T ^ Aauxtank-Paux— cap- 


4-2 Mission 

Missions are defined for the sizing task and for the mission performance analysis. A mission 
consists of a specified number of mission segments. A flight state is defined for each mission segment. 
For the sizing task, certain missions are designated for engine sizing, design gross weight calculations, 
transmission sizing, or fuel tank sizing. The mission parameters include mission takeoff gross weight 
and useful load. The gross weight can be specified as follows, consistent with the sizing method: 

a) Design gross weight, Wo (calculated or input). 

b) Structural design gross weight, Wsd, or maximum takeoff weight, W M to (which 
may depend on W D ). 

c) Function of Wd'- W = d + fWo (with d an input weight and / an input factor). 

d) Function of Wsd, W = d + fWsD', or function of Wmto, W = d + /Wmto ■ 

e) Input W. 

f) Gross weight maximized at specified mission segments, such that power required 
equals specified power: P req PG = fPavPG + d, with d an input power and / an input 
factor; in general, ininff/ P„„i>g + d) — P req PG ) = 0, minimum over all propulsion 
groups; default d = 0 and / = 1 gives zero power margin, min(P aa pG — P req PG) = 0. 

g) Gross weight maximized at specified mission segments, such that thrust required 
equals specified thrust: T reqJG = fT avJG + d, with d an input power and / an input 
factor; in general, unn((fT avJ G + d) - T reqJ Q ) = 0, minimum over all jet groups; 
default d = 0 and f — 1 gives zero thrust margin, iniii(7’ a ,,./ C ; — T reqJ G) = 0. 

h) Gross weight maximized at specified mission segments, such that transmission 
torque equals limit: zero torque margin, min(Pii mit — P req ) = 0 (mininum over all 
propulsion groups, engine groups, and rotors). 

i) Gross weight maximized at specified mission segments, such that power required 
equals specified power, or thrust required equals specified thrust, or transmission 
torque equals limit (most restrictive) . 

j) Gross weight fallout from input initial payload and fuel weights: Wg = Wo + 
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W pay + Wfuei • 

k) Gross weight fallout from input initial payload weight and calculated mission 
fuel weight: W G = W 0 + W pay + W fue i. 

If maximum gross weight is specified for more than one mission segment, then the minimum takeoff 
gross weight increment is used; so the power or torque margin is zero for the critical segment and positive 
for other designated segments. Only the last six options are available for Wd design conditions in the 
sizing task. The secant method or the method of false position is used to solve for the maximum gross 
weight. A tolerance e and a perturbation A are specified. 

The useful load can be specified as follows, consistent with the sizing method and the gross weight 
specification: 

a) Input initial payload weight W pay , fuel weight fallout: fT fu ei = Wq - Wo - W pay . 

b) Input fuel weight HTiei , initial payload weight fallout: W pa y = Wg - Wo - Wf ue i- 

c) Calculated mission fuel weight, initial payload weight fallout: Wpay = Wg — 

Wo - W fue l. 

d) Input payload and fuel weights, takeoff gross weight fallout (must match gross 
weight option): W G = W 0 + W pay + W fue i. 

e) Input payload weight and calculated mission fuel weight, takeoff gross weight 
fallout (must match gross weight option): W G = Wo + W pay + Wf ue i. 

The input fuel weight is fVf ue i min(df ue i /fueifkfuei— cap? ITfuei— cap) T . iV aux t; an k l Faux— cap* if the 

fuel weight is fallout, then this is the initial value for the mission iteration. If the fuel weight is not 
calculated from the mission, then the mission is changed. The fixed useful load can have increments, 
including installed folding kits; other increments are specified for individual mission segments. If 
the motive device burns energy not weight, then the fuel weight is zero and the input fuel energy is 

T/fuel = mill ((/fuel T /fuelT/fuel—capi Tifuei—cap) T T) A H)]x ta.T] k A anx _ can ■ 

The takeoff gross weight is evaluated at the start of the mission, perhaps maximized for zero power 
margin at a specified mission segment (either takeoff conditions or midpoint). Then the aircraft is 
flown for all segments. For calculated mission fuel weight, the fuel weight at takeoff is set equal to the 
fuel required for the mission (burned plus reserve). For specified takeoff fuel weight with adjustable 
segments, the mission time or distance is adjusted so the fuel required for the mission (burned plus 
reserve) equals the takeoff fuel weight. The mission iteration is thus on mission fuel weight or energy. 
Range credit segments (defined below) can also require an iteration. A successive substitution method 
is used if an iteration is required, with a tolerance e specified. The iteration to maximize takeoff gross 
weight could be an outer loop around the mission iteration, but instead it is executed as paid of the mission 
iteration. At the specified mission segment, the gross weight is maximized for zero power margin, and 
the resulting gross weight increment added to the takeoff gross weight for the next mission iteration. 
Thus takeoff gross weight is also a variable of the mission iteration. 

Each mission consists of a specified number of mission segments. The following segment types 
can be specified: 

a) Taxi or warm-up (fuel burned but no distance added to range). 

b) Distance: fly segment for specified distance (calculate time). 

c) Time: fly segment for specified time (calculate distance). 

d) Hold: fly segment for specified time (loiter, so fuel burned but no distance added 
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to range) . 

e) Climb: climb or descend from present altitude to next segment altitude (calculate 
time and distance). 

f) Spiral: climb or descend from present altitude to next segment altitude (fuel 
burned but no distance added to range). 

g) Fuel: use or replace specified fuel amount (calculate time and distance). 

h) Burn: use or replace specified fuel amount (calculate time but no distance added 
to range) . 

For each mission segment a payload weight can be specified; or a payload weight change can be specified, 
as an increment from the initial payload or as a fraction of the initial payload. If the payload is calculated 
from the number of passengers, then for each mission segment a change in the number of passengers 
can be specified. 

The number of auxiliary fuel tanks can change with each mission segment: A( illx tank is changed 
based on the fuel weight (optionally only increased relative to the input number at takeoff, optionally fixed 
during mission). For input fuel weight, -ZV aU x tan k is specified at takeoff. For fallout fuel weight, the takeoff 
fuel weight is changed for the auxiliary fuel tank weight given 7V aux tank (fixed W G - W pay = W 0 + Wf ue i). 
If the auxiliary tank weight is greater than the increment in fuel weight needed, then the fallout fuel 
weight Wfuei = Wq — Wo — W pay can not be achieved; in such a case, the fuel weight is capped at the 
maximum fuel capacity and the takeoff payload weight changed instead. For fuel tank design missions, 
iVauxtank and fuel tank capacity is determined from Wf ue i . Optionally the aircraft can refuel (either on the 
ground or in the air) at the start of a mission segment, by either filling all tanks to capacity or adding a 
specified fuel weight. Optionally fuel can be dropped at the start of a mission segment. The fixed useful 
load can have changes, including crew weight increment, equipment weight increment, and installed 
wing extension and other kits. 

For calculation of the time or distance in a mission segment, a headwind or tailwind can be specified. 
The wind velocity is a linear function of altitude h: V w = ±(max(0, c/ wind + ./wind /OF with the plus sign 
for a headwind and the minus sign for a tailwind. For example, Califomia-to-Hawaii 85 th percentile 
winter quartile headwind profile is V w = 9.59 + 0.001 1 0 // (with altitude h in ft). 

Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be 
defined in terms of specific mission segments, for example 200 miles plus 20 minutes at speed for best 
endurance. Fuel reserves can be an input fraction of the fuel burned by all (except reserve) mission 
segments, so Wf ue i = (1 + f re s)W\ )urn or Ff„ e i = (1 + /r es )-E burn ■ Fuel reserves can be an input fraction 
of the fuel capacity, so W fue i = W burn + /res^W-cap or F; fuel = E huin + f ies E iuel _ cap . If more than 
one criterion for reserve fuel is specified, the maximum reserve is used. Time and distance in reserve 
segments are not included in endurance and range . 

To facilitate specification of range, range calculated for a group of segments (typically climb and 
descent segments) can be credited to a designated distance segment. For mission analysis, missions can 
be fixed or adjustable. In an adjustable mission, the fuel is input, so the time or distance in specified 
segments is adjusted based on the calculated fuel burned. If more than one segment is adjusted, all must 
be distance or all must be time or hold. Each segment can have only one special designation: reserve, 
adjustable, or range credit. 

A segment with a large distance, time, or altitude change can be split into several segments, for 
more accurate calculation of the performance and fuel burned. The number of segments n can be input. 
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or calculated from an input increment A: n = [x/A] + 1, where the brackets indicate integer truncation, 
and x is the total distance, time, or altitude change. Then the change for each split segment is A = x/n. 

Table 4-1 summarizes the time T, distance D, and range dR calculations for each segment. The 
segment fuel burned is dW b ur n = Tw, where w is the fuel flow; and dE bmn = TE, where E is the energy 
flow. The horizontal velocity is 14, and the vertical velocity (climb or descent) is V c . The altitude at the 
start of the segment is h, and at the end of the segment (start of next segment) h en d. The wind speed is 
V vj , and the ground speed is 14 — V w . The air distance is calculated from the time and speed ( D/Vh ), 
without the wind speed. 

To use or replace fuel (weight or energy), the increment is specified in terms of the capacity 
(dlTbum = dtank T /tank ITfuei— cap) or the current fuel (dlTburn — dtank T /tan k If Vnei ) - Alternatively, a 
target fuel is specified and the increment calculated from the current fuel. The tank is charged if the 
energy rate is negative. The segment time T is the minimum of dW\ mrn /w or dE\ )Urn /E for all fuel tank 
systems. 

In an adjusted mission, the distances or times are changed at the end of the mission such that 
the sum of the fuel burned increments will equal the difference between takeoff fuel weight (plus any 
added fuel) and the calculated mission fuel: J2 dW bnm = Jf, w dT = w dD/(Vh - V w ) = AlTf ue i . The 
increments are apportioned among the adjusted segments by the factor /, determined from the ratio of 
the input distances or times: dD = fAD or dT = /AT. Hence AD = AWf ue i/( Jf, .f'w/iVh — V w )) or 
AT = AlTfuei/ ( J2 f 11 ) ■ The approach is similar if fuel energy is used, not weight. For a segment that 
is a source of range credit, the range increment is set to zero and the distance D is added to T> othe r of 
the destination segment. For the destination segment, the range contribution remains fixed at the input 
value, but the time and hence fuel burned are calculated from (dist — T othei .) . It is necessary to separately 
accumulate from earlier segments and /T,the, from later segments; D ot her from later segments 

are estimated initially from the last iteration. At the end of the mission, the times and fuel burned are 
recalculated for all range credit destination segments. 


Table 4-1. Mission segment calculations. 


segment kind 

time T 

distance D 

range dR 

taxi 

time 

0 

D 

distance 

D/(V h - V w ) 

dist 

D 

time 

time 

T(V h - V w ) 

D 

hold 

time 

0 

D 

climb 

( h hend } /Vc 

T(V h - V w ) 

D 

spiral 

( h hend )/Vc 

0 

D 

fuel 

dW hurn /w or dE buin /E 

T{V h - V w ) 

D 

burn 

dW huin /w or dE huin /E 

0 

D 

range credit 

source 

T 

D 

0 

destination 

D/{V h - V w ) 

dist -Mother 

dist 

adjusted 

distance 

T + dD/(V h — V w ) 

D + dD = D + fAD 

^new 

time 

T + dT = T+ /AT 

D + dT{V h - V w ) 

^new 

hold 

T + dT = T + /AT 

0 

-^new 
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The segment time, distance, and fuel burned are evaluated by integrating over the segment duration. 
This integration can be performed by using the horizontal velocity, climb velocity, and fuel flow obtained 
for the flight state with the gross weight and altitude at the start of the segment; or at the middle of the 
segment; or the average of the segment start and segment end values (trapezoidal integration). The gross 
weight at the segment middle equals the gross weight at the segment start, less half the segment fuel 
burned (obtained from the previous mission iteration). The gross weight at the segment end equals the 
gross weight at the segment start, less the segment fuel burned. With trapezoidal integration, for the 
output the flight state is finally evaluated at the segment middle. 

The mission endurance (block time), range, and fuel burned are E = R = ^2dR, Wburn = 
^dWbum (sum over all non-reserve segments). The reserve fuel from mission segments is IT res — 
Y dlTburn (sum over all reserve segments). Optionally the reserve fuel is the maximum of that from 
mission segments and the fraction / res Wbum, or the fraction / res Wf U ei- ca p. The calculated mission fuel 
is then IT fuel = W b urn + IT res . 


A fuel efficiency measure for the mission is the product of the payload and range, divided by the 
fuel weight: e = W pay R/W bnTn (ton-nm/lb or ton-nm/kg). A productivity measure for the mission is 
p = W pa . y V/Wo (ton-kt/lb or ton-kt/kg), where Wo is the operating weight and V the block speed; or 
P = IT pay V /IT burn (ton-kt/lb or ton-kt/kg). The Breguet range equation R = RFh\(Wo/W\) is obtained 
by integrating dR = —RF{dW/W) for constant range factor 


DP _ L/De WV/P 
sfc sfc 


The endurance E = EF2(^/wY/W[ — l) is obtained by integrating dE = E h ' v / M 7 o ( d W/ IT 3 / 2 ) for 
constant endurance factor 

L/D e ^WjW~ 0 = W/Ps/W/Wq 
sfc V sfc 

Constant RF implies operation at constant L/D e - WV/P. Constant EF implies operation at constant 
(L/D e )VW /V = W :i/2 /P (or constant C^ 2 /C D for an airplane). It follows that overall range and 
endurance factors can be calculated from the mission performance: 


RF = 


EF = 


R 

In TTo/ITi 
E 


(y/Wo JWi 


- 1 


where IT 0 = W to is the takeoff weight, and ITi = lT to - W'bum • If energy is burned, not weight, the 
efficiency metrics can be based on the equivalent fuel burned F\ turn / e re f and the range factor can be 
based on the equivalent specific fuel consumption. But since the weight does not change as energy is 
used, the equation dR = -RF{dW/W) integrates to R = i?T(ITb U m/IT). 


4-3 Takeoff Distance 

The takeoff distance can be calculated, either as ground run plus climb to clear an obstacle or 
accelerate-stop distance in case of engine failure . The obstacle height h Q is typically 35 ft for commercial 
transport aircraft, or 50 ft for military aircraft and general aviation. This calculation allows determination 
of the balanced field length: engine failure at critical speed, such that the distance to clear the obstacle 
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Figure 4-1. Takeoff distance and accelerate-stop distance elements. 


equals the distance to stop. Landing and VTOL takeoff calculations are not implemented, as these are 
best solved as an optimal control problem. 

The takeoff distance consists of a ground run, from zero ground speed to liftoff speed Vlo , perhaps 
including engine failure at speed Vef\ then rotation, transition, and climb; or decelerate to stop. Figure 
4-1 describes the elements of the takeoff distance and the accelerate-stop distance, with the associated 
speeds. The ground is at angle jc relative to the horizontal (inertial axes), with ~,g positive for takeoff up 
hill. The takeoff profile is defined in terms of ground speed or climb speed, input as calibrated airspeed 
(CAS). The aircraft speed relative to the air is obtained from the ground speed, wind, and ground slope. 
The aircraft acceleration as a function of ground speed is integrated to obtain the ground distance, as 
well as the time, height, and fuel burned. Usually the speed increases from the start to liftoff (or engine 
failure), but the calculated acceleration depends on the flight state specification. The analysis checks for 
consistency of the input velocity and the calculated acceleration (on the ground), and for consistency of 
the input height and input or calculated climb angle (during climb). 

The takeoff profile consists of a set of mission segments. The first segment is at the start of the 
takeoff, V = 0. Subsequent segments correspond to the ends of the integration intervals. The last 
segment has the aircraft at the required obstacle height, or stopped on the ground. The mission can 
consist of just one takeoff, more than one takeoff, or both takeoff and non-takeoff segments. Takeoff 
segments contribute to the mission fuel burned, but do not contribute to the mission time, distance, or 
range. The takeoff distance calculation is performed for a set of adjacent segments, the first segment 
specified as the takeoff start, and the last segment identified as before a non-takeoff segment or before 
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another takeoff start. The takeoff distance is calculated if a liftoff segment (with Vlo) is specified; 
otherwise the accelerate-stop distance is calculated. Table 4-2 summarizes the mission segments for 
takeoff calculations. There can be only one liftoff, engine failure, rotation, and transition segment 
(or none). The engine failure segment must occur before the liftoff segment. Rotation and transition 
segments must occur after liftoff. All ground run segments must be before liftoff, and all climb segments 
must be after liftoff. Takeoff segments (except start, rotation, and transition) can be split, in terms of 
height for climb and in terms of velocity for other segments. Splitting the takeoff or engine failure 
segment produces additional ground run segments. Separately defining multiple ground run, climb, or 
brake segments allows configuration variation during the takeoff. 

Each takeoff segment requires that the flight state specify the appropriate configuration, trim option, 
and maximum effort. In particular, the number of inoperative engines for a segment is part of the flight 
state specification, regardless of whether or not an engine failure segment is defined. The engine failure 
segment (if present) serves to implement a delay in decision after failure: for a time t. x after engine 
failure, the engine rating, power fraction, and friction of the engine failure segment are used (so the 
engine failure segment corresponds to conditions before failure). The number of inoperative engines 
specified must be consistent with the presence of the engine failure segment. The takeoff is assumed 
to occur at fixed altitude (so the maximum-effort variable can not be altitude). The flight state velocity 
specification is superseded by the ground or climb speed input for the takeoff segment. The flight state 
specification of height above ground level is superseded by the height input for the takeoff segment. 

The ground distance, time, height, and fuel burned are calculated for each takeoff segment. The 
takeoff distance or accelerate-stop distance is the sum of the ground distance of all segments. Takeoff 
segments do not contribute to mission time, distance, or range. 


Table 4-2. Mission segments for takeoff calculation. 


takeoff distance 


accelerate-stop distance 

start 

V = 0 

start 

V = 0 

ground run 

V 

ground run 

V 

engine failure 

Vef 

engine failure 

Vef 

ground run 

V 

brake 

V 

liftoff 

Vlo 

brake 

V = 0 

rotation 

Vr 



transition 

Vtr 



climb, to h 

Vcl 



climb, to h 0 

Vcl 




4-3.1 Ground Run 

The takeoff starts at zero ground speed and accelerates to liftoff ground speed Vlo (input as CAS). 
Possibly an engine failure speed Vef < Vlo is specified. Start, liftoff, and engine failure segments 
designate events, but otherwise are analyzed as ground run segments. The decision speed V\ is t-\ 
seconds after engine failure (typically t\ = 1 to 2 sec). Up to t\ after engine failure, conditions of the 
engine failure segment are used (so the engine failure segment corresponds to conditions before failure). 
The aircraft acceleration is obtained from the thrust minus drag {T — D in airplane notation), plus a 
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Ma = T — D — v(W -L) = Y,F X - 


from the force components in ground axes (rotated by the ground slope angle 7 G from inertial axes). 
Table 4-3 gives typical values of the friction coefficient //. The velocity of the aircraft relative to the 
air is obtained from the ground velocity V, wind velocity V w (assumed parallel to the ground here), 
and the ground slope: I7 = (V + V w )cosj g and V c = (V + V w ) sin j G - The takeoff configuration is 
specified, including atmosphere, in ground effect, gear down, power rating, nacelle tilt, flap setting, 
and number of inoperative engines. An appropriate trim option is specified, typically fixed attitude 
with longitudinal force trimmed using collective, for a given longitudinal acceleration. Perhaps the net 
aircraft yaw moment is trimmed with pedal. The maximum-effort condition is specified: maximum 
longitudinal acceleration (ground axes) for zero power margin. The aircraft acceleration as a function 
of ground speed is integrated to obtain the segment time, ground distance, height, and fuel burned: 


to = 


SG = 


dt= J 

v dt = 


dt I cLv 1/1 1 \ , N a 

d^ dv = T = ^2W + = 

seg seg 


dv 


dt 

v — dv = 
dv 


seg 

v dv 
a 


1 

^2 


1 

Oi- 


d(v 2 ) 
2 a 


seg seg 


h G = 0 

WG = f w f dt = Y_ 1 ( W/2 ^ W/ i ) A f 

J seg 

Trapezoidal integration is used; each segment corresponds to the end of an integration integral. 


Table 4-3. Typical friction coefficient \i. 


surface 

rolling 

braking 

dry and hard 

0.03-0.05 

0.30-0.50 

grass 

0.08 

0.20 

ice 

0.02 

0.06-0.10 


4-3.2 Brake 

After engine failure, the aircraft can decelerate to a stop. The operating engines are at idle. Reverse 
thrust is not permitted for the accelerate-stop distance calculation. The braking configuration is specified. 
Typically no trim option is executed; rather the aircraft has fixed attitude with controls for zero rotor 
thrust (such as zero collective and pedal). The aircraft acceleration as a function of ground speed is 
integrated, as for ground run. 


4-3.3 Rotation 

Rotation occurs at speed V R ; usually V R = V L o is used. The duration t R is specified, then s R = V R t R , 
h R = 0, and w R = ihft R are the ground distance, height, and fuel burned. Typically t R = 1 to 3 sec. 
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4-3.4 Transition 


Transition from liftoff to climb is modeled as a constant load factor pull-up to the specified climb 
angle 7, at speed Vtr. Usually Vtr = Vlo is used, and typically titr = 1.2. From the load factor 
n T R = l+V^ fl /5f?Tfldheflightpathradiusisf? Tfl = V^ R /(g(n TR -l)) and the pitch rate is 6 = V T r/Rtr- 
Then 


• tl/T E? V r r E? 

t T R = i/e = 7^p = 7 7 TR u 

Vtr gyriTR — 1 ) 


str = Rtr sin 7 


Htr = Rtr{ 1 - cos 7) 


WTR = WftrR 


are the time, ground distance, height, and fuel burned. 


4-3.5 Climb 

Climb occurs at an angle 7 relative to the ground and air speed Vcl , from the transition height 
h T R to the obstacle height h a (perhaps in several climb segments). The climb configuration is specified, 
including atmosphere, in ground effect, gear down or retracted, power rating, nacelle tilt, flap setting, 
and number of inoperative engines. An appropriate trim option is specified, typically aircraft force and 
moment trimmed with attitude and controls. The climb angle and air speed can be fixed or a maximum- 
effort condition can be specified. The maximum-effort options are fixed air speed and maximum rate of 
climb for zero power margin; or airspeed for best climb rate or best climb angle with maximum rate of 
climb for zero power margin. Not implemented is a maximum-effort calculation of maximum flight path 
acceleration for zero power margin, for specified climb angle; this calculation would require integration 
of the acceleration as a function of flight speed. For the climb segment, the input Vcl is the magnitude 
of the aircraft velocity relative to the air, and the climb angle relative to the horizon is 9 V = 7 + 7 G . 
Hence from the maximum-effort calculation, the climb angle relative to the ground is 7 = 0 V — and 
the ground speed is U ground = Vcl cos 7 - V w (from the wind speed V w ). Then 


tCL ^Cl/F ground 

SCL = (h- hast)/ tan 7 

hcL = h 
WCL = WftcL 

are the time, ground distance, height, and fuel burned. 

4-4 Flight State 

A flight state is defined for each flight condition (sizing task design conditions and flight performance 
analysis), and for each mission segment. The following parameters are required: 

a) Speed: flight speed and vertical rate of climb, with the following options: 

1) Specify horizontal speed (or forward speed or velocity magnitude), rate 
of climb (or climb angle) , and sideslip angle . 

2) Hover or vertical flight (input vertical rate of climb; climb angle 0 or 
±90 deg). 

3) Left or right sideward flight (input velocity and rate of climb; sideslip 
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angle ±90 deg). 

4) Rearward flight (input velocity and rate of climb; sideslip angle 180 
deg). 

b) Aircraft motion: 

1) Pitch and roll angles (Aircraft values or flight state input; initial values 
for trim variables, fixed otherwise). 

2) Turn, pull-up, or linear acceleration. 

c) Altitude: For mission segment, optionally input, or from last mission segment; 
climb segment end altitude from next segment. 

d) Atmosphere: 

1) Standard day, polar day, tropical day, or hot day at specified altitude. 

2) Standard day, polar day, or tropical day plus temperature increment. 

3) Standard day, polar day, or tropical day and specified temperature. 

4) Input density and temperature. 

5) Input density, speed of sound, and viscosity. 

e) Height of landing gear above ground level. Landing gear state (extended or 
retracted). 

f) Aircraft control state: input, or conversion schedule. 

g) Aircraft control values (Aircraft values or flight state input; initial values for trim 
variables, fixed otherwise). 

h) Aircraft center-of-gravity position (increment or input value). 

For each propulsion group, the following parameters are required: 

i) Drive system state. 

j) Rotor tip speed for primary rotor: 

1) Input. 

2) Reference. 

3) Conversion schedule or function speed. 

4) Default for hover, cruise, maneuver, one engine inoperative (OEI), or 
transmission sizing condition. 

5) From input C T /<r = t 0 — /it t , or //, or M at (where // is the rotor advance 
ratio, and M at is the rotor advancing tip Mach number). 

For each engine group (which is associated with a propulsion group): 

k) Number of inoperative engines. 

l) Infrared suppressor state: off (hot exhaust) or on (suppressed exhaust). 

m) Engine rating, fraction of rated engine power available, and drive system rating. 

For each jet group: 

n) Number of inoperative jets. 

o) Jet rating, fraction of rated thrust available. 
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For each charge group: 

p) Number of inoperative chargers. 

q) Charger rating, fraction of rated power available. 

Aircraft and rotor performance parameters for each flight state: 

r) Aircraft drag: forward flight drag increment, accounting for payload aerodynam- 
ics. 

s) Rotor performance: induced power factor k and profile power mean c, L . 

The aircraft trim state and trim targets are also specified. 

The aircraft performance can be analyzed for the specified state , or a maximum-effort performance 
can be identified. For the maximum effort, a quantity and variable are specified. The available maximum- 
effort quantities include: 

a) Best endurance: maximum 1/w. 

b) Best range: 99% maximum V/w (high side), or low side, or 100%. 

c) Best climb or descent rate: maximum V z or 1/P. 

d) Best climb or descent angle: maximum 14/14 or V/P. 

e) Ceiling: maximum altitude. 

f) Power limit: zero power margin, min(P au p G - P re qPG) = 0 (minimum over all 
propulsion groups). 

g) Torque limit: zero torque margin, min((5ii m it - Qreq) = 0 (minimum over all 
propulsion groups, engine groups, and rotors; Qiimit expressed as power at reference 
rotation speed). 

j) Jet thrust limit: zero thrust margin, min (T uv jg — T reqJ G) = 0 (minimum over all 
jet groups). 

i) Power limit or torque limit or thrust limit: most restrictive. 

j) Battery limit: zero power margin, min(P max — |P b att|) = 0 (minimum over all fuel 
tanks). 

k) Rotor stall: zero rotor thrust margin, (Ct / o’) max — Cr/cr 0 (for designated rotor, 

steady or transient limit). 

l) Wing stall: zero wing lift margin, C tmax — Cl 0 (for designated wing). 

Here w is the aircraft fuel flow (or equivalent fuel flow E/e ie f), and P is the aircraft power. The available 
maximum-effort variables include: 

a) Horizontal velocity 14 or vertical rate of climb V z (times an input factor). 

b) Aircraft sideslip angle. 

c) Altitude . 

d) Aircraft angular rate, 6 (pull-up) or 4 (turn). 

e) Aircraft linear acceleration (airframe, inertial, or ground axes). 

f) Aircraft controls. 

g) Aire raft orientation, 0 (pitch) or 6 (roll). 

h) Propulsion group tip speed or engine speed. 

If the variable is velocity, first the velocity is found for the specified maximum effort; then the performance 
is evaluated at that velocity times an input factor. For endurance, range, or climb, the slope of the quantity 
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to be maximized must be zero; hence in all cases the target is zero. The slope of the quantity is evaluated 
by first-order backward difference. For the range, first the variable is found such that V/w is maximized 
(slope zero), then the variable is found such that V/w equals 99% of that maximum. Two maximum- 
effort quantity /variable pairs can be specified, and solved in nested iterations. The secant method or 
the method of false position is used to solve for the maximum effort. The task of finding maximum 
endurance, range, or climb is usually solved using the golden- section or curve-fit method. A tolerance 
e and a perturbation A are specified. 

Given the gross weight and useful load (from the flight condition or mission specification), the 
performance is calculated for this flight state. The calculated state information includes weight, speed 
and velocity orientation (climb and sideslip), aircraft Euler angles, rotor tip speeds, and aircraft controls. 

A number of performance metrics are calculated for each flight state. The aircraft effective drag is 
D e = P/V, hence the effective lift-to-drag ratio is L/D e = WV/P. For these metrics, the aircraft power 
is the sum of the engine group power and jet group propulsive power: P = P req + Vl) et . The specific 
range is the ratio of the speed to the fuel flow: V/w (nm/lb or nm/kg). From the Breguet range equation, 
it follows that the range for which the fuel equals 1 % of the gross weight is 

r i% GW = ^ In ( Jg) 

A fuel efficiency measure is the product of the payload and specific range: e = W pay (V/w) (ton- 
nm/lb or ton-nm/kg). A productivity measure is p = W pay V/Wo (ton-kt/lb or ton-kt/kg), where Wo is 
the operating weight. If fuel energy is used, not weight, these performance metrics are based on the 
equivalent w and equivalent sfc. 

The aircraft weight statement defines the fixed useful load and operating weight for the design 
configuration. For each flight state, the fixed useful load may be different from the design configuration, 
because of changes in auxiliary fuel tank weight or kit weights or increments in crew or equipment 
weights. Thus the fixed useful load weight is calculated for the flight state; and from it the useful load 
weight and operating weight. The gross weight, payload weight, and usable fuel weight (in standard 
and auxiliary tanks) completes the weight information for the flight state . 

4-5 Environment and Atmosphere 

The aerodynamic environment is defined by the speed of sound c s , density p, and kinematic viscosity 
v = p/p of the air (or other fluid). These quantities can be obtained from the standard day (International 
Standard Atmosphere), or input directly. Polar day, tropical day, and hot day atmospheres can also be 
used. The following options are implemented: 

a) Input the altitude h geom and a temperature increment AT. Calculate the temper- 
ature from altitude and pressure from temperature for the standard day (or polar 
day, tropical day, hot day), add AT, and then calculate the density from the equa- 
tion of state for a perfect gas. Calculate the speed of sound and viscosity from the 
temperature. 

b) Input the pressure altitude h geom and the temperature r (°F or °C). Calculate the 
pressure (from temperature vs. altitude) for the standard day (or polar day, tropical 
day, hot day), and then calculate the density from the equation of state for a perfect 
gas. Calculate the speed of sound and viscosity from the temperature. 
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c) Input the density p and the temperature r (°F or °C). Calculate the speed of sound 
and viscosity from the temperature . 

d) Input the density p, sound speed c s , and viscosity p. Calculate the temperature 
from the sound speed. 

Here h . geo m is the geometric altitude above mean sea level. The sources of the atmosphere descriptions 
are references 1-6. 

The gravitational acceleration g can have the standard value or an input value. 

The International Standard Atmosphere (ISA) is a model for the variation with altitude of pressure, 
temperature, density, and viscosity, published as International Standard ISO 2533 by the International 
Organization for Standardization (ISO) (ref. 1). The ISA is intended for use in calculations and design 
of flying vehicles, to present the test results of flying vehicles and their components under identical 
conditions, and to allow unification in the field of development and calibration of instruments. The ISA 
is defined up to 80 km geopotential altitude and is identical to the ICAO Standard Atmosphere up to 32 
km. 


Dry air is modeled in the ISA as a perfect gas with a mean molecular weight, and hence a gas 
constant R, defined by adopted values for sea level pressure, temperature, and density (p 0 ,T 0 , p 0 ). The 
speed of sound at sea level c s0 is defined by an adopted value for the ratio of specific heats 7. The variation 
of temperature with geopotential altitude is defined by adopted values for vertical temperature gradients 
(lapse rates, L b ) and altitudes (to,). The variation of pressure with geopotential altitude is further defined 
by an adopted value for the standard acceleration of free fall ( g ). The variation of dynamic viscosity // 
with temperature is defined by adopted values for Sutherland’s empirical coefficients /3 and S. 

The required parameters are given in table 4-4, including the acceleration produced by gravity, g. 
The temperature T is in °K, while r is °C (perhaps input as °F); T = T zero + r. The gas constant is 
R = p 0 /p 0 T 0 , and p 0 is actually obtained from S and fl. The standard atmosphere is defined in SI units. 
Although table 4-4 gives values in both SI and English units, all the calculations for the aerodynamic 
environment are performed in SI units. As required, the results are converted to English units using the 
exact conversion factors for length and force. 

The ISA consists of a series of altitude ranges with constant lapse rate L b (linear temperature change 
with altitude). Thus at altitude h g , the standard day temperature is 

T s td = T b + L b (h g — h b ) 

for h g > h b . The altitude ranges and lapse rates are given in table 4-5. Note that h 0 is sea level, and hi is 
the boundary between the troposphere and the stratosphere. This altitude h g is the geopotential height, 
calculated assuming constant acceleration due to gravity. The geometric height h is calculated using an 
inverse square law for gravity. Hence h g = rh/ (r + h) , where r is the nominal radius of the Earth. The 
standard day pressure is obtained from hydrostatic equilibrium (dp = —pg dh g ) and the equation of state 
for a perfect gas (p = pRT, so dp/p = — ( g/RT)dh g ). In isothermal regions (L b = 0) the standard day 
pressure is 

Pstd = e -{g/RT)(h g -h b ) 

Pb 

and in gradient regions (L b / 0) 

Pstd f T \ ~ 9/RLb 
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where pb is the pressure at h b , obtained from these equations by working up from sea level. Let T 0 ,p 0 ,po, 
c s o, po be the temperature, pressure, density, sound speed, and viscosity at sea level standard conditions. 
Then the density, sound speed, and viscosity are obtained from 


P = Po 


Cs — C s 0 


M 



' rp \ 1/2 

To/ 

(T/Tp) 3 / 2 \ 

a(T/T 0 ) + 1 — a) 


where /i 0 = (3T^ 2 / (T 0 + S) and a = T 0 /(T 0 + S) . For the cases using input temperature, T = T zero + r. 
The density altitude and pressure altitude are calculated for reference. From the density and the standard 
day (troposphere only), the density altitude is: 




\Lo\ 


\ i/(g/R\L 0 \-i)' 


PoJ 


From the pressure p = pRT and the standard day, 


= TL ( i - ( ^ ) 

PoJ 


\ l/(fl'/-R|-^ / o|)\ rp / 


|£ol 


T \ i/(g/R\L 0 \R 
Po T 0 ) 


is the pressure altitude. 

The polar and tropical days are atmospheric models that describe realistic profiles of extremes 
of temperature and density, needed to calculate performance in near- worst-case conditions (ref. 6). 
These atmospheres are hydrodynamically balanced and can be used in calculations involving engine 
performance and aerodynamic characteristics, including calculations of true vertical velocity (ref. 4). 
Tables of air properties for the polar and tropical days are given in MIL-STD-3013A, based on MIL- 
STD-210A. The break points in the lapse rates are evident in MIL-STD-210A, in terms of degrees C 
as a function of altitude in ft (geopotential altitude in MIL-C-501 IB). The pressure ratio at sea level is 
S = 30.268/29.92 = 1.0116 for the polar day, and <5=1 for the tropical day. The altitude ranges and lapse 
rates are given in table 4-6 for the polar day and in table 4-7 for the tropical day. Figure 4-2 compares 
the temperature profiles. The air properties for the polar and tropical days are calculated from hb, L b , 
and T b using the equations of hydrostatic equilibrium, as for the standard day. The primary data for the 
polar and tropical days are the altitude in ft and temperature in °C; h b in km and L b are derived using 
the exact conversion factor for length. 

The conditions of the standard day, polar day, and tropical day are applicable to free air conditions. 
Temperatures close to the surface of the earth, even at high elevations, can be considerably higher 
than those for free air. The hot day is a model of ground-level atmospheric conditions, to be used for 
takeoff and other ground operations at elevations up to 15,000 ft (ref. 6). The hot day properties are 
statistically sampled and are not hydrodynamically balanced, hence should be used for approximately 
constant altitude conditions (ref. 4). 

The origins of the hot day are in ref. 2, which has 103°F for sea level, and a lapse rate — 3.7°F per 
1000 ft (geometric) to 40,000 ft. The pressure in the table is from the equations for equilibrium, which 
gives the pressure altitude; these data are not used further. According to MIL-STD-210A (paragraph 
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3.1.1), the pressure (hence pressure altitude) as a function of altitude was obtained from statistics. Up 
to 15,000 ft, the ratio of geometric altitude to pressure altitude is 1.050. The -3.7 geometric lapse rate 
plus the mapping of geometric to pressure altitude gave °F vs. pressure altitude, rounded to 1 decimal 
place. Then °C was calculated from °F, rounded to 1 decimal place. The pressure ratio <5 followed 
from the pressure altitude. The geometric altitude (to 35,000 ft) in MIL-STD-210A was calculated from 
the temperature and the —3.7 lapse rate, rounded to 100s. MIL-C-5011B has the same data as MIL- 
STD-210A, but does not give geometric altitude, and truncates the table at 15,000 ft. MIL-STD-3013A 
took °C (already rounded to 1 decimal place) vs. pressure altitude (ft) from MIL-STD-210A as the 
temperature profile up to 15,000 ft, and calculated °F (2 decimal places, so no more loss of information) 
from °C. The geopotential altitude was calculated from °C and — 3.7°F lapse rate, rounded to 100s; but 
this altitude information is not meaningful, since the atmosphere is not in equilibrium; only the pressure 
altitude is used. Thus the hot day model has a sea level temperature of 39.4°C (102.92°F). Curve fitting 
the data to 15,000 ft gives a lapse rate of — 7.065°C per 1000 m = — 2.1534°C per 1000 ft (table 4-8). 

Given the pressure altitude h, the hot day temperature and pressure ratio are 


Thot 

Phot 

Po 


Tf, + Lb(h — hb) 



-g/RL b 


using the standard day L 0 = —6.5. A constant lapse rate fits the tabular data for the hot day atmosphere 
to only about 0.1°C. Thus the tabular data can be used directly instead (table 4-9, from MIL-C-501 IB), 
with linear interpolation to the specified pressure altitude. MIL-STD-3013A has the same data, but only 
for altitudes a multiple of 1000 ft. 
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Profiles to Define Air Vehicle Performance Capability.” MIL-STD-3013A, September 2008. 
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altitude (km) 


Figure 4-2. Temperature as a function of altitude. 


Table 4-4. Constants adopted for calculation of the ISA. 


parameter 

SI units 

English units 

units h 

m 

ft 

units r 

°C 

°F 

m per ft 


0.3048 

kg per lbm 


0.45359237 

T 0 

288.15 °K 

518.67 °R 

T Z ero 

273.15 °K 

459.67 °R 

Po 

101325.0 N/m 2 

2116.22 lb/ft 2 

Po 

1.225 kg/m 3 

0.002377 slug/ft 3 


340.294 m/sec 

1 1 16.45 ft/sec 

Po 

1 .7894E-5 kg/m-sec 

3.7372E-7 slug/ft-sec 

S 

110.4 °K 


(3 

1 .458E-6 


7 

1.4 


9 

9.80665 m/sec 2 

32.17405 ft/sec 2 

r 

6356766 m 

20855531 ft 
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Table 4-5. Temperatures and vertical temperature gradients: standard day. 


level 


base altitude h b 
km 

lapse rate L b 
°K/km 

temperature T b 
°K °C 

°F 


troposphere 

-2 

-6.5 

301.15 

28 

82.4 

0 

troposphere 

0 

-6.5 

288.15 

15 

59 

1 

tropopause 

11 

0 

216.65 

-56.5 

-69.7 

2 

stratosphere 

20 

+ 1.0 

216.65 

-56.5 

-69.7 

3 

stratosphere 

32 

+2.8 

228.65 

-14.5 

-48.1 

4 

stratopause 

47 

0 

270.65 

-2.5 

27.5 

5 

mesosphere 

51 

-2.8 

270.65 

-2.5 

27.5 

6 

mesosphere 

71 

-2.0 

214.65 

-58.5 

-73.3 

7 

mesopause 

80 

0 

196.65 

-76.5 

-105.7 


Table 4-6. Temperatures and vertical temperature gradients: polar day. 


base altitude h b 

lapse rate L b 

temperature T b 


pressure ratio 

ft 

km * 

°K/km * 

°K °C 

op * 

6 = p/p 0 

0 

0 

6.326 

246.15 -27 

-16.6 

30.268/29.92 

3111.871 

0.948 

-1.083 

252.15 -21 

-5.8 


9172.604 

2.796 

-5.511 

250.15 -23 

-9.4 


28224.543 

8.603 

-0.476 

218.15 -55 

-67.0 


83363.393 

25.409 

0 

210.15 -63 

-81.4 


* derived 






Table 4-7. Temperatures and vertical temperature gradients 

.: tropical day. 

base altitude h b 

lapse rate L b 

temperature T b 


pressure ratio 

ft 

km * 

°K/km * 

°K °C 

op * 

5 = p/po 

0 

0 

-6.687 

305.25 32.1 

89.78 

1 

55000 

16.764 

4.374 

193.15 -80 

-112.00 


70000 

21.336 

2.401 

213.15 -60 

-76.00 


100745 

30.707 


235.65 -37.5 

-35.50 


* derived 






Table 4-8. 

Temperatures and vertical temperature gradients: hot day. 


base altitude h b 

lapse rate L b 

temperature T b 


pressure ratio 

ft km * 

°K/km 

°K °C 

op * 

S = p/p 0 

0 0 


-7.065 

312.55 39.4 

102.92 

1 

15000 4.572 


280.25 * 7.10 * 

44.78 



* derived 
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Table 4-9. Temperature table for hot day (from MIL-C-501 IB). 


pressure 

ft 

altitude 
km * 

temperature 
°K °C 

op * 

0 

0 

312.55 

39.4 

102.92 

500 

0.152 

311.55 

38.4 

101.12 

1000 

0.305 

310.45 

37.3 

99.14 

1500 

0.457 

309.45 

36.3 

97.34 

2000 

0.610 

308.35 

35.2 

95.36 

2500 

0.762 

307.25 

34.1 

93.38 

3000 

0.914 

306.25 

33.1 

91.58 

3500 

1.067 

305.15 

32.0 

89.60 

4000 

1.219 

304.05 

30.9 

87.62 

4500 

1.372 

302.95 

29.8 

85.64 

5000 

1.524 

301.85 

28.7 

83.66 

5500 

1.676 

300.75 

27.6 

81.68 

6000 

1.829 

299.65 

26.5 

79.70 

6500 

1.981 

298.55 

25.4 

77.72 

7000 

2.134 

297.45 

24.3 

75.74 

7500 

2.286 

296.35 

23.2 

73.76 

8000 

2.438 

295.25 

22.1 

71.78 

8500 

2.591 

294.15 

21.0 

69.80 

9000 

2.743 

293.05 

19.9 

67.82 

9500 

2.896 

291.95 

18.8 

65.84 

10000 

3.048 

290.85 

17.7 

63.86 

10500 

3.200 

289.85 

16.7 

62.06 

11000 

3.353 

288.85 

15.7 

60.26 

11500 

3.505 

287.75 

14.6 

58.28 

12000 

3.658 

286.75 

13.6 

56.48 

12500 

3.810 

285.65 

12.5 

54.50 

13000 

3.962 

284.55 

11.4 

52.52 

13500 

4.115 

283.55 

10.4 

50.72 

14000 

4.267 

282.45 

9.3 

48.74 

14500 

4.420 

281.35 

8.2 

46.76 

15000 

4.572 

280.35 

7.2 

44.96 


* derived 



42 


Operation 



Chapter 5 


Solution Procedures 


The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft 
to satisfy specified design conditions and missions. The analysis tasks can include off-design mission 
performance analysis, flight performance calculation for point operating conditions, and generation of 
subsystem or component performance maps. Figure 5-1 illustrates the tasks. The principal tasks (sizing, 
mission analysis, and flight performance analysis) are shown in the figure as boxes with dark borders. 
Dark black arrows show control of subordinate tasks. 

The aircraft description (fig. 5-1) consists of all the information, input and derived, that defines 
the aircraft. The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and 
propulsion. This information can be the result of the sizing task; can come entirely from input, for a 
fixed model; or can come from the sizing task in a previous case or previous job. The aircraft description 
information is available to all tasks and all solutions (indicated by light green arrows). 

Missions are defined for the sizing task and for the mission performance analysis . A mission consists 
of a specified number of mission segments, for which time, distance, and fuel burn are evaluated. For 
specified takeoff fuel weight with adjustable segments, the mission time or distance is adjusted so the 
fuel required for the mission (burned plus reserve) equals the takeoff fuel weight. The mission iteration 
is on fuel weight or energy. 

Flight conditions are specified for the sizing task and for the flight performance analysis. 

For flight conditions and mission takeoff, the gross weight can be maximized such that the power 
required equals the power available. 

A flight state is defined for each mission segment and each flight condition. The aircraft performance 
can be analyzed for the specified state, or a maximum-effort performance can be identified. The 
maximum effort is specified in terms of a quantity such as best endurance or best range , and a variable 
such as speed, rate of climb, or altitude. The aircraft must be trimmed, by solving for the controls 
and motion that produce equilibrium in the specified flight state . Different trim solution definitions are 
required for various flight states. Evaluating the rotor hub forces may require solution of the blade flap 
equations of motion. 

The sizing task is described in more detail in chapter 3. The flight condition, mission, and flight 
state calculations are described in chapter 4. The solution of the blade flap equations of motion is 
described in chapter 1 1 . The present chapter provides details of the solution procedures implemented 
for each iteration of the analysis. 

The nested iteration loops involved in the solution process are indicated by the subtitles in the 
boxes of figure 5-1, and illustrated in more detail in figure 5-2. The flight state solution involves up 
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fixed model or 
previous job or 



Figure 5-1 . Outline of NDARC tasks. 


to three loops. The innermost loop is the solution of the blade flap equations of motion, needed for an 
accurate evaluation of the rotor hub forces. The next loop is the trim solution, which is required for 
most flight states. The flight state optionally has one or two maximum-effort iterations. The flight state 
solution is executed for each flight condition and for each mission segment. A flight condition solution 
or any mission segment solution can optionally maximize the aircraft gross weight. The mission usually 
requires an iterative solution, for fuel weight or for adjustable segment time or distance. Thus each flight 
condition solution involves up to four nested iterations: maximum gross weight (outer), maximum effort, 
trim, and blade motion (inner). Each mission solution involves up to five nested iterations: mission 
(outer), and then for each segment maximum gross weight, maximum effort, trim, and blade motion 
(inner). Finally, the design task introduces a sizing iteration, which is the outermost loop of the process. 
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Sizing Task 

Size Iteration 


method: successive 
substitution 


Missions 


Flight Conditions 


Mission Analysis 



Flight Performance Analysis 


Flight Conditions 


Flight Condition 


Maximum GW 


method: secant or false position 


Flight State 


Mission 


Mission Iteration 

fuel weight, adjust time/distrance 

method: successive substitution 



Maximum GW 


method: secant or false 
position 

Flight State 


Flight State 

Maximum Effort 

method: golden section search for maximum endurance, 
range, or climb; otherwise secant or false position 

Trim 

method: Newton-Raphson 

Component Performance 
Blade Flapping 
method: Newton-Raphson 


Figure 5-2. Design and analysis tasks, with nested loops and solution methods. 
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5-1 Iterative Solution Tasks 


5-1.1 Tolerance and Perturbation 

For each solution procedure, a tolerance e and a perturbation A may be required. Single values are 
specified for the task and then scaled for each element tested or perturbed. 

The scaling is based on a reference weight W (design gross weight, or derived from aircraft 
Ct/(j = 0.07), a reference length L (fuselage length, rotor radius, or wing span), and a reference power 
P (aircraft installed power, or derived from P = W s/W/2pA). Then the force reference is F IF, 
the moment reference is M = WL/IQ, and the angle reference is A 1 deg. The velocity reference is 
V = 400 knots. The angular velocity reference is f l = V/L (in deg/sec). The coefficient reference is 
C = 0.6 for wings and C = 0.1 for rotors. Altitude scale is // = 10000 ft. Acceleration scale is G = g 
(acceleration due to gravity). The range scale is X = 100 nm. These scaling variables are referred to in 
the subsections that follow, and in tables 5-1 to 5-4. 

5-1.2 Size Aircraft 

The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a 
specified set of design conditions and missions. The aircraft size is characterized by parameters such as 
design gross weight, weight empty, rotor radius, and engine power available. The relationships between 
dimensions, power, and weight generally require an iterative solution. From the design flight conditions 
and missions, the task can determine the total engine power or the rotor radius (or both power and radius 
can be fixed), as well as the design gross weight, maximum takeoff weight, drive system torque limit, 
and fuel tank capacity. For each propulsion group, the engine power or the rotor radius can be sized. 

A successive substitution method is used for the sizing iteration, with an input tolerance e. Relax- 
ation is applied to P eng or R, T jet , P chrg , W D , W M to, Poswunt, Wfuei-ca P or P fue i_ cap , and T d e S i g n. Two 
successive substitution loops are used. The outer loop is an iteration on performance: engine power 
or rotor radius, jet thrust, charger power. The inner loop is an iteration on parameters: Wo , Wmto, 
Posiimit , ITfuei— cap or Pf uel _ cap , and 7 design . Either loop can be absent, depending on the definition of the 
size task. Convergence is tested in terms of these parameters, and the aircraft weight empty We- The 
tolerance is O.IPe for engine power and drive system limit; 0.01 IT <= for gross weight, maximum takeoff 
weight, fuel weight, jet thrust, and design rotor thrust; and 0.1 Le for rotor radius. 

5-1.3 Mission 

Missions consist of a specified number of segments, for which time, distance, and fuel burn are 
evaluated. For calculated mission fuel weight, the fuel weight at takeoff is adjusted to equal the fuel 
required for the mission (burned plus reserve) . For specified takeoff fuel weight with adjustable segments , 
the mission time or distance is adjusted so the fuel required for the mission (burned plus reserve) equals 
the takeoff fuel weight. The mission iteration is thus on fuel weight or energy. Range credit segments 
can also require an iteration. 

A successive substitution method is used if an iteration is required, with a tolerance e specified. 
The principal iteration variable is takeoff fuel weight, for which the tolerance is O.OlWe. For calculated 
mission fuel weight, the relaxation is applied to the mission fuel value used to update the takeoff fuel 
weight. For specified takeoff fuel weight, the relationship is applied to the fuel weight increment used 
to adjust the mission segments. The tolerance for the distance flown in range credit segments is Xe. The 
relaxation is applied to the distance flown in the destination segments for range credit. 
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5-1.4 Maximum Gross Weight 

Flight conditions are specified for the sizing task and for the flight performance analysis. Mission 
takeoff conditions are specified for the sizing task and for the mission analysis. Optionally for flight 
conditions and mission takeoff, the gross weight can be maximized, such that the power required equals 
the power available, mm(P avP G—PreqPG) = 0 (zero power margin, minimum over all propulsion groups); 
or such that the power required equals an input power, min((d + fP av PG ) — PreqPG) = 0 (minimum over 
all propulsion groups, with d an input power and / an input factor; this convention allows the power to 
be input directly, / = 0, or scaled with power available). Similarly, the gross weight can be maximized 
for zero jet thrust margin, or zero torque margin. 

The secant method or the method of false position is used to solve for the maximum gross weight. 
A tolerance e and a perturbation A are specified. The variable is gross weight, with initial increment of 
W A, and tolerance of O.OlWe. Note that the convergence test is applied to the magnitude of the gross 
weight increment. 


5-1.5 Maximum Effort 

The aircraft performance can be analyzed for the specified state or a maximum-effort performance 
can be identified. The secant method or the method of false position is used to solve for the maximum 
effort. The task of finding maximum endurance, range, or climb is usually solved using the golden- 
section or curve-fit method. A tolerance e and a perturbation A are specified. 

A quantity and variable are specified for the maximum-effort calculation. Tables 5-1 and 5-2 
summarize the available choices, with the tolerance and initial increment used for the variables. Note 
that the convergence test is applied to the magnitude of the variable increment. Optionally two quantity/ 
variable pairs can be specified, solved in nested iterations. The two variables must be unique. The two 
variables can maximize the same quantity (endurance, range, or climb). If the variable is velocity, first 
the velocity is found for the specified maximum effort; the performance is then evaluated at that velocity 
times an input factor. For endurance, range, or climb, the slope of the quantity to be maximized must be 
zero; hence in ah cases the target is zero. The slope of the quantity is evaluated by first-order backward 
difference. For the range, first the variable is found such that V/w is maximized (slope zero), and then 
the variable is found such that V/w equals 99% of that maximum; for the latter the variable perturbation 
is increased by a factor of 4 to ensure that the solution is found on the correct side of the maximum. 


Table 5-1. Maximum-effort solution. 


maximum-effort variable 


initial increment 

tolerance 

horizontal velocity 

v h 

0.1EA 

O.lVe 

vertical rate of climb 

v z 

0.1EA 

O.lVe 

aircraft velocity 

f 3 (sideslip) 

100AA 

lOOAe 

altitude 


HA 

He 

aircraft angular rate 

6 (pullup), ip (turn) 

VIA 

Vie 

aircraft linear acceleration 

ttx ? tty ? tt z 

GA 

Ge 

aircraft control 

angle 

100AA 

lOOAe 

aircraft orientation 

6 (pitch) , <p (roll) 

100AA 

lOOAe 

propulsion group tip speed 

Vtip 

VA 

Ee 

propulsion group engine speed 

Aspec 

10QA 

lOfie 
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Table 5-2. Maximum-effort solution. 


maximum-effort quantity 

best endurance 

maximum 1 /w 


best range 

99% maximum V/w 

high or low side, or 100% 

best climb or descent rate 

maximum V z or 1 /P 


best climb or descent angle 

maximum V z /V or V/P 


ceiling 

maximum altitude 


power limit 

power margin, min {P avPG - P req PG ) = 0 

over all propulsion groups 

torque limit 

torque margin, min(Qi imit - Q r e q ) = 0 

over all limits 

thrust limit 

thrust margin, min (T avJG - T reqJG ) = 0 

over all jet groups 

power, torque, thrust limit 

power, torque , thrust margin 

most restrictive 

battery limit 

power margin, min (P max - |£batt|) = 0 

over all fuel tanks 

rotor stall 

thrust margin, (Cr/cr) max - C t /cf = 0 

for designated rotor 

wing stall 

lift margin, C Lm ax - C L = 0 

for designated wing 


Table 5-3. Trim solution. 


trim quantity 


target 

tolerance 

aircraft total force 

x,y,z components 

0 

Fe 

aircraft total moment 

x,y,z components 

0 

Me 

aircraft load factor 

x,y,z components 

Flight State 

e 

propulsion group power 


Flight State 

Pe 

power margin 

PavPG PreqPG 

Flight State 

Pe 

torque margin 

T/J.S'limi, PreqPG 

Flight State 

Pe 

engine group power 


Flight State 

Pe 

power margin 

PavEG PreqEG 

Flight State 

Pe 

jet group thrust 


Flight State 

Fe 

thrust margin 

PavJG PreqJG 

Flight State 

Fe 

charge group power 


Flight State 

Pe 

charge power margin 

PavCG — PreqCG 

Flight State 

Pe 

fuel tank energy flow 

-hbatt 

Flight State 

Pe 

battery power margin 

hnax | k'batt | 

Flight State 

Pe 

rotor force 

lift, vertical, propulsive 

Flight State, component schedule 

Fe 

rotor thrust 

Ct / o’ 

Flight State, component schedule 

Ce 

rotor thrust margin 

(Cr/cr) m ax — Ct/ct 

Flight State 

Ce 

rotor flapping 

Pc, Ps 

Flight State 

Ae 

rotor hub moment 

x (roll), y (pitch) 

Flight State 

Me 

rotor torque 


Flight State 

Me 

wing force 

lift 

Flight State, component schedule 

Fe 

wing lift coefficient 

C L 

Flight State, component schedule 

Ce 

wing lift margin 

CTmax — Cl 

Flight State 

Ce 

tail force 

lift 

Flight State 

Fe 
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Table 5-4. Trim solution. 


trim variable 


perturbation 

aircraft control 

angle 

100AA 

aircraft orientation 

9 (pitch), <j> (roll) 

100AA 

aircraft velocity 

Vh (horizontal velocity) 

FA 

aircraft velocity 

V z (vertical velocity) 

FA 

aircraft velocity 

(3 (sideslip) 

100AA 

aircraft angular rate 

6 (pullup), ip (turn) 

OA 

propulsion group tip speed 

Ftip 

20FA 

propulsion group engine speed 

- 'spec 

10OA 


5-1.6 Trim 

The aircraft trim operation solves for the controls and motion that produce equilibrium in the 
specified flight state. A Newton-Raphson method is used for trim. The derivative matrix is obtained by 
numerical perturbation. A tolerance e and a perturbation A are specified. 

Different trim solution definitions are required for various flight states. Therefore one or more 
trim states are defined for the analysis, and the appropriate trim state selected for each flight state of 
a performance condition or mission segment. For each trim state, the trim quantities, trim variables, 
and targets are specified. Tables 5-3 and 5-4 summarize the available choices, with the tolerances and 
perturbations used. 


5-1.7 Rotor Flap Equations 

Evaluating the rotor hub forces may require solution of the flap equations E(v) = 0. For tip- 
path plane command, the thrust and flapping are known, so v = (6*0.75 d c 0 S ) T . For no-feathering plane 
command, the thrust and cyclic pitch are known, so v = ($ 0.75 PcPs) T ■ A Newton-Raphson solution 
method is used: from E(v n+ 1 ) = E(v n ) + (dE/dv)(v n+ 1 — v n ) = 0, the iterative solution is 

v n+ i =v n -C E(v n ) 

where C - f{dE/dv)~ 1 , including the relaxation factor /. The derivative matrix for axial flow can be 
used. Alternatively, the derivative matrix dE/dv can be obtained by numerical perturbation. Convergence 
of the Newton-Raphson iteration is tested in terms of \E\ < e for each equation, where e is an input 
tolerance. 


5-2 Theory 

The analysis uses several methods to solve nonlinear algebraic equations. Such equations may be 
written in two forms: (a) fixed point x = G(x ) , and (b) zero point f(x) = 0; where x, G, and / are vectors. 
The analysis provides operations that implement the function G or /. Solution procedures appropriate 
for the zero point form can be applied to equations in fixed point form, by defining f(x) - x — G{x). In 
this context, / can be considered the iteration error. 

Efficient and convergent methods are required to find the solution x = a of these equations. Note 
that f'(a) = 0 or G'(a) = 1 means that a is a higher-order root. For nonlinear problems, the method will 
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successive substitution iteration 
save : r 0 id = x 
evaluate x 

relax : x = Xx + (1 - A)r 0 id 

test convergence : error = ||x — ar Q id 1 1 < Atolerance x weight 

Figure 5-3. Outline of successive substitution method. 


be iterative: x n+ \ = F(x n ). The operation F depends on the solution method. The solution error is: 

e„ + i = a- x n+ i = F(a) - F{x n ) = (a- x n )F'(£ n ) = e n F'(a) 

Thus the iteration will converge if F is not too sensitive to errors in x: \F'(a)\ < 1 for scalar x. For 
x a vector, the criterion is that all the eigenvalues of the derivative matrix dF/dx have magnitude less 
than one. The equations in this section are generally written for scalar x; the extension to vector x 
is straightforward. Convergence is linear for F' nonzero, quadratic for F' = 0. Iterative methods 
have a relaxation factor (and other parameters) to improve convergence, and a tolerance to measure 
convergence. 

The following subsections describe the solution methods used for the various iterations, as shown 
in figure 5-2. 


5-2.1 Successive Substitution Method 

The successive substitution method (with relaxation) is an example of a fixed point solution. A 
direct iteration is simply x n+ i = G(x n ), but |G'| > 1 for many practical problems. A relaxed iteration 
uses F = (1 - \)x + AG: 

X n +1 = (1 - X)x n + A G(x n ) = x n - A f(x n ) 

with relaxation factor A. The convergence criterion is then 

IF 7 (a) | = |1- A + AG'| < 1 

so a value of A can be found to ensure convergence for any finite G' . Specifically, the iteration converges 
if the magnitude of A is less than the magnitude of 2/(1 — G') = 2 //' (and A has the same sign as 
1 — G' = /')• Quadratic convergence ( F ' = 0) is obtained with A = 1/(1 — G') = 1//'. Over-relaxation 
(A > 1) can be used if |G'| < 1. Since the correct solution x = a is not known, convergence must be 
tested by comparing the values of two successive iterations: 

error = ||a; n+ i — a: n || < tolerance 

where the error is some norm of the difference between iterations (typically absolute value for scalar x) . 
Note that the effect of the relaxation factor is to reduce the difference between iterations: 

Xn+l -X n = A (G(x„) - Xn) 

Hence the convergence test is applied to (x n+1 - x n ) /A, in order to maintain the definition of tolerance 
independent of relaxation. The process for the successive substitution method is shown in figure 5-3. 
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initialize 

evaluate h 

test convergence: error = \hj — /itargetjl < tolerance x weighty 

initialize derivative matrix D to input matrix 
calculate gain matrix: C = AD” 1 
iteration 

identify derivative matrix 

optional perturbation identification 

perturb each element of x : Sxi = A x weighty 
evaluate h 
calculate D 

calculate gain matrix: C = AD” 1 
increment solution : Sx = —C(h - h t arg et) 
evaluate h 

test convergence: error = \hj — /itargetjl < tolerance x weighty 

Figure 5-4. Outline of Newton-Raphson method. 


5-2.2 Newton-Raphson Method 

The Newton-Raphson method (with relaxation and identification) is an example of a zero point 
solution. The Taylor series expansion of f(x) = 0 leads to the iteration operator F = x — ///': 

X n+ 1 =x n - [f'(x n )] 1 f(x n ) 

which gives quadratic convergence. The behavior of this iteration depends on the accuracy of the 
derivative /'. Here it is assumed that the analysis can evaluate directly /, but not /'. It is necessary to 
evaluate /' by numerical perturbation of /, and for efficiency the derivatives may not be evaluated for 
each x n . These approximations compromise the convergence of the method, so a relaxation factor A is 
introduced to compensate. Hence a modified Newton-Raphson iteration is used, F = x — Cf: 

x n +i = x n - Cf{x n ) =x n - A D~ 1 f(x n ) 

where the derivative matrix D is an estimate of f . The convergence criterion is then 

|F / (a)| = |l-C'/ , | = |l-AZ)- 1 / / |<l 


since f(a) = 0. The iteration converges if the magnitude of A is less than the magnitude of 2 D/ f (and A 
has the same sign as D/f). Quadratic convergence is obtained with A = D/f (which would require A 
to change during the iteration however). The Newton-Raphson method ideally uses the local derivative 
in the gain factor, C = 1//', so has quadratic convergence: 


F'(a) 


[T_ 


f,2 


since /(a) = 0 (if /' ^ 0 and /" is finite; if f = 0, then there is a multiple root, F' = Y 2 , and the 
convergence is only linear). A relaxation factor is still useful, since the convergence is only quadratic 
sufficiently close to the solution. A Newton-Raphson method has good convergence when x is suf- 
ficiently close to the solution, but frequently has difficulty converging elsewhere. Hence the initial 
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initialize 

evaluate fo at xg r f\ at x\ = xq T Ax r f 2 cit X 2 — x\ T Ax 

iteration 

calculate derivative /' 
secant: from / 0 and fi 

false position: from / 0 , and fi or / 2 (opposite sign from / 0 ) 
calculate gain: C = A //' 
increment solution: 5x = —Cf 
shift: / 2 = /i, /i = /o 
evaluate / 
test convergence 

Figure 5-5. Outline of secant method or method of false position. 


estimate x 0 that stalls the iteration is an important parameter affecting convergence. Convergence of the 
solution for x may be tested in terms of the required value (zero) for /: 

error = ||/|| < tolerance 


where the error is some norm of / (typically absolute value for scalar /). 

The derivative matrix D is obtained by an identification process. The perturbation identification 
can be performed at the beginning of the iteration, and optionally every M P ro iterations thereafter. The 
derivative matrix is calculated from a one-step finite-difference expression (first order). Each element 
Xi of the vector x is perturbed, one at a time, giving the /-th column of D\ 

/( Xj + Sxj) - f(xj) 

Sxi 


d£ 

dx- 


Alternatively, a two-step finite-difference expression (second order) can be used: 


"... df_ 


f(xi + Sx^ - f(xi - 6xi) 

dxi 


2Sxi 


With this procedure , the accuracy of D (hence convergence) can be affected by both the magnitude and 
sign of the perturbation (only the magnitude for a two-step difference). 

The process for the Newton-Raphson method is shown in figure 5-4. A problem specified as 
h(x) = /(target, becomes a zero point problem with / = h— /(target- A successive substitution problem, 
x = G(x), becomes a zero point problem with / = x — G. At the beginning of the solution, x has an 
initial value. The perturbation identification can optionally never be performed (so an input matrix is 
required), be performed at the beginning of the iteration, or be performed at the beginning and every 
Mpid iterations thereafter. 


5-2.3 Secant Method 

The secant method (with relaxation) is developed from the Newton-Raphson method. The modified 
Newton-Raphson iteration is: 


^n+1 — %n 


Cf(x n ) = x n - XD 1 f(x n ) 
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initialize 

evaluate /g at xq , / 3 at x\ — xq T Ax , j'2 ut X2 — x 3 T Ax 

bracket maximum: while not fi>fo,f 2 

if /2>/o, then x 3 = x 2 + (x 2 - xi) ; 1,2,3 -> 0,1,2 
if /o>/2, then x 3 = x 0 - (xi - x 0 ) ; 3,0,1 — > 0,1,2 
iteration (search) 

if x 2 — X\ > Xi — Xo , then x 3 = x 3 + W {x 2 — x 3 ) 

if f-i < /1 1 then 0,1,3 -> 0,1,2 
if / 3 >/i, then 1,3,2 -> 0,1,2 

if xi — xo > X 2 — xi , then x 3 = x\ — W (xi — xo) 

if / 3 </i, then 3,1,2 -> 0,1,2 
if / 3 >/i, then 0,3,1 -> 0,1,2 
test convergence 

Figure 5-6. Outline of golden-section search. 


where the derivative matrix D is an estimate of /'. In the secant method, the derivative of / is evaluated 
numerically at each step: 


/'On) = 


/On) ^ /On- 1) 


%n %n — 1 

It can be shown that then the error reduces during the iteration according to: 


\e n +l \ = 1/72/1 |e„| On— ! | = |/"/2/ , |' 62 | e n| 1 ' 62 


which is slower than the quadratic convergence of the Newton-Raphson method (/), but still better than 
linear convergence. In practical problems, whether the iteration converges at all is often more important 
than the rate of convergence. Limiting the maximum amplitude of the derivative estimate may also be 
appropriate. Note that with / = x — G(x), the derivative f is dimensionless, so a universal limit (say 
maximum \ f\ = 0.3) can be specified. A limit on the maximum increment of x (as a fraction of the x 
value) can also be imposed. The process for the secant method is shown in figure 5-5. 


5-2.4 Method of False Position 

The method of false position is a derivative of the secant method, based on calculating the derivative 
with values that bracket the solution. The iteration starts with values of xo and x 3 such that /(x 0 ) and 
/(x 1 ) have opposite signs. Then the derivative f and new estimate x n+ \ are 

^ ~ f( x n) - f(x k ) 

J \ x n) — 

x n x k 

x n+ i = x n - A D~ 1 f(x n ) 

using k = n — lorfc = n- 2 such that /(x„) and /(xfc) have opposite signs. The convergence is 
slower (roughly linear) than for the secant method, but by keeping the solution bracketed convergence 
is guaranteed. The process for the method of false position is shown in figure 5-5. 


5-2.5 Golden-Section Search 

The golden-section search method can be used to find the solution x that maximizes /(x). The 
problem of maximizing /(x) can be attacked by applying the secant method or method of false position to 
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initialize 

evaluate f@ at xq , f\ at x\ — xq T Ax , / 2 u.t X 2 — x\ T Ax 
bracket maximum: while not /i>/o ,/2 

if / 2 >/o, then x 3 = x 2 + (x 2 - zi) ; 1,2,3 -> 0,1,2 
if /o>/ 2 , then x 3 = x 0 - (>i - x 0 ) ; 3,0,1 -> 0,1,2 

/"max — fl 

curve fit 

/"max fl r *^max -C I 

evaluate / for i = i max + nAi and x = x max — nAx 

least-squared error solution for polynomial coefficients 
solve polynomial for x at peak / 

Figure 5-7. Outline of curve-fit method. 


the derivative f'(x) = 0, but that approach is often not satisfactory as it depends on numerical evaluation 
of the second derivative. The golden-section search method begins with a set of three values x 0 < xi < x 2 
and the corresponding functions f 0 , fi, f 2 - The x value is incremented until the maximum is bracketed, 
fi > foi f 2 - Then a new value x 3 is selected in the interval xq to ,c 2 ; f 3 evaluated; and the new set of 
x 0 < xi < x 2 determined such that the maximum is still bracketed. The new value x 3 is a fraction 
W = (3 — v / 5)/2 = 0.38197 from aq into the largest segment. The process for the golden-section search 
is shown in figure 5-6. 

5-2.6 Curve-Fit Method 


The curve-fit method can be used to find the solution x that maximizes f(x), by fitting the solution 
to a polynomial. If the function / is flat around the maximum and the inner loop tolerances are not tight 
enough, the golden-section search can become erratic, particularly for best range and best endurance 
calculations. Curve fitting the evaluated points and then solving the curve for the maximum has the 
potential to improve the behavior. The curve-fit method begins with a set of three values x 0 < x\ < x 2 
and the corresponding functions fo, fi, f 2 - The x value is incremented until the maximum is bracketed, 
fi > /o,/ 2 , giving a course maximum / max at a;, nax . Next a set of x and / values are generated by 
incrementing x above and below x max , until / < ret/max is found (typically re t = 0.98 for best range). 
This set of points is fit to the cubic polynomial / = c 3 z 3 + c 2 2 2 + c\z + c 0 , z = x/x max - 1 (or to a 
quadradic polynomial). Let c T = (c 0 ci c 2 c 3 ) and £ T = (l z z 2 z 3 ) . Then the least-squared-error solution 
for the coefficients is 

c =(E^ T ) _1 (E/^) 

i i 

where the sums are over the set of points to be fit. For a quadratic polynomial fit, the solution is then 


X — 3? max 


ci/2c 2 ± a/ 1 - r \J (ci/2c 2 ) 2 



where r = 1 for the maximum, or r = 0.99 for 99% best range. For a cubic polynomial fit, the maximum 
is at 


z = 


C2_ 

3c 3 



Cl 

2c 2 



1 3c 3 ci \ 

4^r ) 


It is simplest to search the cubic for the peak (z where df/dz = 0), and then if necessary search for the 
99% range point (/ = 0.99/ pea k) The process for the golden-section search is shown in figure 5-7. 
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Cost 


Costs are estimated using statistical models based on historical aircraft price and maintenance 
cost data, with appropriate factors to account for technology impact and inflation. The aircraft purchase 
price ( Cac , in dollars) covers airframe , mission equipment package (MEP) , and flight control electronics 
(FCE) costs. The direct operating cost (DOC, in cents per available seat mile (ASM)) is the sum of 
maintenance cost (C maint , in dollars per flight hour), flight crew salary and expenses, fuel and oil cost, 
depreciation, insurance cost, and finance cost. 

Inflation factors can be input, or internal factors used. Table 6-1 gives the internal inflation factors 
for DoD (ref. 1) and CPI (ref. 2). For years beyond the data in the table, optionally the inflation factor 
is extrapolated based on the last yearly increase. 

6-1 CTM Rotorcraft Cost Model 


The CTM rotorcraft cost model (refs. 3-6) gives an estimate of aircraft purchase price, maintenance 
cost, and direct operating cost. The model was developed for shaft-driven helicopters and turboprop 
aircraft. If the aircraft shaft power is zero, P/Waf = 0.25 is used in the equation for purchase price. 

6-1.1 Aircraft Purchase Price 

Aircraft purchase price is estimated from the statistical relationship of Harris and Scully (ref. 3, 
updated in 2001), based on a 1994 database of mostly civil aircraft (plus EH- 101 , UH-60L, CH-47D, CH- 
ASE, and MV-22). The model starts with a function of aircraft weight and power; has several complexity 
factors; a factor for rotorcraft or turboprop aircraft; and a country or industry factor (specifically U.S. 
military). The model includes (as $/lb) separate calculations of a composite construction increment 
(increase or decrease), mission equipment package cost, and flight control electronics cost. The model 
accounts for inflation and includes an overall technology factor. With these equations, the purchase price 
is predicted within 20% for 96% of 128 rotorcraft (figs. 6-1 and 6-2), implying a standard deviation of 
10%. For the five military aircraft, price is predicted within ±10% or less. 

The basic statistical relationship for airframe purchase price is: 

c AF = 739.91 K et K E nK lg K r W ^ 619 (P/Waf) 05887 N ^ 5 

with Waf = W E + AH'kit - Wmep - W'fce, including airframe kits AIT kit (the wing and wing extension 
kits, and optionally the folding kit). The configuration factor K coni } g = K E t K e n K L g Kr has the 
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factors: 



Ket = 

1 .0 for turbine aircraft 

0.557 for piston aircraft 

Ken = 

1 .0 for multi-engine aircraft 

0.736 for single-engine aircraft 

Klg = 

1 .0 for retractable landing gear 

0.884 for fixed landing gear 

Kr = 

1 .0 for single main-rotor 

1 .057 for twin main-rotors, 1.117 for four main-rotors 


The number of blades and the configuration factor are essentially measures of complexity. In particular, 
retractable/fixed landing gear is a surrogate for general complexity. The term C com p = n com pW com p 
accounts for additional costs for composite construction (negative for cost savings); W CO mp is the com- 
posite structure weight, obtained as an input fraction of the component weight, with separate fractions 
for body, tail, pylon, and wing weight. The MEP and FCE costs are obtained from input cost-per-weight 
factors: Cmep = tmepIEmep and Cfce = t’fceIEfce- 

The statistical cost equation for caf is based on 1994 dollars and current technology levels. In- 
cluding an inflation factor F) and technology factor \af gives the purchase price Cac- 

Cac — xaf{FiCaf) + Ccomp + Cmep + Cfce 

In addition to technology, \ accounts for calibration and industry factors; for example, xaf = 0.87 
for U.S. Military (ref. 3). This equation also estimates turboprop airliner purchase price by setting 
iVrotor = iVbiade = 1 and using the additional factor 0.8754 (pressurized) or 0.7646 (unpressurized). The 
purchase price in $/lb or $/kg is 

I'AF = {XAf{FiCaf)) /W af 

i'ac = Cac /(We + AWkit) 

for the airframe and the aircraft. Parameters are defined in table 6-2, including units as used in these 
equations. 


6-1.2 Maintenance Cost 


Total maintenance cost per hour (dollars per flight hour) is estimated from the statistical relationship 
of Harris and Scully (ref. 3, updated in 2001). The maintenance cost per hour is: 

Cmaint = 0-49885 ir°- 3746 P 0 - 4635 

This equation is based on 1994 dollars and current technology levels. Including an inflation factor F, 
and technology factor x maint gives the maintenance cost per flight hour C n „; nt : 


C ma i n t Xmaint (-Et^-maint) 


Parameters are defined in table 6-2, including units as used in these equations. 


Alternatively, the maintenance cost c ma i n t can be calculated from separate estimates of labor, parts 
(airframe, engine, and avionics), engine overhaul, and major periodic maintenance costs. The equations 
for these maintenance cost components are from Harris (ref. 6), based on a 2011 civil database. The 
contributions to the dollars per flight hour are: 


Clabor = Habor (MMH/FH) 
Cparts = M parts (674 C /10 6 ) 0 - 68 


^engine — -^engine P 


0.67 


^major — -^major 


(Cac/ 10 6 ) 
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where n abo r is the maintenance labor rate (dollars per hour) . The maintenance-man-hours per flight-hour 
is estimated from 

MMH/FH = M labor IF°' 78 

or specified directly. These equations are based on 2011 dollars and current technology levels. For 
current best practice (bottom of data), the constants are Mi abor = 0.0017, M parts = 34, M engine = 1.45, 
Mmajor = 18; while for current average practice Mi abor = 0.0027, M parts = 56, M engine = 1.74, M major = 
28. Finally, the maintenance cost per flight hour is 


Cm a int — Xmaint A) (c par ts “t“ Cengine T Cmajor ) + Cl abo 


including an inflation factor F z and technology factor Xmaint • 


6-1.3 Direct Operating Cost 

Given specifics of the operation (including available block hours, non-flight time, spares fraction, 
and financial numbers), the direct operating cost is calculated for each mission. The direct operating 
cost includes maintenance, fuel, crew, depreciation, insurance, and finance costs. The contributions to 
the yearly operating cost are: 


Cfuel 

Crrew 


c, 


dep 

Cins 


c fin 


G(Wf ue l/ /'•'fuel ) -C| e p Or G /'.fuel A/jep 

2 . 84 F;, A crew M'mxo B 
Cac ^ (1 - V) 

0.0056 Cac 

1 + S 2L + 1 i 
AC D 4 100 


There is no credit for mission energy generation (F fuel < 0). The crew factor K crew = 1 corresponds to 
low-cost, domestic airlines (1994 dollars). The fuel burn W( ue \, block time T miss , and block range R miss 
are obtained for a designated mission. The number of departures per year is N dep = B/T miss . The flight 
time per trip is T tr i p = 7 miss -T NF . The flight hours per year are 7> = T tT j P A ? ,i ep . Alternatively, the sum 
of the crew, insurance, and depreciation costs can be estimated from the purchase price: 


CAew + Gdep + Gins = A' cd i (175000 + 29.8(CU c /1000)) 

where A' cd i is a calibration factor (ref. 6) . The yearly operating cost Co p and DOC (cents per available 
seat mile) are then: 

CoP — TVCmaint T Cfuel “f C crew T Cdep T Cins 4 C bll 
DOC = 100 Cop/ASM 

where the available seat miles per year are ASM = 1 . 1 508A ? pass A dep (range in nm). 


6-2 References 

1) “National Defense Budget Estimates for FY 1998/2015.” Office of the Under Secretary of Defense 
(Comptroller), March 1997/2014. Department of Defense Deflators, for Total Obligational Authority 
(TOA), Procurement. 

2) “Consumer Price Index.” U.S. Department of Labor, Bureau of Labor Statistics, 2014. All Urban 
Consumers (CPI-U), U.S. city average, All items. 



58 


Cost 


3) Harris, F.D., and Scully, M.P. “Rotorcraft Cost Too Much.” Journal of the American Helicopter 
Society, Vol. 43, No. 1, January 1998. 

4) Harris, F.D. “An Economic Model of U.S. Airline Operating Expenses.” NASA CR 2005-213476, 
December 2005. 

5) Coy, JJ. “Cost Analysis for Large Civil Transport Rotorcraft.” American Helicopter Society Vertical 
Lift Aircraft Design Conference, San Francisco, California, January 2006. 

6) Harris, F.D. “Introduction to Autogyros, Helicopters, and Other V/STOL Aircraft.” NASA SP 
2011-215959, volume 2 , 20 12 . 



Cost 


59 


Table 6-1. DoD and CPI inflation factors. 


inflation factors inflation factors inflation factors 


year 

DoD 

CPI 

year 

DoD 

CPI 

year 

DoD 

CPI 

1911 



1951 

17.02 

17.54 

1991 

93.99 

91.90 

1912 



1952 

16.26 

17.88 

1992 

96.21 

94.67 

1913 


6.68 

1953 

16.31 

18.02 

1993 

98.16 

97.50 

1914 


6.75 

1954 

16.02 

18.15 

1994 

100.00 

100.00 

1915 


6.82 

1955 

17.29 

18.08 

1995 

101.70 

102.83 

1916 


7.35 

1956 

17.58 

18.35 

1996 

103.18 

105.87 

1917 


8.64 

1957 

18.17 

18.96 

1997 

104.32 

108.30 

1918 


10.19 

1958 

18.02 

19.50 

1998 

105.40 

109.99 

1919 


11.67 

1959 

18.11 

19.64 

1999 

106.81 

112.42 

1920 


13.50 

1960 

18.34 

19.97 

2000 

108.39 

116.19 

1921 


12.08 

1961 

18.31 

20.18 

2001 

109.92 

119.50 

1922 


11.34 

1962 

18.84 

20.38 

2002 

111.62 

121.39 

1923 


11.54 

1963 

19.09 

20.65 

2003 

113.95 

124.16 

1924 


11.54 

1964 

19.76 

20.92 

2004 

116.92 

127.46 

1925 


11.81 

1965 

20.36 

21.26 

2005 

120.10 

131.78 

1926 


11.94 

1966 

21.97 

21.86 

2006 

123.06 

136.03 

1927 


11.74 

1967 

22.77 

22.54 

2007 

125.56 

139.91 

1928 


11.54 

1968 

24.03 

23.48 

2008 

127.43 

145.28 

1929 


11.54 

1969 

25.10 

24.76 

2009 

128.95 

144.76 

1930 


11.27 

1970 

25.76 

26.18 

2010 

131.66 

147.14 

1931 


10.26 

1971 

27.24 

27.33 

2011 

133.84 

151.78 

1932 


9.24 

1972 

28.98 

28.21 

2012 

136.07 

154.92 

1933 


8.77 

1973 

31.34 

29.96 

2013 

138.34 

157.19 

1934 


9.04 

1974 

34.13 

33.27 

2014 

140.81 

159.74 

1935 


9.24 

1975 

38.10 

36.30 

2015* 

143.49 


1936 


9.38 

1976 

42.14 

38.39 

2016* 

146.33 


1937 


9.72 

1977 

43.75 

40.89 

2017* 

149.26 


1938 


9.51 

1978 

47.82 

43.99 

2018* 

152.25 


1939 


9.38 

1979 

53.02 

48.99 

2019* 

155.29 


1940 


9.45 

1980 

58.52 

55.60 




1941 


9.92 

1981 

63.80 

61.34 




1942 


11.00 

1982 

68.35 

65.11 




1943 


11.67 

1983 

71.92 

67.21 




1944 


11.88 

1984 

74.57 

70.11 




1945 


12.15 

1985 

76.86 

72.60 




1946 


13.16 

1986 

79.19 

73.95 




1947 


15.05 

1987 

81.87 

76.65 




1948 


16.26 

1988 

85.01 

79.82 




1949 


16.06 

1989 

88.19 

83.67 




1950 

15.37 

16.26 

1990 

91.30 

88.19 





* projected 
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Table 6-2. Cost model parameters. 


parameter 

definition 

units 

W E 

weight empty 

lb 

Wmto 

maximum takeoff weight 

lb 

f^blade 

number of blades per rotor 


P 

rated takeoff power (all engines) 

hp 

W'mep 

fixed useful load weight, mission equipment package 

lb or kg 

ICfcE 

fixed useful load weight, flight control electronics 

lb or kg 

^mep 

cost factor, mission equipment package 

$/lb or $/kg 

^FCE 

cost factor, flight control electronics 

$/lb or $/kg 

' comp 

additional cost for composite construction 

$/lb or $/kg 

Fi 

inflation factor, relative 1994 


w fuel 

mission fuel burned 

lb or kg 

T • 

miss 

mission time 

hr 

2?miss 

mission range 

nm 

G 

fuel cost 

S/gallon or $/liter; or $/MJ 

B 

available block hours 

hr 

S 

spares per aircraft (fraction purchase price) 


D 

depreciation period 

yr 

V 

residual value (fraction) 


L 

loan period 

yr 

i 

interest rate 

% 

Tnf 

non-flight time per trip 

hr 

N 

1 v pass 

number of passengers 


Pfuel 

fuel density (weight per volume) 

lb/gal or kg/liter 

-Ndep 

number of departures per year 


K 

s v crew 

crew factor 


T f 

flight hours per year 




predicted base price (1994$/lb) 
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actual base price (1994$/lb) 


Figure 6-1 . Statistical estimation of rotorcraft purchase price ($/lb). 


predicted base price (1994 $M) 
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Cost 



actual base price (1994 $M) 


Figure 6-2. Statistical estimation of rotorcraft purchase price ($M). 


Chapter 7 


Aircraft 


The aircraft consists of a set of components, including rotors, wings, tails, fuselage, and propul- 
sion. For each component, attributes such as performance, drag, and weight can be calculated. The 
aircraft attributes are obtained from the sum of the component attributes. Description and analysis of 
conventional rotorcraft configurations is facilitated, while retaining the capability to model novel and ad- 
vanced concepts. Specific rotorcraft configurations considered include: single -main-rotor and tail-rotor 
helicopter, tandem helicopter, coaxial helicopter, and tiltrotor. 

The following components form the aircraft: 

a) Systems: The systems component contains weight information (fixed useful load, vibration, contin- 
gency, and systems and equipment) for the aircraft. 

b) Fuselage: There is one fuselage for the aircraft. 

c) Landing Gear: There is one landing gear for the aircraft. 

d) Rotors: The aircraft can have one or more rotors, or no rotors. In addition to main-rotors, the 
component can model tail-rotors, propellers, proprotors, and ducted fans. 

e) Wings: The aircraft can have one or more wings, or no wings. 

f) Tails: The aircraft can have one or more horizontal or vertical tail surfaces, or no tails. 

g) Fuel Tanks: There are one or more fuel tank systems for the aircraft. Fuel tank systems are associated 
with the engine groups, jet groups, and charge groups. Fuel quantity is measured as either weight or 
energy. There can be one or more sizes of auxiliary fuel tanks. 

h) Propulsion Groups: The aircraft can have one or more propulsion groups, or none. Each propulsion 
group is a set of components (rotors) and engine groups, connected by a drive system. The components 
define the power required. The engine groups define the power available. 

i) Engine Groups: An engine group consists of one or more engines of a specific type. An engine group 
transfers power by shaft torque, so it is associated with a propulsion group. For each engine type an 
engine model is defined. The engine model describes a particular engine, used in one or more engine 
groups. 

j) Jet Groups: The aircraft can have one or more jet groups, or none. A jet group produces a force on 
the aircraft. A jet model describes a particular jet, used in one or more jet groups. 

k) Charge Groups: The aircraft can have one or more charge groups, or none. A charge group generates 
energy for the aircraft. A charge model describes a particular charger, used in one or more charge groups . 
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7-1 Loading 

The aircraft disk loading is the ratio of the design gross weight and a reference rotor area: DL = 
Wn /A ref . The reference area is a sum of specified fractions of the rotor areas, A re f = J2 I a 4 (typically 
the projected area of the lifting rotors). The disk loading of a rotor is the ratio of a specified fraction of 
the design gross weight and the rotor area: 

/ nr \ _ X _ fwW D _ f w Wq 

{ ) rotor - A - A - A/Ae{ 

where probably ]T rotor fw = 1 , and the lifting rotors are all rotors not designated antitorque or auxiliary- 
thrust. If there are N lifting rotors of the same area, with no overlap, then J'a = 1, A re j = NA, 
fw = A/A re f = 1/N, and (DL) rotor = DL. For rotors designated antitorque or auxiliary-thrust, the disk 
loading is calculated from the design rotor thrust: (DL) roU „ = Idesign/A. 

For coaxial rotors, the default reference area is the area of one rotor: J'a = y 2 , 4 re f = A, f w = y 2 , 
and (DL) ro tor = y 2 DL. For tandem rotors, the default reference area is the projected area: .4 re f = 
(2 — to) A, where mA is the overlap area (to = 0 for no overlap, m — 1 for coaxial). Then J'a = 
f w = y 2 , and (/X) rotor = Optionally, the reference area for tandem rotors can be total rotor 

area instead: A ref = 24. 

The aircraft wing loading is the ratio of the design gross weight and a reference wing area: WL = 
WD/S ie f. The reference area is a sum of the wing areas, ,S' re f = jjj .S’. The wing loading of an individual 
wing is the ratio of a specified fraction of the design gross weight and the wing area: 

_W_ fwWn _ .fw Wd 

(W-kJwing— q — „ — o/q , O , 

O O O / O re f *->ref 

where probably X^wing fw = 1- If there are N wings of the same area, then f w = S/S re f = l/N, and 
(WL) wing = WL. 

The aircraft power loading is the ratio of the design gross weight and the total installed takeoff 
power: W/P = Wd / jjj N eng Pe ng, where the sum is over all engine groups. 

7-2 Controls 

A set of aircraft controls cac are defined, and these aircraft controls are connected to the component 
controls. The connection to the component control c is typically of the form c = ST cac + co, where T 
is an input matrix and c 0 the component control for zero aircraft control. The connection (matrix T) is 
defined for a specified number of control system states (allowing change of control configuration with 
flight state). The factor S is available for internal scaling of the matrix. The control state and initial 
control values are specified for each flight state. Figure 7-1 illustrates the control relationships. 

Typical (default) aircraft controls are the pilot’s controls: collective stick, lateral and longitudinal 
cyclic sticks, pedal, and tilt. Units and sign convention of the pilot’s controls are contained in the matrix 
T. For the single-main-rotor and tail -rotor configuration, it is often convenient for the collective and 
cyclic stick motion to equal the collective and cyclic pitch input of the main-rotor, and the pedal motion to 
equal the collective pitch input of the tail-rotor. The aircraft controls should be scaled to approximately 
the same amplitude, by appropriate definition of the matrix T and scale factor S. 

These aircraft controls are available for trim of the aircraft. Any aircraft controls not selected for 
trim will remain fixed at the values specified for the flight state. Thus by defining additional aircraft 
controls, component controls can be specified as required for a flight state. 
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aircraft controls component controls 


c ac c = T c AC + c 0 



Figure 7-1 . Aircraft and component controls. 


Each aircraft control variable cac can be zero, constant, or a function of flight speed (piecewise 
linear input). The flight state input can override this value of the aircraft control. The input value is an 
initial value if the control is a trim variable. 

Each component control variable c 0 (value for zero aircraft control) can be zero, constant, or a 
function of flight speed (piecewise linear input). Optionally the use of c 0 can be suppressed for a flight 
state. The component control from aircraft control ( Tcac ) is a fixed value, or a function of speed, or a 
linear function of another control (perhaps a trim variable). 
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The tilt control variable a t iit is intended for nacelle tilt angle or conversion control, particularly for 
tiltrotors. The convention is emit = 0 for cruise, and emit = 90 deg for helicopter mode. If emit exists as 
a control, it can be zero, constant, or a function of flight speed (piecewise linear input). 

An optional control conversion schedule is defined in terms of conversion speeds: hover and 
helicopter mode for speeds below Vchover , cruise mode for speeds above Vbcruise , and conversion mode 
between. The nacelle angle is emit = 90 in helicopter mode, emit = 0 in airplane mode, and it varies 
linearly with speed in conversion mode. The tip speed is Hip-hover in helicopter and conversion mode, 
and Hip-cruise in airplane mode. Control states and drive system states are defined for helicopter, cruise, 
and conversion mode flight. The flight state specifies the nacelle tilt angle, tip speeds, control state, 
and drive system state, including the option to obtain any or all of these quantities from the conversion 
schedule. 

The flight speed used for control scheduling is usually the calibrated airspeed (CAS), hence variation 
with dynamic pressure. Velocity schedules are used for conversion, controls and motion, rotor tip speed, 
landing gear retraction, and trim targets. Optionally these velocity schedules use either calibrated 
airspeed H ca i or the true airspeed V. 

The control matrices T can be defined based on the configuration. Let caco, cacc , cacs, cac p be 
the pilot’s controls (collective, lateral cyclic , longitudinal cyclic, and pedal). For the helicopter, the first 
rotor is the main-rotor and the second rotor is the tail-rotor; then 
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where r is the main-rotor direction of rotation (r = 1 for counter-clockwise rotation, r = — 1 for clockwise 
rotation). For the tandem configuration, the first rotor is the front rotor and the second rotor is the rear 
rotor; then 
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For the coaxial configuration: 
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For the tiltrotor, the first rotor is the right rotor and the second rotor is the left rotor; then 
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with cyclic stick and pedal connected to rotor controls only for helicopter mode . The sign conventions 
for the pilot’s controls are collective stick positive up, lateral cyclic stick positive right, longitudinal 
cyclic stick positive forward, and pedal positive nose right. The rotor controls are a positive Fourier 
series, with azimuth measured in the direction of rotation. 

7-3 Trim 

The aircraft trim operation solves for the controls and motion that produce equilibrium in the 
specified flight state. In steady flight (including hover, level flight, climb and descent, and turns), 
equilibrium implies zero net force and moment on the aircraft. In general, there can be additional 
quantities that at equilibrium must equal target values. In practice, the trim solution can deal with a 
subset of these quantities. Usually it is at least necessary to achieve equilibrium in the aircraft lift and 
drag forces, as well as in yaw moment for torque balance. The basic purpose of the trim solution is to 
determine the component states, including aircraft drag and rotor thrust, sufficient to evaluate the aircraft 
performance. 

Different trim solution definitions are required for various flight states. Therefore one or more 
trim states are defined for the analysis, and the appropriate trim state selected for each flight state of a 
performance condition or mission segment. For each trim state, the trim quantities, trim variables, and 
targets are specified. The available trim quantities include: 

aircraft total force and moment; aircraft load factor; 
propulsion group power; 

power margin P avPG - P req PG ; torque margin P DS limit - P req PG', 

engine group power; power margin P aV EG - P req EG ; 

jet group thrust; thrust margin T avJG - T reqJG \ 

charge group power; charge power margin P av CG - PreqCG \ 

fuel tank energy flow £ batt ; battery power margin, P max - |.E batt |; 

rotor force (lift, vertical, or propulsive); 

rotor thrust Cp/a', rotor thrust margin (Cr/crjmax - Cp/cr, 

rotor flapping /3 C , f3 s ; rotor hub moment, roll and pitch; rotor torque; 

wing force; wing lift coefficient Cl', wing lift margin CT max — Cl', 

tail force. 

Targets for aircraft total force and total moment (including inertial loads in turns) are always zero. The 
available trim variables include: 

aircraft controls; 

aircraft orientation, 8 (pitch), <j> (roll); 
aircraft horizontal velocity V),, ; 

aircraft vertical rate of climb V c ; aircraft sideslip angle; 
aircraft angular rate, 9 (pullup), ij; (turn); 
propulsion group tip speed or engine speed. 

The aircraft orientation variables are the Euler angles of the body axes relative to inertial axes. The 
aircraft controls (appropriately scaled) are connected to the component controls. 

A Newton-Raphson method is used for trim. The derivative matrix is obtained by numerical 
perturbation. A tolerance e and a perturbation A are specified. 
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aircraft geometry 
(arbitrary reference) 


aircraft coordinate 
system 

(origin at CG) 


forward 



7-4 Geometry 


The aircraft coordinate system has the x-axis forward, y-axis to the right, and 2 -axis down, measured 
from the center of gravity (fig. 7-2). These aircraft axes are body axes ( x is not aligned with the wind), 
the orientation determined by the convention used for the input geometry. The center of gravity is the 
appropriate origin for describing the motion of the aircraft, and summing the forces and moments acting 
on the aircraft. 

Layout of the geometry is typically in terms of station line (SL, positive aft), buttline (BL, positive 
right), and waterline (WL, positive up), measured relative to some arbitrary origin (fig. 7-2). The x-y-z 
axes are parallel to the SL-BL-WL directions. One or more locations are defined for each component 
of the aircraft. Each component will at least have a location that is the point where component forces 
and moments act on the aircraft. Each location is input in fixed or scaled form. The fixed form input 
is SL/BL/WL (dimensional). The scaled form input is x/L (positive aft), y/L (positive right), and 
z/L (positive up), based on a reference length L, from a reference point. The reference length is the 
rotor radius or wing span of a designated component, or the fuselage length. The reference point can 
optionally be input, or the location (hub) of a designated rotor, or the location (center of action) of a 
designated wing component, or the location (center of action) of the fuselage, or the location of the 
center of gravity. Fixed input can be used for the entire aircraft, or just for certain components. 

From this fixed or scaled input and the current aircraft size, the actual geometry (x, y, z) can be 
calculated for each location. There are also options to calculate geometry from other parameters (such 
as tiltrotor span from rotor radius and clearance). This calculated geometry has the sign convention of 
the aircraft axes (x positive forward, y positive right, 2 positive down), but has the origin at the reference 
point (which may or may not be the center of gravity). All input uses the same sign convention; all 
internal calculations use the same sign conventions. Table 7-1 summarizes the conventions. 
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The location of the aircraft center of gravity is specified for a baseline configuration. With tilting 
rotors, this location is in helicopter mode. For each flight state the aircraft center of gravity is calculated, 
from the baseline location plus any shift due to nacelle tilt, plus an input center-of-gravity increment. 
Alternatively, the aircraft center-of-gravity location for the flight state can be input. Any change of the 
center-of-gravity position with fuel burn during a mission is not automatically calculated, but could be 
accounted for using the flight state input. 

The aircraft operating length and width are calculated from the component positions and dimensions: 
ftotai = -X'vnHx - x'min and (/.’total = 2/max — 2/min , where the maximum and minimum dimensions are for the 
fuselage and all rotors, wings, and tails. The corresponding footprint area is then 5 to tai = Aotai "'total • 


Table 7-1. Geometry conventions. 



layout 

scaled input 

calculated 

motion and loads 

origin 

arbitrary 

reference point 

reference point 

center of gravity 

X 

SL (+ aft) 

x/L{+ aft) 

x (+ forward) 

x (+ forward) 

y 

BL (+ right) 

y/L (+ right) 

y (+ right) 

y (+ right) 

z 

WL (+ up) 

z/L (+ up) 

2 (+ down) 

z (+ down) 


7-5 Aircraft Motion 

The aircraft velocity and orientation are defined by the following parameters: flight speed V; turn 
rate; orientation of the body frame relative to inertial axes (Euler angles); and orientation of the velocity 
frame relative to inertial axes (flight path angles). Aircraft conventions are followed for the direction 
and orientation of axes: the .---axis is down, the x-axis forward, and the y-axis to the right; and a yaw- 
pitch-roll sequence is used for the Euler angles. However, the airframe axes are body axes (fixed to the 
airframe, regardless of the flight direction) rather than wind axes (which have the x-axis in the direction 
of the flight speed). The orientation of the body frame F relative to inertial axes I is defined by yaw, 
pitch, and roll Euler angles, which are rotations about the 2 , y, and x axes, respectively: 

C FI = X^ F Yg F Z^ F 

So yaw is positive to the right, pitch is positive nose up, and roll is positive to the right. The flight path 
is specified by the velocity V, in the positive ./-axis direction of the velocity axes. The orientation of the 
velocity axes V relative to inertial axes I is defined by yaw (sideslip) and pitch (climb) angles: 

C VI = Y 6v Z^ v Z.^ f 

Sideslip is positive for the aircraft moving to the right, and climb is positive for the aircraft moving up. 
Then 

C FV = C FI C IV = X rkF Ye F Z^ v Y_e v 

In straight flight, all these angles and matrices are constant. In turning flight at a constant yaw rate, the 
yaw angle is ipF = ipFt', the turn radius is R T = Vh/ipF', and the nominal bank angle and load factor are 
tan 4>p = y/n 2 — 1 = yAVy/y. Then the forward, sideward, and climb velocities are: 

Vf = V COS Oy COS tpv = Vh cos tV 
V s = V cos 6y sin ipy = 1 4 sin ipy 
V c = V sin 9y = Vh tan Oy 
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where 14 = V cos Oy is the horizontal velocity component. The velocity components in airframe axes are 
v F c = v FI ! F = C FV (V 0 0) T (aircraft velocity relative to the air). The calibrated airspeed is calculated 
from the true airspeed V : 


^ [ " ((1+ ”^W )+11, 1 a t 1 + 5 (1 - 5)M2 + io {1 - m+ %2)M \ 


where a = p/p a is the density ratio, 5 = p/p 0 is the pressure ratio, and M is the Mach number. The 
aircraft angular velocity is 


/ (f>F \ 1 0 — sinOp / $f\ 

oj f c = oj fi ^ f = R I 0 F = 0 cos 4>f sin <j) F cos Op I 0 F I 

\’>pF / 0 — sin <p F cos (ftp cos 0 F y’lpF / 


For steady state flight, 0 F = <t>F = 0; ipF is nonzero in a turn. 

Accelerated flight is also considered, in terms of linear acceleration a F c = v FI ! F = grip and pitch 
rate 0 F . The nominal pullup load factor is n = 1 + 0 F Vh/g. For accelerated flight, the instantaneous 
equilibrium of the forces and moments on the aircraft is evaluated, for specified acceleration and angular 
velocity; the equations of motion are not integrated to define a maneuver. Note that the fuselage and 
wing aerodynamic models do not include all roll and yaw moment terms needed for general unsteady 
flight (notably derivatives L v , L p , L r , N v , N p , Ay). 


The aircraft pitch and roll angles are available for trim of the aircraft. Any motion not selected for 
trim will remain fixed at the values specified for the flight state. The pitch and roll angles each can be 
zero, constant, or a function of flight speed (piecewise linear input). The flight state input can override 
this value of the aircraft motion. The input value is an initial value if the motion is a trim variable. 


7-6 Loads and Performance 

For each component, the power required and the net forces and moments acting on the aircraft can 
be calculated. The aerodynamic forces F and moments M are typically calculated in wind axes and then 
resolved into body axes (x,y, z), relative to the origin of the body axes (the aircraft center of gravity). 
The power and loads of all components are summed to obtain the aircraft power and loads. Typically 
the trim solution drives the net forces and moments on the aircraft to zero. 

The aircraft equations of motion, in body axes F with origin at the aircraft center of gravity, are the 
equations of force and moment equilibrium: 

m{v FI ' F + u FI / F v FI ' F ) =F f + F F av 
I F d) FI / F + u FI / F I F u> FI / F = M f 

where m = W/g is the aircraft mass; the gravitational force is F F av = mC FI g I = mC FI (0 0 g) T \ and 
the moment of inertia matrix is 

Ixx •>' U .rz 

— lyx lyy ~Iyz 

f zx z y Izz 

For steady flight, 6j fi ' F = v FI / F = 0 , and u> FI / F = R( 0 0 iPf) t is nonzero only in turns. For accelerated 
flight, v F < / F can be nonzero, and u ; FI / F = R( 0 0 F i ; F ) r ■ The equations of motion are thus 

m ( a AC + uMc) = F F + F F av 

ZacI F uac = mF 
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The body axis load factor is n = (C FI g 1 — ( a F c + uj f c v f c )) /g. The a F c term is absent for steady flight. 
The forces and moments are the sum of loads from all components of the aircraft: 


F F = F F s + Y, Ffotor + E F wing + E F tail + ^tank + E Engine + E F jet + E Charge 

M F = M^ s + E -^rotor + E -^wing + E ^tail + Mtank + E ^engine + E ^jet + E ^charge 


Forces and moments in inertial axes are also of interest ( F 1 = C if F f and M 1 = C IF M F ). A particular 
component can have more than one source of loads; for example, the rotor component produces hub 
forces and moments, but also includes hub and pylon drag. The equations of motion are Ef = F f + 


^grav - inertial = 0 and E r, 


= M f — M- F eitial = 0. 


The component power required P c omp is evaluated for all components (rotors, motors, and com- 
pressors) of the propulsion group. The total power required for the propulsion group P req pG is ob- 
tained by adding the transmission losses and accessory power. The power required for the propulsion 
group must be distributed to the engine groups. The fuel flow is calculated from the engine power, jet 
thrust, and charger power required. The total fuel flow is the sum from all components of the aircraft: 
til — IPreqEG T ^ ^reqJG T W reaCG • 


1-1 Aerodynamics 

Each component has a position z F in aircraft axes F, relative to the reference point; and orientation 
of component axes B relative to aircraft axes given by the rotation matrix C BF . It is expected that the 
component axes are (roughly) x forward and 2 down (or in negative lift direction). The aerodynamic 
model must be consistent with the convention for component orientation. Acting at the component 
are interference velocities v F lt (velocity of air, in F axes), from all other components. Then the total 
component velocity relative to the air is 

V F = v F c + UJ F C^Z F - E V L 

where A z F = z F z F g . Then v B = C BF v F is the velocity in component axes. The aerodynamic 
environment is defined in the component axes: velocity magnitude v = \v B \ , dynamic pressure g = V 2 pv 2 , 
angle of attack a, and sideslip angle 9. The angle of attack and sideslip angle provide the transformation 
between airframe axes and velocity axes: 

C BA = Y a Z_g 

This is the conventional aircraft definition, corresponding to yaw-then-pitch of the airframe axes relative 
to the velocity vector. By definition, the velocity is along the a’-axis in the A axes, v B = C BA {v 0 0) T ; 
from which the angle of attack and sideslip in terms of the components of v B are obtained: 

a = tan^ 1 v B /v B 
P = sin -1 v B /\v B \ 

This definition is not well behaved for v B = 0 (it gives a = 90sign(uf)), so for sideward flight a 
pitch-then-yaw definition can be useful: C BA = Z_ 0 Y a . Then 

a = sin -1 v B /\v B \ 

(3 = tan^ 1 v B /v B 


which gives /3 = 90sign(nf ) for v B = 0. 
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The component aerodynamic model may include coefficient values for sideward flight, but not have 
equations for a continuous variation of the coefficients with sideslip angle. For such cases, sideward 
flight is defined as \/3\ = 80 to 100 degrees. 

From v, q, a, and (3, the aerodynamic model calculates the component force and moment, in wind 
axes acting at z F : 



where D,Y, and L are the drag , side force , and lift; M x , M y , and M z are the roll , pitch , and yaw moments . 
The aerodynamic loads in aircraft axes acting at the center of gravity are then: 

jjF qFB qBA jjA 

m f = c fb c ba m a + KFf f 

where A z F = z F - z F g . In hover and low speed, the download is calculated: Fl = k T (C IF F F ), the 
downward component of the aerodynamic force in inertial axes. Download can be expressed as a fraction 
of the total rotor vertical force or as a fraction of gross weight. The aerodynamic model also calculates 
the interference velocities caused by this component at all other components: v F lt = C FB v B t . 

Equations for the aerodynamics models are defined for all angles in radians. Input values of angles 
are, however, in degrees. 

The aircraft neutral point is calculated from the airframe aerodynamics with all controls set to zero. 
The neutral point is here defined as the longitudinal position about which the derivative of the pitch 
moment with lift is zero. Hence SL na = SL cg - AM/AL, with the change in lift and moment calculated 
from the loads at angles of attack of 0 and 5 deg. 

7-8 Trailing-Edge Flaps 

The lifting surfaces have controls in the form of trailing-edge flaps: flap, flaperon, and aileron for 
wings; elevator or rudder for tails. The aerodynamic loads generated by flap deflection Sf (radians) are 
estimated based on two-dimensional aerodynamic data (as summarized in refs. 1 and 2). Let if = c//c 
be the ratio of the flap chord to the wing chord. The lift coefficient is c/ = c/ a (o + rr]Sf), where 
rj = 0.85 — 0.43d'/ is an empirical correction for viscous effects (ref. 1, eq. 3.54 and fig. 3.36). Thin 
airfoil theory gives 

T = 1 „ - ( 5I ■V')) 

with Of = cos _1 (2 if — 1) (ref. 1, eq. 3.56 and fig. 3.35; ref. 2, eq. 5.40). The last expression is an 
approximation that is a good fit to the thin airfoil theory result for n = y 2 , and a good approximation 
including the effects of real flow for n = (ref. 2, fig. 5.18); the last expression with n = 2 / 3 is used 
here. The increase of maximum lift coefficient caused by flap deflection is less than the increase in lift 
coefficient, so the stall angle of attack is decreased. Approximately 

= (1- <,)(! + <,-54 + 3*J) 

(ref. 1, fig. 3.37). Thin airfoil theory gives the moment coefficient increment about the quarter chord: 

A c m = -0.85 ((1 -if)sm0f)6f = -0.85 ((1 - f/)2^(l - i f )if)s f 
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(ref. 1 , eq . 3 .57; ref . 2 , eq . 5 .4 1 ) ; with the factor of 0 . 85 accounting for real flow effects (ref . 2 , fig . 5 . 1 9) . 
The drag increment is estimated using 


AC d =0.9f}' 38 ^ sin 2 5 y 

for slotted flaps (ref. 1, eq. 3.51). In summary, the section load increments are: 


A ci = C£q LfijfSf 

Ac^ max = Ay Aq 
A c m = -j- Mf6f 

The decrease in angle of attack for maximum lift is 

Ac# AQ max . xr \ A Cf 

^®max — — (1 X f J 


The coefficients 

1 1f = 0.85 - 0.43|<5/ 1 =770 — m\Sf\ 

L > = r f ( eia ^ ll) ) 2,a 

Xf = (1 — f/) (1 + ^/ — 5fy + 3fy) 

M f = -0.85 1 ((1 - if)2yj(l-i f )t f ) 
D f = 0.9 f}' 38 

follow from these equations. 


For three-dimensional aerodynamic loads, these two-dimensional coefficients are corrected by 
using the three-dimensional lift-curve slope, and multiplying by the ratio of flap span to wing span bf/b. 
Then the wing load increments caused by flap deflection, in terms of coefficients based on the wing area, 
are: 


A C L =^C La L f r, f S f 
A C M =^-M f S f 
A C D = Df sin 2 Sf 


A CT max = Xf ACT 
Aa max = -(1 - Ay) 

C ' La 


where Sf/S is the ratio of flap area to wing area. 


7-9 Drag 

Each component can contribute drag to the aircraft. A fixed drag can be specified as a drag area 
D/q\ or the drag can be scaled, specified as a drag coefficient C'd based on an appropriate area S. There 
may also be other ways to define a scaled drag value. For fixed drag, the coefficient is Cd = ( D/q)/S 
(the aerodynamic model is formulated in terms of drag coefficient). For scaled drag, the drag area 
is D/q = SCd ■ For all components, the drag (D/q) comp or Cd c omp is defined for forward flight or 
cruise; typically this is the minimum drag value. For some components, the vertical drag {{D / g)y comp or 
CWcomp) or sideward drag {(D/q) Sco m P or C DScomp ) is defined. For some components, the aerodynamic 
model includes drag due to lift, angle of attack, or stall. 
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Table 7-2 summarizes the component contributions to drag, and the corresponding reference areas. 
If no reference area is indicated, then the input is only drag area D/q. An appropriate drag reference 
area is defined for each component, and either input or calculated. Wetted area is calculated for each 
component, even if it is not the reference area. The component wetted areas are summed to obtain the 
aircraft wetted area. Some of the weight models also require the wetted area. The component drag 
contributions must be consistent. In particular, a rotor with a spinner (such as on a tiltrotor aircraft) 
would likely not have hub drag. The pylon is the rotor support and the nacelle is the engine support. The 
drag model for a tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag), 
since the pylon is connected to the rotor shaft axes; with non- tilting engines it would use the nacelle 
drag as well. 


Table 7-2. Component contributions to drag. 


component 

drag contribution 

reference area 

fuselage 

fuselage 
fuselage vertical 
fittings and fixtures 
rotor-body interference 
contingency (aircraft) 
payload increment (flight state) 

fuselage wetted area 
fuselage projected area 
fuselage wetted area 
fuselage wetted area 

landing gear 

landing gear 

— 

rotor 

hub, hub vertical 
duct, duct vertical 
pylon, pylon vertical 
spinner 

rotor disk area 
duct wetted area 
pylon wetted area 
spinner wetted area 

wing 

wing, wing vertical 
wing-body interference 

wing planform area 
wing planform area 

tail 

tail, tail vertical 

tail planform area 

fuel tank 

auxiliary tank (flight state) 

— 

engine 

nacelle, nacelle vertical 
momentum drag 

nacelle wetted area 

jet 

nacelle, nacelle vertical 
momentum drag 

nacelle wetted area 

charger 

nacelle, nacelle vertical 
momentum drag 

nacelle wetted area 


Optionally the aircraft drag can be fixed. The quantity specified is the sum (over all components) 
of the drag area D/q (minimum drag, excluding drag due to lift and angle of attack), without accounting 
for interference effects on dynamic pressure. The input parameter can be D/q] or the drag can be scaled, 
specified as a drag coefficient based on the rotor disk area, so D/q = A re fC'o (A re f is the reference rotor 
disk area); or the drag can be estimated based on the gross weight, D/q = k( Wmto / 1000) 2/3 ( Wmto 
is the maximum takeoff gross weight; units of k are ft 2 /k-lb 2/ ' 3 or m 2 /Mg 2 / 3 ). Based on historical data, 
the drag coefficient Cd = 0.02 for old helicopters, C'd = 0.008 for current low-drag helicopters. Based 
on historical data, k = 9 for old helicopters, k = 2.5 for current low-drag helicopters, k = 1.6 for current 
tiltrotors, and k = 1.4 for turboprop aircraft (English units). If the aircraft drag is input, then the fuselage 
contingency drag is adjusted so the total aircraft D/q equals the input value. 


Aircraft 


75 


Table 7-3. Component contributions to nominal drag area. 


component 

drag contribution 

cruise 

helicopter 

vertical 

fuselage 

fuselage 

D 

D 

Dy 


fittings and fixtures 

D 

D 

D 


rotor-body int 

D 

D 

D 

landing gear 

landing gear 

D 

D 

0 


retractable 

0 

D 

0 

rotor 

hub 

D 

D cos 2 i + D v sin 2 i 

0 


duct 

D 

D cos 2 i + Dy sin 2 i 

0 


pylon 

D 

D cos 2 i + Dy sin 2 i 

0 


spinner 

D 

D 

0 

wing 

wing 

D 

D cos 2 i + Dy sin 2 i 

D sin 2 i + Dy cos 2 i 


wing-body int 

D 

D 

D 

tail 

horizontal tail 

D 

D 

Dy COS 2 (j) 

tail 

vertical tail 

D 

D 

Dy sin 2 (j) 

engine 

nacelle 

D 

D cos 2 i + Dy sin 2 i 

0 

jet 

nacelle 

D 

D cos 2 i + D v sin 2 i 

0 

charger 

nacelle 

D 

D cos 2 i + Dy sin 2 i 

0 


contingency 

D 

D 

Dy 


Optionally the aircraft vertical drag (download fraction) can be fixed. The quantity specified is 
the sum over all components of the vertical drag area ( D/q) v . The input parameter can be ( D/q ) v , or 
k - (D / q) v / A re f (A re f is reference rotor disk area). Approximating the dynamic pressure in the wake 
as q = l /2p(2vh) 2 = T/A re {, the download fraction is DL/T = q{D/q) v /T = k. If the aircraft vertical 
drag is input, then the fuselage contingency vertical drag is adjusted so the total aircraft ( D/q) v equals 
the input value. 

The nominal drag areas of the components and the aircraft are paid of the aircraft description and 
are used when the aircraft drag is fixed. The nominal drag area is calculated for low-speed helicopter 
flight, for high-speed cruise flight, and for vertical flight. An incidence angle i is specified for the 
rotors, wings, and nacelles, to be used solely to calculate the nominal helicopter and vertical drag areas. 
The convention is that i = 0 if the component does not tilt. Table 7-3 summarizes the contributions 
to the nominal drag areas, with D for the drag in normal flow and D v for the drag in vertical flow. 
While vertical drag parameters are paid of the aerodynamic model for the hub, duct, pylon, and nacelle, 
aerodynamic interference at the rotor and at the propulsion components is not considered, so these terms 
do not contribute to download. In the context of download, only the fuselage, wing, tail, and contingency 
contribute to the nominal vertical drag. 

From the input and the current aircraft size, the drag areas D/q and coefficients C'n are calculated. 
The aerodynamic analysis is usually in terms of coefficients. If the aircraft drag is fixed for the aircraft 
model, then the fuselage contingency drag is set: 


(D/q) cont — (D/q) fixed £(£>/<?) comp 
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and similarly for fixed vertical drag. Note that this adjustment ignores changes caused by interference 
in the dynamic pressure and the velocity direction, which will affect the actual component drag. 

The component aerodynamic model calculates the drag, typically from a drag coefficient C D , a 
reference area, and the air velocity of the component. The drag force is then D = X '/corn P Net' TV) , where 
the dynamic pressure g comp includes interference. From the aerodynamic forces and moments in wind 
axes, the total force and moment in body axes ( F f and M F ) are calculated. For reference, the aircraft 
total drag and total drag area are 

Dac = Y,^ F ^o 
( D/q)AC = Dac/q 

where the aircraft velocity (without interference) gives the direction e d = -v f c /\ v ac\ ar *d dynamic 
pressure q = [ /' 2 (>\v h AC \ 2 ', and F F em is the component aerodynamic force. An overall skin friction 
drag coefficient is then Cdac = (D / q) ^cwet / S ac , based on the aircraft wetted area Sac - X^wet 
and excluding drag terms not associated with skin friction (specifically landing gear, rotor hub, and 
contingency drag). 


7-10 Performance Metrics 

The following performance metrics are calculated for the aircraft. The aircraft hover figure of merit 
is M = WsJW/2pA re f/P. The aircraft effective drag is D e = P/V, hence the effective lift-to-drag ratio 
is L/D e = WV/P. For these metrics, the aircraft power is the sum of the engine group power, jet group 
propulsive power, and charge group power: P = P req + VT- ]et + P c hrg . The aircraft power loading is 
W/P (lb/hp or kg/kW). Isolated rotor performance metrics are described in Chapter 1 1 . 

7-11 Weights 

The design gross weight W E is a principal parameter defining the aircraft, usually determined 
by the sizing task for the design conditions and missions. The aircraft weight statement defines the 
empty weight, fixed useful load, and operating weight for the design configuration. The aircraft weight 
statement is the sum of the weight statements for all the aircraft components, the component weight 
determined by input or by parametric calculations with technology factors. The definitions of the weight 
terms are as follows: 

gross weight W G = W E + W UL = W 0 + W pay + W fue i 

operating weight Wo = W e + W F ul 

useful load W UL = W FUL + W pay + I'T fuel 

where W E is the weight empty; W FUL the fixed useful load; W pay the payload weight; and Wf ue i the 
usable fuel weight. Aircraft weight definitions are given in SAWE RP7D (ref. 3), including: 

Payload is any item which is being transported and is directly related to the puipose 
of the flight as opposed to items that are necessary for the flight operation. Payload 
can include, but is not limited to, passengers, cargo, passenger baggage, ammo, 
internal and external stores, and fuel which is to be delivered to another aircraft or 
site. Payload may or may not be expended in flight. 

Operating weight is the sum of aircraft weight empty and operating items. Operating 
weight is equivalent to takeoff gross weight less usable fuel, payload, and any item 
to be expended in flight. 
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Weight empty is an engineering term which is defined as the weight of the complete 
aircraft as defined in the aircraft specifications, dry, clean, and empty except for 
fluids in closed systems such as a hydraulic system. 

The weight empty consists of structure, propulsion group, systems and equipment, vibration, and 
contingency weights. If the weight empty is input, then the contingency weight is adjusted so We equals 
the required value. If the design gross weight is input, then the payload or fuel weight must be fallout. 

The structural design gross weight Wsd and maximum takeoff weight Wmto can be input, or 
specified as an increment d plus a fraction / of a weight W : 

rrr , r f dSDGW + fSDGwWo 

SD SDGW . SDGW/ | dsDGW + fsDGw(Wo - Wfuel + /fuel Wfuel- cap) 

rrr , . r rrr f d W MTO + fwMToW D 

MTO W MTO . W MTO | dwMTO + fwMTo{Wn - Wf ue l + ITfuel-cap) 

This convention allows the weights to be input directly (/ = 0), or scaled with W D . For Wsd , W is 
the design gross weight W D , or W D adjusted for a specified fuel state (input fraction of fuel capacity). 
Alternatively, Wsd can be calculated as the gross weight at a designated sizing flight condition. The 
structural design gross weight is used in the weight estimation. For Wmto, W is the design gross 
weight Wd, or Wd adjusted for maximum fuel capacity. Alternatively, Wmto can be calculated as the 
maximum gross weight possible at a designated sizing flight condition. The maximum takeoff weight 
is used in the cost model, in the scaled aircraft and hub drag, and in the weight estimation. 

The design ultimate load factor n 2 U i t at the structural design gross weight Wsd is specified, in 
particular for use in the component weight estimates. The structural design gross weight Wsd and 
design ultimate load factor n 2 U i t are used for the fuselage, rotor, and wing weight estimations. The 
maximum takeoff weight Wmto is used for the cost and drag (scaled aircraft and hub), and for the 
weights (system, fuselage, landing gear, and engine group). 

The gross weight Wo is specified for each flight condition and mission, perhaps in terms of the 
design gross weight Wd- For a each flight state, the fixed useful load may be different from the design 
configuration because of changes in auxiliary fuel tank weight, or kit weights, or increments in crew or 
equipment weights. Thus the fixed useful load weight is calculated for the flight state; and from it the 
useful load weight and operating weight are calculated. The gross weight, payload weight, and usable 
fuel weight (in standard and auxiliary tanks) complete the weight information for the flight state. 

For each weight group, fixed (input) weights can be specified; or weight increments dW added to 
the results of the parametric weight model. The parametric weight model includes technology factors 
X- Thus typically a component or element weight is obtained from W = xW mo dei + dW. Weight of 
individual elements in a group can be fixed by using dW and setting the corresponding technology factor 
X = 0. With y o, the increment dW can account for something not included in the parametric model. 

For scaled weights of all components, the AFDD weight models are implemented. The user can 
incorporate custom weight models as well. 

The operating weight is composed of scaled and fixed weights, so the design gross weight can be 
written W D = W 0 + W pay + W fue i = W 0 fi X ed + Woscaied + W pay + W fuel . The growth factor is the change 
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in gross weight due to a change in payload: 

dWp = dWp sca led cWfuel = f dWp scaled 0Wfael\ 

dw pay dw pay aw'pay V dw D dWn ) aw pay 

^ x + / WoscaJed + Wiuel\ dWp = 1 

\ Wp Wp ) 5W pay 1 — </>Oscaled ~ '/'fuel 

in terms of the weight fractions <j> = W/Wp. 

The aircraft operating weight can be divided into core vehicle weight and military load. The core 
vehicle weight is the weight in minimum airworthy state, with the aircraft capable of normal flight 
throughout the envelope, but not mission capable. Military load is the sum of fixed useful load and 
military features in weight empty. Thus 

weight empty = core vehicle weight + military features 
military load = fixed useful load + military features in weight empty 
operating weight = W E + W FUL = core vehicle weight + military load 

In terms of the weight breakdown used here, military features in weight empty consist of folding weight 
(wing, rotor, tail, fuselage terms), crashworthiness weight (fuselage, landing gear terms), marinization 
weight (fuselage), rotor brake (drive system), avionics group (mission equipment), armament group, 
furnishings and equipment group, anti-icing group (including electrical group term), and load and 
handling group. 


7-12 Weight Statement 

Aircraft weight information is stored in a data structure that follows SAWE RP8A Group Weight 
Statement format (ref. 4), as outlined in figure 7-3. The asterisks designate extensions of RP8A for 
the puiposes of this analysis. Typically only the lowest elements of the hierarchy are specified; higher 
elements are obtained by summation. Fixed (input) weight elements are identified in the data structure. 
A weight statement data structure exists for each component. The aircraft weight statement is the sum 
of the structures from all components. 
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WEIGHT EMPTY 
STRUCTURE 
wing group 

basic structure 
secondary structure 

fairings (*), fittings (*), fold/tilt (*) 
control surfaces 
rotor group 

blade assembly 
hub & hinge 

basic (*), fairing/spinner (*), blade fold (*), shaft (*) 
rotor support structure (*), duct (*) 
empennage group 

horizontal tail (*) 

basic (*), fold (*) 
vertical tail (*) 

basic (*), fold (*) 
tail rotor (*) 

blades, hub & hinge, rotor supports, rotor/fan duct 
fuselage group 
basic (*) 

wing & rotor fold/retraction (*) 
tail fold/tilt (*) 
marinization (*) 
pressurization (*) 
crashworthiness (*) 
alighting gear group 

basic (*), retraction (*), crashworthiness (*) 
engine section or nacelle group 

engine support (*), engine cowling (*), pylon support (*) 
air induction group 
PROPULSION GROUP 
engine system 
engine 

exhaust system 
accessories (*) 
propeller/fan installation 

blades (*), hub & hinge (*), rotor supports (*), rotor/fan duct (*) 
fuel system 

tanks and support 
plumbing 
drive system 
gear boxes 
transmission drive 
rotor shaft 
rotor brake (*) 
clutch (*) 
gas drive 

Figure 7-3a. Weight statement (* indicates extension of RP8A). 



80 


Aircraft 


SYSTEMS AND EQUIPMENT 
flight controls group 
cockpit controls 
automatic flight control system 
system controls 

fixed wing systems 

non-boosted (*), boost mechanisms (*) 
rotary wing systems 

non-boosted (*), boost mechanisms (*), boosted (*) 
conversion systems 

non-boosted (*), boost mechanisms (*) 
auxiliary power group 
instruments group 
hydraulic group 

fixed wing (*), rotary wing (*), conversion (*) 
equipment (*) 
pneumatic group 
electrical group 

aircraft (*), anti-icing (*) 
avionics group (mission equipment) 
armament group 

armament provisions (*), armor (*) 
furnishings & equipment group 
environmental control group 
anti-icing group 
load & handling group 
VIBRATION (*) 

CONTINGENCY 
FIXED USEFUL LOAD 
crew 

fluids (oil, unusable fuel) (*) 
auxiliary fuel tanks 
other fixed useful load (*) 
equipment increment (*) 
folding kit (*) 
wing extension kit (*) 
wing kit (*) 
other kit (*) 

PAYLOAD 
USABLE FUEL 

standard tanks (*) 
auxiliary tanks (*) 

OPERATING WEIGHT = weight empty + fixed useful load 
USEFUL LOAD = fixed useful load + payload + usable fuel 

GROSS WEIGHT = weight empty + useful load 

GROSS WEIGHT = operating weight + payload + usable fuel 

Figure 7-3b. Weight statement (* indicates extension of RP8A). 
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The systems component contains weight information (fixed useful load, vibration, contingency, 
and systems and equipment). 


8-1 Weights 

The weight empty consists of structure, propulsion group, systems and equipment, vibration, and 
contingency weights. The vibration control weight can be input, or specified as a fraction of weight 
empty: W V ib = ,/vib ITT ■ The contingency weight can be input, or specified as a fraction of weight empty: 
W cont = fcontW E - However, if the weight empty is input, then the contingency weight is adjusted so 
W E equals the required value. The weights of all components are evaluated and summed, producing the 
aircraft weight empty less vibration and contingency weight, Wx ■ Then: 

a) Fixed weight empty: W vib input or W vi b = /vib W E , W cont = W E - ( W x + W vi b). 

b) Both fractional: W E = W x /{ 1 - /vib - /cont), W v ib = f V ibW E , W cont = f CO ntW E . 

c) Only vibration weight fractional: W cont input, W E = (W x + W cont )/(l - / v ib), 

W v ib = /vib W E . 

d) Only contingency weight fractional: Wvib input, W E = ( W x + W v ib)/(1 - /cont), 

W C ont = /cont IT E . 

e) Both input: W vib and W cont input, W E = Wx + W vib + W con t. 

Finally, the operating weight Wo = W E + Wful is recalculated. 

Systems and equipment includes the following fixed (input) weights: auxiliary power group, in- 
struments group, pneumatic group, electrical group (aircraft), avionics group (mission equipment), 
armament group (armor and armament provisions), furnishings and equipment group, environmental 
control group, and load and handling group. Systems and equipment includes the following scaled 
weights: flight controls group, hydraulic group, electrical group (anti-icing), and anti-icing group. 

Flight controls group includes the following fixed (input) weights: cockpit controls and automatic 
flight control system. Flight controls group includes the following scaled weights: fixed wing systems, 
rotary wing systems, and conversion or thrust vectoring systems. Rotary wing flight control weights can 
be calculated for the entire aircraft (using rotor parameters such as chord and tip speed for a designated 
rotor), an approach that is consistent with parametric weight equations developed for conventional two- 
rotor configurations. Alternatively, rotary wing flight control weights can be calculated separately for 
each rotor and then summed. The fixed wing flight controls and the conversion controls can be absent. 

The fixed useful load Wful consists of crew (W cr ew), trapped fluids (oil and unusable fuel, Wt ra p), 
auxiliary fuel tanks (W auxtan k), equipment increment, kits (folding, wing, wing extension, other), and 
other fixed useful load (W fu bother) • W crew , W tra p, and WFt/Lother are input. For a each flight state, the 
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fixed useful load may be different from the design configuration because of changes in auxiliary fuel 
tank weight, kit weight, and crew or equpment weight increments. 

Folding weights can be calculated in several weight groups, including wing, rotor, empennage, and 
fuselage. These weights are the total weights for folding and the impact of folding on the group. A 
fraction ,/foidkit of these weights can be in a kit, hence optionally removable. Thus, of the total folding 
weight, the fraction /foidkit is a kit weight in the fixed useful load of the weight statement, while the 
remainder is kept in the component group weight. 

8-2 Detailed Weight Definition 

Figure 8-1 presents a more detailed description of the weights for the systems and equipment, and 
the useful load. The input information for a group can be just the total weight (AW in the following 
equations), or can include all the terms. 

The electrical group consists of power supply, power conversion, power distribution and controls, 
lights and signal devices, and equipment supports; plus a term associated with the anti-icing group. The 
total weight is 

fF e i ec trical fl'elect aircraft + Wd / elect 

Select aircraft — f f 'supply T ITconv T Wdistrib T id lights T Wsupport T A ff'electrical 

The avionics group consists of equipment and installation; here the equipment weights include installa- 
tion. The equipment items are communications, navigation, identification, control and display, aircraft 
survivability, and mission system equipment; plus armament electronics. The total weight is 

WmEQ = W com + W nav + Wdent + Whsplay + W surv ive + W m i ss i on + AWmEQ + Warm elect 

The armament group consists of armament provisions (gun provisions, turret systems, expendable 
weapons provisions) and armor. Armament electronics weight W aim elect (such as targeting, sights, 
radar) is part of the avionics group. 

H arm prov !'Fg Un T il'ttirret T fl expem! T AVF arm p r0 v 

IFarmor — f lirmor floor^cabin floor T Farmor wall^cabin wall T Farmor crewAcrew seat T A flpmnor 

Here U amor fl00 r, Farmer wa ii are the armor weights per surface area; S ca bin floor and S cllh i n wall are the 
cabin floor and wall areas; U a rm or crew is the armor weight per crew; and N ciew sea t is number of crew 
seats. 

The furnishings and equipment group consists of accommodation for personnel, miscellaneous 
equipment, furnishings, and emergency equipment. Accommodation for personnel consists of seats, 
miscellaneous accommodation (including galleys, toilets), and the oxygen system. Miscellaneous equip- 
ment includes cockpit displays. Furnishings includes floor covering, trim, partitions, crash padding, and 
acoustic and thermal insulation; but excludes vibration absorbers. Emergency equipment consists of fire 
detection and extinguishing, and other emergency equipment (including first aid, survival kit, and life 
raft). The total weight is 

Wfumish = W accom + W m i sc + Wf urn + W em erg + AWf urn i s h 
ffaccom 

Wf urn = 

ITemerg 


— (F seat crew H - ^accom crew H"~ U ox crew)-^crew seat 
“1“ (^seat pass “1“ ^accom pass ^ox pass)-^pass seat 

= Wtrim + ^insulation *^cabin 

— Wfire + Mother 
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Here U zz crew , U z z pass are the weights per crew and passenger; Av rew seat, N pass seat are the number of 
crew and passenger seats; f/insuiation is the acoustic and thermal insulation weight per area; and ,S' <: „bin is 
the total cabin surface area. The load and handling group consists of aircraft handling and load handling 
(cargo handling, hoist, external load provisions). The total weight is 


fiload — lla.ircraft T fbcargo T A ITload 
ITcargo f)i a ndling *Scabin floor T if hoist T T ext prov 


Here (/handling is the cargo handling weight per cabin floor area, and »S ca bi n floor is the cabin floor area. 


The crew weight is 


AW C1 


Here ( 7 crew is the weight per crew, and (V crew is the number of crew. A crew weight increment for a 
flight condition or mission is given by SN ciew and SW crevr . Other fixed useful load consists of various 
categories, such as baggage, gun installations, weapons provisions, aircraft survivability equipment 
(chaff, Hares), survival kits, life rafts, and oxygen. 

An equipment increment can be defined for a flight condition or mission, in terms of SN crew seat , 

ATp ass 

seat ? and <5W equ i p : 


w 


The default weights per crew and passenger seats are C/ crew seat inc = U se at crew + U accom crew + U OK crew + 

U armor crew and (/pass seat inc (/seat pass T (/accom pass T U Q ^ pass • 

The payload consists of passengers or troops, cargo (internal and external), ammunition, and 
weapons: 


If payload bypass Ap a ss T ITcargo T IText load T H an] mo T ITweapons T All payload 

Here U pass is the weight per passenger, and N pass is the number of passengers. A payload increment is 
defined by A IT P ayioad • For fallout payload, the value of AWp a yioad is adjusted. 
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WEIGHT EMPTY 

SYSTEMS AND EQUIPMENT 
electrical group 
aircraft 

power supply 
power conversion 
power distribution and controls 
lights and signal devices 
equipment supports 
anti-icing 

avionics group (mission equipment) 
equipment 
installation 
armament group 

armament provisions 
armor 

furnishings & equipment group 
accommodation for personnel 
seats 

miscellaneous accommodation 
oxygen system 
miscellaneous equipment 
furnishings 
emergency equipment 

fire detection and extinguishing 
other emergency equipment 
load & handling group 
aircraft handling 
load handling 
USEFUL LOAD 

FIXED USEFUL LOAD 
crew 

other fixed useful load 
various categories 
equipment increment 
PAYLOAD 

passengers/troops 

cargo 

ammunition 

weapons 

Figure 8-1. Details of weight descriptions (based on RP8A). 
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Fuselage 


There is one fuselage component for the aircraft. 


9-1 Geometry 

The fuselage length /'f us can be input or calculated. The calculated length depends on the longitudinal 
positions of all components. Let x max and .r m j„ be the maximum (forward) and minimum (aft) position 
of all rotors, wings, and tails. Then the calculated fuselage length is 

ifns — nose “1“ (*£max *^min ) + /aft 


The nose length £ nose (distance forward of hub) and aft length £ a ft (distance aft of hub) are input, or 
calculated as / nose = f nose L and £ a ,f t = /. lf > L . Typically / a f t = 0 or negative for the main-rotor and 
tail-rotor configuration, and / a f t = 0.75 for the coaxial configuration. The fuselage width zcf us is input. 
The reference length L is the rotor radius or wing span of a designated component, or the input fuselage 
length. 


The fuselage wetted area ,S' we t (reference area for drag coefficients) and projected area S'proj (ref- 
erence area for vertical drag) are input (excluding or including the tail boom terms); or calculated from 
the nose length: 



— /wet (2fnose^fus T 2f nose 7i.’f ns T 2/if us tCf us ) 4 LboomT 
= f proj (/ nose ^fus) T ^boom-^ 


using input fuselage height hf us , and factors / wet and / pro j; or calculated from the fuselage length: 


Swet — /wet (^^fus^fus T 2£f us mf us H - 2/if us 'UJf us ) CboomL 
*$proj = /proj (^fus^fus) T ^boom-f 

Using the nose length and the tail boom area is probably best for a single-main-rotor and tail-rotor 
helicopter. Here Cboom is the effective tail boom circumference (boom wetted area divided by reference 
length), and Wboom is the effective tail boom width (boom vertical area divided by reference length). 

Cabin areas are required for weight estimates: total cabin surface area S'cabin for acoustic and 
thermal insulation weight (furnishings and equipment group); cabin floor area 5 ca bin floor for armor and 
cargo handling weights; and cabin wall area 5 ca bin wall for armor weight. These areas are input, or 
calculated from the fuselage dimensions: 


*$cabin — 
Ocabin floor — 
^cabin wall 


/cabin (2£f U s^fus T 2^f us 'U?f us ) 
/floor (^-fus^fus) 

/wall (2-^fus^fus) 


with typically / = 0.6. 
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The fuselage contribution to the aircraft operating length is Xf ns + / re f^f us (forward) and Xf us — (1 — 
/ref) ffus (aft). Here / re f is the position of the fuselage aerodynamic reference location aft of the nose, as 
a fraction of the fuselage length. If the fuselage length is input, then / re f is input; if the fuselage length 
is Calculated, then / re f = (^max /lose *£f us ) / ffns ■ 

9-2 Control and Loads 

The fuselage has a position z F , where the aerodynamic forces act; and the component axes are 
aligned with the aircraft axes, C BF = I. The fuselage has no control variables. 


9-3 Aerodynamics 

The aerodynamic velocity of the fuselage relative to the air, including interference, is calculated in 
component axes, v B . The angle of attack a fus , sideslip angle /3 fus (hence C BA ), and dynamic pressure q 
are calculated from v B . The reference area for the fuselage forward flight drag is the fuselage wetted area 
S'wet, which is input or calculated as described previously. The reference area for the fuselage vertical 
drag is the fuselage projected area ,S' pro j , which is input or calculated as described previously. 


9-3.1 Drag 


The drag area or drag coefficient is defined for forward flight, vertical flight, and sideward flight. 
In addition, the forward flight drag area or drag coefficient is defined for fixtures and fittings, and for 
rotor- body interference. The effective angle of attack is a e = af us - «omin, where 07 .) is the angle 
of minimum drag; in reverse flow (|a e | > 90), a e <— a e — 180 sign 07. For angles of attack less than a 
transition angle a t , the drag coefficient equals the forward flight (minimum) drag Cdo , plus an angle of 
attack term. Thus if \a e \ < a t 

Cd = Cdo (1 + K d \a e \ Xd ) 


and otherwise 


C Dt 

C D 


Cdo (1 + K d \a t \ Xd ) 

Cot + ( J’ r ° j CdV - Cot] 

\ ^wet / 


sin 


7T | ot e | a t \ 

2 7t/2 - a t ) 


and similarly for the transition of payload drag ( D/q) pay and contingency drag {D/q) cont . Optionally 
there might be no angle-of-attack variation at low angles ( K d = 0), or quadratic variation ( X (! = 2). With 
an input transition angle, there will be a jump in the slope of the drag coefficient at a t . For a smooth 
transition, the transition angle that matches slopes as well as coefficients is found by solving 


f 2X d A X d v X d -1 , (Spr< }j/ ^wet )Cdv ~ Cdo 

( v ~ V “* - x - a ‘ + k, 


This calculation of the transition angle is only implemented with quadratic variation, for which 


a t = - 1 + 

a 


'l-o 


(ffproj /Swet) Cpy - Cpp 
KdCp 0 


with a = (4/7t) — 1; a t is however required to be between 15 and 45 deg. For sideward flight (v B = 0) the 
drag is obtained using </> v = tan _1 (— vf /v B ) to interpolate between sideward and vertical coefficients: 

Cd = C D s cos 2 (j) v + C D v sin 2 <j) v 

^wet 
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D — qS we t [(Jd + Cd fit + Ccrb) + q(^(D/q) pay + (D / q) CO nt^ 

including drag coefficient for fixtures and fittings Coat and rotor-body interference Cd r b (summed over 
all rotors); drag area of the payload (specified for flight state); and contingency drag area. 

9-3.2 Lift and Pitch Moment 

The fuselage lift and pitch moment are defined in fixed form (L/q and M/q ), or scaled form (Cl 
and Cm, based on the fuselage wetted area and fuselage length). The effective angle of attack is 
a e = «fus - ®zi, where a z i is the angle of zero lift; in reverse flow (\a e \ > 90), a e <— a e - 180signa e . Let 
Omax be the angle-of-attack increment (above or below zero lift angle) for maximum lift. If \a e \ < a Itiax 


Cl = ChaOLe 
Cm = CmO + CMaOle 


and otherwise 


Cl 


C. 


M 


Cl<x OmaxSigna e 


f Tr/2-\a e \ \ 

|o max | ) 


( Cmo T Cm 0 o, nax signa' fl ) 


f 7r/ 2 -|a e | \ 

|o max | ) 


for zero lift and moment at 90 deg angle of attack. In sideward flight, these coefficients are zero. Then 
L = qS wet CL and M = qS Wflt C nt ,C M are the lift and pitch moment. 


9-3.3 Side Force and Yaw Moment 

The fuselage side force and yaw moment are defined in fixed form (Y/q and N/q), or scaled form 
(C'y and Cn, based on the fuselage wetted area and fuselage length). The effective sideslip angle is 
Pe = Pius - Pzy , where (3 zy is the angle of zero side force; in reverse flow (|/3 e | > 90) , /3 e <— Pe ~ 180 sign/3 e . 
Let p max be the sideslip angle increment (above or below zero side force angle) for maximum side force. 

If |/?e| < Pmax 

Cy = CypPe 

Cn = Cno + CwpPe 

and otherwise 

CV = C Y pp max signp e ( n / 0 2 ~ l f el . ) 

Cn = ( Cno + CNpPmaxSignPe) ( ~L — ,l^ e ^ 

\J T/ z | Pmax | J 

for zero side force and yaw moment at 90 deg sideslip angle. Then Y = qS wet C Y and N = qS xvet lf us CN 
are the side force and yaw moment. The roll moment is zero. 


9-4 Weights 

The fuselage group consists of the basic structure; wing and rotor fold/retraction; tail fold/tilt; and 
marinization, pressurization, and crashworthiness structure. 
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Chapter 10 


Landing Gear 


There is one landing gear component for the aircraft. The landing gear can be located on the body 
or on the wing. The landing gear can be fixed or retractable; a gear retraction speed is specified (CAS), 
or the landing gear state can be specified in the flight state. 

10-1 Geometry 

The landing gear has a position z F , where the aerodynamic forces act. The component axes are 
aligned with the aircraft axes, C BF = I. The landing gear has no control variables. The height of the 
bottom of the landing gear above ground level, Hlg, is specified in the flight state. The landing gear 
position z F is a distance dr,c above the bottom of the gear. 

10-1.1 Drag 

The drag area is specified for landing gear extended, ( D/q) LG ■ The velocity relative to the air at 
z F gives the drag direction e d = —v F /\v F \ and dynamic pressure q = 1 / 2 p\v F \ 2 (no interference). Then 

F F = e d q(D/q) LG 


is the total drag force . 


10-2 Weights 


The alighting gear group consists of basic structure, retraction, and crashworthiness structure. 
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Chapter 1 1 


Rotor 


The aircraft can have one or more rotors , or no rotors . In addition to main-rotors , the rotor component 
can model tail-rotors, propellers, proprotors, ducted fans, thrust vectoring rotors, and auxiliary-thrust 
rotors. The principal configuration designation (main-rotor, tail-rotor, or propeller) is identified for 
each rotor component, and in particular determines where the weights are put in the weight statement 
(summarized in table 11-1). Each configuration can possibly have a separate performance or weight 
model, which is separately specified. Antitorque rotors and auxiliary-thrust rotors can be identified, for 
special sizing options. Other configuration features are variable diameter and ducted fan, and reaction 
drive. 

Multi-rotor systems (such as coaxial or tandem configuration) are modeled as a set of separate rotors , 
in order to accommodate the description of the position, orientation, controls, and loads. Optionally the 
location of the center of the rotor system can be specified and the rotor locations calculated based on 
input separation parameters. The performance calculation for twin rotor systems can include the mutual 
influence of the induced velocity on the power. 

The main-rotor size is defined by the radius R or disk loading W/A , thrust-weighted solidity a, 
hover tip speed F tip , and blade loading C w /a = W / pAV// ip a . With more than one main-rotor, the disk 
loading and blade loading are obtained from an input fraction of design gross weight, W = fwWn ■ The 
air density p for C'w /a is obtained from a specified takeoff condition. If the rotor radius is fixed for 
the sizing task, three of ( R or W/A), Cw /a , Vfip, and a are input, and the other parameters are derived. 
Optionally the radius can be calculated from a specified ratio to the radius of another rotor. If the sizing 
task determines the rotor radius (i? and W/A), then two of Cw/v, Eip , and a are input, and the other 
parameter is derived. The radius can be sized for just a subset of the rotors, with fixed radius for the 
others. 

For antitorque and auxiliary-thrust rotors, three of (R or W/A), C w /a, V tip , and a are input, and 
the other parameters are derived. Optionally the radius can be calculated from a specified ratio to the 
radius of another rotor. The disk loading and blade loading are based on fT, where / is an input factor 
and T is the maximum thrust from designated design conditions. Optionally the tail-rotor radius can be 
scaled with the main-rotor radius: R = //t > , 111 (0. 1318 + 0.0071W/A), where / is an input factor and the 
units of disk loading W/A are lb/ft 2 . Figure 11-1 shows the basis for this scaling. 


Table 11-1. Principal configuration designation. 


configuration 

weight statement 

weight model 

performance model 

main-rotor 

rotor group 

rotor 

rotor 

tail-rotor 

empennage group 

tail-rotor 

rotor 

propeller 

propulsion group 

rotor, aux thrust 

rotor 
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Figure 11-1. Tail-rotor radius scaling. 


11-1 Drive System 

The drive system defines gear ratios for all the components it connects. The gear ratio is the ratio 
of the component rotational speed to that of the primary rotor. There is one primary rotor per propulsion 
group (for which the reference tip speed is specified); other components are dependent (for which a gear 
ratio is specified). There can be more than one drive system state, in order to model a multiple-speed or 
variable- speed transmission. Each drive system state corresponds to a set of gear ratios. 

For the primary rotor, a reference tip speed V)i P _ref is defined for each drive system state. By 
convention, the “hover tip speed” refers to the reference tip speed for drive state #1. If the sizing 
task changes the hover tip speed, then the ratios of the reference tip speeds at different engine states 
are kept constant. By convention, the gear ratio of the primary rotor is r = 1. For dependent rotors, 
either the gear ratio is specified (for each drive system state) or a tip speed is specified and the gear 
ratio is calculated (r = fl d ep/fl P rim, !-> = Vti P - re f /R)- For the engine group, either the gear ratio is 
specified (for each drive system state) or the gear ratio is calculated from the specification engine 
turbine speed fl spec = ( 27 r/ 60 )A - spec and the reference tip speed of the primary rotor (r = f 2 spe c/^prim , 
flprim = Ftip_ref / R) • The latter option means the specification engine turbine speed N spec corresponds 
to Ftip-ref for all drive system states. To determine the gear ratios, the reference tip speed and radius are 
used, corresponding to hover. 


Rotor 
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The flight state specifies the tip speed of the primary rotor and the drive system state, for each 
propulsion group. The drive system state defines the gear ratio for dependent rotors and the engine 
groups. From the rotor radius, the rotational speed of the primary rotor is obtained (Q prim = V t i P /R)\ 
from the gear ratios, the rotational speed of dependent rotors (fl dep = rfl prim ) and the engine groups 
( N = (60/27r)r eil gf> pnni ) are obtained; and from the rotor radius, the tip speed of the dependent rotor 
(Vtip = fldep R) is obtained. The flight state specification of the tip speed can be an input value, the 
reference tip speed, a function of flight speed or a conversion schedule, or one of several default values. 
These relationships between tip speed and rotational speed use the actual radius of the rotors in the flight 
state, which for a variable-diameter rotor may not be the same as the reference, hover radius. 

A designated drive system state can have a variable speed (variable gear ratio) transmission, by 
introducing a factor / gear on the gear ratio when the speeds of the dependent rotors and engines are 
evaluated. The factor / gea r is a component control, which can be connected to an aircraft control and 
thus set for each flight state. 

An optional conversion schedule is defined in terms of two speeds: hover and helicopter mode for 
speeds below l-'chover , cruise mode for speeds above Vecruise, and conversion mode for speeds between 
Vchover and Vccruise- The tip speed is Vti P -hover in helicopter and conversion mode, and Vti p _ cruise in 
airplane mode. Drive system states are defined for helicopter, cruise, and conversion mode flight. The 
flight state specifies the nacelle tilt angle, tip speeds, control state, and drive system state , including the 
option to obtain any or all of these quantities from the conversion schedule . 

Several default values of the tip speed are defined for use by the flight state, including cruise, 
maneuver, one-engine inoperative , drive system limit conditions , and a function of flight speed (piecewise 
linear input). Optionally these default values can be input as a fraction of the hover tip speed. Optionally 
the tip speed can be calculated from p = V/V tip , so V tip = V / \x\ or from M at = 1 + /i) 2 + /r \ , so 

Vtip = \Z(c s M a t) 2 — V? — V. Optionally the tip speed can be the minimum of the input value or that for 
M at . 


The sizing task might change the hover tip speed (reference tip speed for drive system state #1), 
the reference tip speed of a dependent rotor, a rotor radius, or the specification engine turbine speed 
N spec . In such cases the gear ratios and other parameters are recalculated. Note that it is not consistent 
to change the reference tip speed of a dependent rotor if the gear ratio is a fixed input. 

An increment on the primary rotor rotational speed (or primary engine group, if there are no rotors) 
is a control variable of the propulsion group. 

11-2 Geometry 

The rotor rotation direction is described by the parameter r: r = 1 for counter-clockwise rotation 
and r = — 1 for clockwise rotation (as viewed from the positive thrust side of the rotor). 

The rotor solidity and blade mean chord are related by a = Nc/irR; usually thrust-weighted values 
are used, but geometric values are also required by the analysis. The mean chord is the average of 
the chord over the rotor blade span, from root cutout to tip. The thrust-weighted chord is the average 
of the chord over the rotor blade span r, from root cutout to tip, weighted by r 2 . A general blade 
chord distribution is specified as c(r) = c re fc(r), where c re f is the thrust-weighted chord. Linear taper is 
specified in terms of a taper ratio t = c t ip/c root , or in terms of the ratio of thrust-weighted and geometric 
chords, / = at/cjg = c^^r/c.^r. 
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The rotor hub is at position z F uh . Optionally, a component of the position can be calculated, 
superseding the location input. The calculated geometry depends on the configuration. For a coaxial 
rotor, the rotor separation is s = \k T C SF (z F uhl - z F uh2 ) / (2R)\ (fraction rotor diameter), or the hub 
locations are calculated from the input separation s, and the input location midway between the hubs: 

z hub = ^"center C FS ^ 0 ^ 

For a tandem rotor, the rotor longitudinal overlap is o = A£/ (2 R) = 1 — £/(2 R) (fraction rotor diameter), 
or the hub locations are calculated from the input overlap o, and the input location midway between the 
hubs: 

^hub = ^center T R( 1 o) 

For a tail-rotor, the longitudinal position can be calculated from the main-rotor radius R, tail-rotor radius 
R tr , and tail-rotor/main-rotor clearance d tr : 


X\mbtr Ihiibrnr ( Rmr T df r -\- Rtr) 

For a tiltrotor, the lateral position can be calculated from the rotor radius R (cruise value for variable- 
diameter rotor), fuselage/rotor clearance df us , and fuselage width u; fus : 


I/hub — i ( f R T dfus T '/V^fns ) 


with the pivot, pylon, and nacelle center-of-gravity lateral positions adjusted to keep the same relative 
position to the hub. The calculated clearance between the rotor and fuselage is df us = //| m b | — (R+ l fiWf us ) . 
Alternatively, for a tiltrotor the lateral position can be calculated from the wing span, j/ hub = ± 6/2, so 
the rotors are at the wing tips, or from a designated wing panel edge, (/| m b = ± rj p (b/2) . 

For twin rotors (tandem, side-by-side, or coaxial), the overlap is o = Af/(2 R) = 1 — 1/(2 R) 
(fraction of diameter; 0 for no overlap and 1 for coaxial), where the hub-to-hub separation is £ = 
[(^hubi - £hub 2 ) 2 + ( 2/hub i - 2 /hub 2 ) 2 ] 1 ^ 2 (f = 2 R for no overlap and t = 0 for coaxial). The overlap area 
is mA, with A the area of one rotor disk and 


in = 


2 
7 T 


cos~ 1 (£/2R) - (£/2R)^/l~(£/2R) 2 


The vertical separation is s = l^hubi - ^hub2|/(2f?). 

The reference areas for the component drag coefficients are the rotor disk area A = nR 2 (for hub 
drag), pylon wetted area S/yion, duct wetted area 2.S',h lc t, a| id spinner wetted area S^in. The pylon wetted 
area is input, or calculated from the drive system (gear box and rotor shaft) weight, or from the drive 
system plus engine system (engine, exhaust, and accessories) weight: 

pylon = k(w / N vo for ) 


where w = W g b rs or w = W g b rs + J2 Wes and the units of k are ft 2 /lb 2 / 3 or m 2 /kg 2 / 3 . The pylon area 
is included in the aircraft wetted area if the pylon drag coefficient is nonzero. The duct wetted area is 
twice the duct area ,S' f |, lc t - The duct area is input, or calculated from the rotor circumference and the duct 
length f duct = kR: 

*9duct — (2jT /f/rluct 
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The spinner wetted area is input, or calculated from the spinner frontal area: 

5spin = k(7rf? sp in) 

where A sp i n is the spinner radius, which is specified as a fraction of the rotor radius. 

The rotor contribution to the aircraft operating length and width is calculated from the locus of 
the rotor disk: z disk = z hub + RC FS (cos ip sin^0) T . The longitudinal distance from the hub position is 
As = R(a cos -ip + b sin ip) , so the maximum distance is Ax = ±R\/a 2 + b 2 . The lateral distance from the 
hub position is Ay = A(c cos ip + d sin ip), so the maximum distance is Ay = ±R\/c 2 + d 2 . 


11-3 Control and Loads 


The rotor controls consist of collective, lateral cyclic, longitudinal cyclic, and perhaps shaft inci- 
dence (tilt) and cant angles. Rotor cyclic control can be defined in terms of tip-path plane or no-feathering 
plane command. The collective control variable is the rotor thrust amplitude or the collective pitch angle. 


The relationship between tip-path plane tilt and hub moment is M = A I b Q. 2 (v 2 — 1 )(3 = K huh /3, 
where N is the number of blades, O the rotor speed, and v the dimensionless fundamental flap frequency. 
The flap moment of inertia I b is obtained from the Lock number: 7 = pacR A /I b , for seal level standard 
(SLS) density p, lift-curve slope a = 5.7, and thrust-weighted chord (or from the blade weight, or from 
an autorotation index) . The flap frequency and Lock number are specified for hover radius and rotational 
speed. The flap frequency and hub stiffness are required for the radius and rotational speed of the flight 
state. For a hinge less rotor, the blade flap spring is A'a ap = I b Vl 2 {v 2 - 1), obtained from the hover 
quantities; then K huh = yA' flap and 


1 + 


A flap 

w 


For an articulated rotor, the hinge offset is e = Ax/(1 + x ) , x = | (id 2 — 1) from the hover quantities; then 



e/R 
1 - e/R 


and A' hub = A l h () 2 (iP 2 - 1), using I b from 7 (and scaled with A for a variable diameter rotor) and O for 
the flight state. 

Optionally the rotor can have a variable diameter. The rotor diameter is treated as a control, allowing 
it to be connected to an aircraft control and thus set for each flight state. The basic variation can be 
specified based on the conversion schedule, or input as a function of flight speed (piecewise linear input). 
For the conversion schedule, the rotor radius is Ahover for speeds below Vchover* -Remise = / /Rover for 
speeds above f’cemise , and linear with flight speed in conversion mode. During the diameter change, the 
chord, chord radial distribution, and blade weight are assumed fixed; hence solidity scales as a ~ 1/A, 
blade flap moment of inertia as I b ~ A 2 , and Lock number as 7 ~ A 2 . 


11-3.1 Control Variables 

The collective control variable is direct command of rotor thrust magnitude T or GV /cr (in shaft 
axes), from which the collective pitch angle can be calculated; or rotor collective pitch angle 6*0.75 , from 
which the thrust and inflow can be calculated. 

Shaft tilt control variables are incidence (tilt) and cant angles, acting at a pivot location. 
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Tip-path plane command is direct control of the tip-path plane tilt, hence tilt of the thrust vector. 
This control mode requires calculation of rotor cyclic pitch angles from the flapping. The control 
variables are longitudinal tilt /3 C (positive forward) and lateral tilt f3 s (positive toward retreating side). 
Alternatively, the cyclic control can be specified in terms of hub moment or lift offset, if the blade 
flap frequency is greater than 1/rev. The relationship between tip-path plane tilt and hub moment is 
M = Ahub/3, and between moment and lift offset is M = o(TR). Thus the flapping is 



for hub moment command or lift offset command, respectively. 

No-feathering plane command is control of rotor cyclic pitch angles, usually producing tilt of the 
thrust vector. This control mode requires calculation of rotor tip-path plane tilt from the cyclic control, 
including the influence of inflow. The control variables are longitudinal cyclic pitch angle 6 S (positive 
aft) and lateral cyclic pitch angle 9 C (positive toward retreating side). 

11-3.2 Aircraft Controls 

Each control c an be connected to the aircraft controls cac ■ c = c 0 + STcac » with c 0 zero , constant , or 
a function of flight speed (piecewise linear input). The factor S can be introduced to automatically scale 
the collective matrix: S = a/6 = l/60if the collective control variable is C't/o", S = pT t ? p A b i a de(a/6) 
if the collective control variable is rotor thrust T; S = 1 if the collective control variable is pitch angle 
$0.75 • For cyclic matrices, S = 1 with no-feathering plane command, and S = — 1 for tip-path plane 
command. 


11-3.3 Rotor Axes and Shaft Tilt 

The rotor hub is at position z F uh , where the rotor forces and moments act; the orientation of the rotor 
shaft axes relative to the aircraft axes is given by the rotation matrix C SF . The pivot is at position z F ivot . 
The hub or shaft axes S have origin at the hub node; the z-axis is the shaft, positive in the positive thrust 
direction; and the z-axis downstream or up. The rotor orientation is specified by selecting a nominal 
direction in body axes (positive or negative x-,y-, or z-axis) for the positive thrust direction; the other 
two axes are then the axes of control. For a main-rotor, the nominal direction would be the negative 
z-axis; for a tail-rotor, it would be the lateral axis (ry-axis, depending on the direction of rotation of 
the main-rotor); and for a propeller, the nominal direction would be the positive z-axis. This selection 
defines a rotation matrix W from F to S axes. The hub and pivot axes have a fixed orientation relative 
to the body axes: 

hub incidence and cant: C HF = Ug h V,,, h 

pivot dihedral, pitch, and sweep: C PF = X t j >p Yg p Z^ p 

where U and V depend on the nominal direction, as described in table 11 - 2 . The shaft control consists 
of incidence and cant about the pivot axes, from reference angles i re f and c re f : 

f ront — Ui— i ref V c — Cref 

For a tiltrotor aircraft, one of the aircraft controls is the nacelle angle, with the convention a tilt = 0 for 
cruise, and emit = 90 deg for helicopter mode. The rotor shaft incidence angle is then connected to 
atm by defining the matrix T, appropriately. For the locations and orientation input in helicopter mode, 
* re f = 90. Thus the orientation of the shaft axes relative to the body axes is: 


c SF = WC HF C FP C cont C PF 
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or just C SF = WC HF with no shaft control. From the pivot location z F ivot and the hub location for the 
reference shaft control z F uh0 , the hub location in general is 


*h»b = <ivot + (C FP C cont C FF Y\zU 0 ~ <ivot) 


PF\T < 


Similarly, the pylon location and nacelle center-of-gravity location can be calculated for given shaft 
control. The shift in the aircraft center of gravity produced by nacelle tilt is 


W(z cg Z C g o) — W mo ve(z nac z nac0 ) — ^mo ve(C ^cont^ -0 ( 2 nac0 ~pivot) 

where W is the gross weight and W move the weight moved. Table 11-2 summarizes the geometry options. 


Table 11-2. Rotor shaft axes. 



nominal thrust 

2 S -axis 

rr^-axis 


w 

incidence 
+ for T 

cant 
+ for T 

Ue h Vi h 

main-rotor 

-z F 

up 

—x F 

aft 

T 180 

aft 

right 

YgX 4, 

other 

2 F 

down 

—x F 

aft 

^180 

aft 

right 

Y-eX^ 

propeller 

x F 

forward 

-z F 

up 

>90 

up 

right 

YgZ 4 

other 

—x F 

aft 

-z F 

up 

ZisoY-go 

up 

right 

Y_ e Z-t 

tail-rotor (r = 1) 

y F 

right 

—x F 

aft 

^180^-90 

aft 

up 

ZgX^ 

tail-rotor (r = — 1) 

-y F 

left 

—x F 

aft 

ZisoXgo 

aft 

up 

Z-gX^ 


Tl80 — 


^180 — 


Tgo = 


-10 0 
0 10 
0 0-1 

-10 0 
0-10 
0 0 1 

0 0 -1" 
0 10 
10 0 


•^180^-90 — 


0 0-1 
0-10 
-10 0 


■Zl8C)7f-90 


-10 0 
0 0 1 
0 10 


-ZiSoTfgo — 


-1 

0 

0 


0 0 

0 -1 

-1 0 


11-3.4 Hub Loads 

The rotor controls give the thrust magnitude and the tip-path plane tilt angles (i c and f3 s , either 
directly or from the collective and cyclic pitch. The forces acting on the hub are the thrust T, drag H, 
and side force Y (positive in z-,x-, y - axis directions, respectively). The hub pitch and roll moments are 
proportional to the flap angles. The hub torque is obtained from the shaft power P s h a ft and rotor speed 
O. The force and moment acting on the hub, in shaft axes, are then: 



/ M x \ ( K huh (r&) \ 

M s = M y = K huh (-p c ) 

\ -rQ ) \ -rPs haft/fl / 
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The force includes a term proportional to the rotor thrust and an input blockage factor f B = A T/T > 0. 
This term accounts for blockage or download, as an alternative to including the drag of the fuselage 
or a lifting surface in the aircraft trim. For example, f B can model the tail-rotor blockage caused by 
operation near the vertical tail. The rotor loads in aircraft axes acting at the center of gravity are then: 

F f = C fs F s 

m f = C fs M s + A 7 f F f 

where A z F = z F uh - z F . 

The wind axis lift L and drag X are calculated from the net rotor hub force F f and the rotor velocity 
v F . The velocity relative to the air gives the propulsive force direction e p = v F /\v F \ (no interference) 
and the velocity magnitude V = The drag and lift components of the force are A = —e p F F and 
L= |(/ — e p e F )F F \, respectively. Thus XF = -(v f ) t F f and L 2 = \F f \ 2 — \X\ 2 . The rotor contribution 
to vertical force is the z-axis component of the force in inertial axes, F v - -k T C IF F f . 

11-4 Aerodynamics 

The rotor velocity relative to the air is v F = v F c + u> F c Az F in aircraft axes. The velocities in shaft 
axes are 

v s = C SF v F = 07? ^ rp y j lo s = C sf uj f c = O 

where Oi? is the rotor tip speed. The advance ratio //, inflow ratio A, and shaft angle of attack a are 
defined as 

M = \] l4 + My 
A = A,; + n z 
a = tan - 1 (p, z //i) 

The blade velocity relative to the air has the maximum amplitude (advancing tip velocity) of ji at = 
\/(l + m) 2 + /ii , from which the advancing tip Mach number is M at = M ti P n at , using the tip Mach 
number M tip = (07?) /c s . The rotor thrust coefficient is defined as Ct = T/ pA(<>ll) 2 . The dimensionless 
ideal induced velocity A, is calculated from p, p z , and Ct; then the dimensional velocity is Vi = 07? Aj. 
The ideal induced power is then 7j,| e;i i = 7’r, . Note that for these inflow velocities, the subscript “i” 
denotes “ideal.” 



11-4.1 Ideal Inflow 

The ideal wake-induced velocity is obtained from Glauert’s momentum theory: 

\ ° T sXl 
’ 2^/X 2 + p 2 i/A 2 + p 2 

where A = Aj + n z , \ 2 h = |C T |/2 (A/, is always positive), and s = sign C T . This expression is generalized 
to 

A i — A h S ^(m/A hi SfJ’z / Xh) 


If n is zero, the equation for A, can be solved analytically. Otherwise, for non-axial flow, the equation 
is written as follows: 


A = 


a/ A 2 + H 2 


+ Mz 
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Using A instead of A, as the independent variable simplifies implementation of the ducted fan model. A 
Newton-Raphson solution for A gives: 


A in. 


l 






An+l — A n 


An Hz A i n 
1 + Aj n An/(An + /i 2 ) 


/ 


A relaxation factor of / 
sufficient, using 


0.5 is used to improve convergence. Three or four iterations are usually 


A = 




\/ (sA h + Hz ) 2 + A * 2 


to start the solution. To eliminate the singularity of the momentum theory result at ideal autorotation, 
the expression 


A = fi z 


0.373^ 2 + 0.598/z 2 

A h 


0.991 


is used when 

1.5p 2 + (2 sp z + 3A h) 2 < A 2 


The equation A = p, z (ap 2 — bX 2 + cp, 2 )/ A 2 is an approximation for the induced power measured in the 
turbulent- wake and vortex-ring states. Matching this equation to the axial-flow momentum theory result 
at p z = -2A h and p z = -X h gives a = \/5/6 = 0.3726780 and b = (4\/5 - 3)/6 = 0.9907120. Then 
matching to the forward-flight momentum theory result at (p = X h , p z = — 1.5A/J gives c = 0.5980197. 
For axial flow (/r = 0) the solution is: 


A = < 


2 

Hz 




0.373^ 2 

Af 


— 0.991 


^ 1 —A? 


m 


- x h < sji z 
'2Xh < < Xh 

sfi z < 2Xh 


Note that A, and t;, are the ideal induced velocities; additional factors are required for the wake-induced 
velocity or induced power calculations. 


11-4.1.1 Ducted Fan 

Rotor momentum theory can be extended to the case of a ducted fan. Consider a rotor system with 
disk area A, operating at speed V, with an angle a between V and the disk plane. The induced velocity 
at the rotor disk is v, and in the far wake w = fwv. The far wake area is = A/ /a- The axial velocity 
at the fan is fy z V z , with f Vz accounting for acceleration or deceleration through the duct. The edgewise 
velocity at the fan is fy x V x , with f Vx = 1.0 for wing-like behavior, or f Vx = 0 for tube-like behavior of 
the flow. The total thrust (rotor plus duct) is T, and the rotor thrust is T rot0 r = frT. For this model, the 
duct aerodynamics are defined by the thrust ratio fr or far wake area ratio /a , plus the fan velocity ratio 
fv ■ The mass flux through the rotor disk is to = pAU = pA^ LAc , where U and U Q 0 are respectively the 
total velocity magnitudes at the fan and in the far wake: 

U 2 = ( f Vx V cos a) 2 + (f Vz V sin a + v) 2 
^oo = (U cos a) 2 + ( V sin a + w ) 2 
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Mass conservation (f A = A/A^ = U^/U) relates /a and f w . Momentum and energy conservation give 

T = rhw = pAUaoW / f a = pAUf w v 
P = ^ mw ( 2V sin a + w) = T (v sin a + ^ 

With these expressions, the span of the lifting system in forward flight is assumed equal to the rotor 
diameter 2 R. Next it is required that the power equals the rotor induced and parasite loss: 


p = TrotorifvzV sin a + v) = Tf T (f Vz V sin a + v) 


In axial flow, this result can be derived from Bernoulli’s equation for the pressure in the wake. In 
forward flight, any induced drag on the duct is being neglected. From these two expressions for power, 
V, + fwv/2 = frifvzVz + v) is obtained, relating f T and f w . With no duct (f T = f Vx = fvz = 1), the 
far wake velocity is always w = 2v, hence f w = 2. With an ideal duct (/a = .fv x = fvz = 1), the far 
wake velocity is f w = 1. In hover (with or without a duct), f w = f A = 2 f T , and v = \J‘2/ f w vi, . The 
rotor ideal induced power is Pideai = Tw/2 = J'nTv, introducing the duct factor f D = f w / 2. 


For a ducted fan, the thrust Ct is calculated from the total load (rotor plus duct). To define the duct 
effectiveness, either the thrust ratio f T = T rotor /T or the far wake area ratio f A = A/ A ^ is specified (and 
the fan velocity ratio f v ). The wake-induced velocity is obtained from the momentum theory result for 
a ducted fan: \ 2 h = {fwK/^)\/{fvxP) 2 + ( fvzPz + A,) 2 . If the thrust ratio fr is specified, this can be 
written 


fvzpz + \ 


stft/fr + Mz 

\/(fvzPz + Aj) 2 + (f Vx p) 2 -fT 


In this form, A* can be determined using the free-rotor expressions given previously: replacing X 2 , p z , 
p, and A with A \/fr, Hz/fr, fvxH> an d fvzl^z + A, , respectively. Then from A, ; the velocity and area 
ratios are obtained: 


fw = 2 yfr - (1 - frfvz) 


Sa = 


p 2 + ( Pz + fwXi )■' 


V (fvxV) 2 + (fvzHz + Ai) 2 

If instead the area ratio f A is specified, it is simplest to first solve for the far wake velocity fwX,:. 

sA 2 2 /a 


Mz + fwXi — 


'/(Mz + fwXi) 2 + P 2 


A«z 


In this form, f w X, can be determined using the free-rotor expressions given previously: replacing X 2 h 
and A with X 2 2f A and p z + f\\-X,, respectively. The induced velocity is 


( fvzPz + x i) 2 = [p 2 + ( Pz + fwXi ) 2 ] - ifvxV) 2 

I A 

The velocity ratio is f w = ( fwXi)/Xi , and 

r _ Mz + fwXj/2 
fvzfJ'z + A; 

is the thrust ratio. However, physical problems and convergence difficulties are encountered with this 
approach in descent, if an arbitrary value of f T is permitted. From the expression for f T , f T should 
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approach 1 / f Vz at high rates of climb or descent. To avoid problems with an arbitrary value of fr, it is 
assumed that the input value of / T defines the velocity ratio fw = 2 f T in descent. So in descent p z is 
not replaced by p z / fr- 


11-4.1.2 Ground Effect 

The wake-induced velocity is reduced when the rotor disk is in the proximity of the ground plane. 
Ground effect in hover can be described in terms of the figure of merit M — (T 3 / 2 /^/2pA) /P as a function 
of scaled rotor height above the ground, z g /D = z g /2R. Usually the test data are given as the ratio of 
the thrust to OGE thrust, for constant power: T/T^ = (. M/M ^ ) 2 / 3 = n g > 1. The effect on power at 
constant thrust is then P = Poof g , where f g = k q 3 ^ 2 < 1. Ground effect is generally negligible at heights 
above z g /D = 1.5 and at forward speeds above p = 8 A/, . 

The ground plane is assumed to be perpendicular to the inertial frame 2 -axis. The ground normal 
(directed downward) is k F = C FI k in airframe axes, or k g = C SF k F in rotor shaft axes. The height 
of the landing gear above ground level, Hlg, is specified in the flight state. The height of the rotor hub 
above ground level is then 

z g = h LG - ( k F ) T (zj f ub - z[ G ) + d LG 

where zf G is the position of the landing gear in the airframe , and d LG is the distance from the bottom of 
the gear to the location z LG . From the velocity 

the angle e between the ground normal and the rotor wake is evaluated: cos e = {kf j ) T v s /\v s \ (e = 0 for 
hover, e = 90 deg in forward flight). Note that if the rotor shaft is vertical, then cos e = A/vV 2 + ( see 
ref. 1). The expressions for ground effect in hover are generalized to forward flight by using {z g / cos e) 
in place of z g . No ground effect correction is applied if the wake is directed upward (cose < 0), or if 
z g / cose > 1.5 D. From z g /D cose, the ground effect factor f g = is calculated. Then 

(Aj)lGE = .fg (Aj)oGE 

is the effective ideal induced velocity. 


Several empirical ground effect models are implemented: from Cheeseman and Bennett (ref. 1 , 
basic model and using blade-element (BE) theory to incorporate influence of thrust), from Eaw (ref. 2), 
from Hayden (ref. 3), and a curve fit of the interpolation from Zbrozek (ref. 4): 



(4 Zg/Rf 


1 + 1.5 


4G t (4z g /R) 2 


1.0991 -0.1042 /(zg/D) 

1 + (Gr/cr) (0.2894 - 0.3913 /(z g /D)) 


0.9926 


0.03794 ] _1 
(z g /2R) 2 _ 


0.9122 



Cheeseman and Bennett 
Cheeseman and Bennett (BE) 
Law 
Hayden 

Zbrozek 
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Figure 11-2. Ground effect models (hover). 


These equations break down at small height above the ground, and so are restricted to z g /D > 0.15; 
however, the database for ground effect extends only to about z/D = 0.3. Also, f g < 1 is required. 
Figure 11-2 shows T/T, ' x = n g = f g 2 ^ as a function of z/R for these models ( C T /o = 0.05, 0.10, 0.15), 
compared with test data from several sources. 

The influence of the ground on tiltrotor power required is stronger than for an isolated rotor. This 
further reduction of power is probably due to a reduction of wing and fuselage download when operating 
near the ground. For quad tiltrotors, an upload on the airframe has been measured at low heights. These 
effects can be modeled by using an effective distance above the ground: z e = C g z g , with typically 
C g = 0.5 for a tiltrotor. 

11-4.1.3 Inflow Gradient 

As a simple approximation to nonuniform induced velocity distribution, a linear variation over the 
disk is used: A A = \ x r cosip + A^r sin ip. There are contributions to A A from forward flight and from 
hub moments, which influence the relationship between flapping and cyclic. The linear inflow variation 
caused by forward flight is AA / = \{n x r cos ip + n v r sin ip) , where A i is the mean inflow. Typically k x 
is positive, and roughly 1 at high speed, and n v is smaller in magnitude and negative. Both k x and n y 


Rotor 


103 


must be zero in hover. Based on references 5-8, the following models are considered: 


Coleman and Feingold: 


White and Blake: 


k x0 = fx ^ tan x/2 = f x ^ . = 

J 32 A/ Jx 32 ^ 2 ^ 2 + | A | 

KyO = — /y2/i 

«x0 = / x V2sinx = f x V2—=== 

V M + A 2 

KyO = _ 2 fyl-i 


where tan y = | A | / /./ is the wake angle. Extending these results to include sideward velocity gives 
n x = (k x oMx + Kyoi-iy) /m and = (— Kxo My + %oMx)/M- For flexibility, the empirical factors and / y 
have been introduced (values of 1 .0 give the baseline model). There is also an inflow variation produced 
by any net aerodynamic moment on the rotor disk, which can be evaluated using a differential form of 
momentum theory: 


AA 


m 


\A^Ta^ 


(— 2C Myr cos i/j + 2Cm x i' sin ip) = X xm rcos ip + A ym r sin if) 


including empirical factor f m . Note that the denominator of the hub moment term is zero for a hovering 
rotor at zero thrust; so this inflow contribution should not be used for cases of low speed and low thrust. 


11-4.2 Rotor Forces 


When direct control of the rotor thrust magnitude is used, the rotor collective pitch angle 9 0 , 75 must 
be calculated from the thrust Ct/o. If the commanded variable is the collective pitch angle, then it is 
necessary to calculate the rotor thrust, resulting in more computation, particularly since all quantities 
depending on the thrust (inflow, induced power factor, and mean drag coefficient) are also unknown. 
There may be flight states where the commanded thrust can not be produced by the rotor, even with 
stall neglected in the section aerodynamics. This condition manifests as an inability to solve for the 
collective pitch given the thrust. In this circumstance the trim method can be changed so the required 
or specified thrust is an achievable value, or commanded collective pitch control can be used. 

Cyclic control consists of tip-path plane command, requiring calculation of the rotor cyclic pitch 
angles from the flapping; or no-feathering plane command, requiring calculation of the tip-path plane tilt 
from the cyclic control angles. The longitudinal tip-path plane tilt is (3 C (positive forward) and the lateral 
tilt is (3 S (positive toward retreating side). The longitudinal cyclic pitch angle is 9 S (positive aft), and the 
lateral cyclic pitch angle is 9 C (positive toward retreating side). Tip-path plane command is appropriate 
for main-rotors. For rotors with no cyclic pitch, no-feathering plane command must be used. 

The forces acting on the hub are the thrust T, drag //, and side force Y (positive in z-, x-, y- 
axis directions, respectively). The aerodynamic analysis is conducted for a clockwise rotating rotor, 
with appropriate sign changes for lateral velocity, flapping, and force. The analysis is conducted in 
dimensionless form, based on the actual radius and rotational speed of the flight state. The inplane hub 
forces are produced by tilt of the thrust vector with the tip-path plane, plus forces in the tip-path plane, 
and profile terms (produced by the blade drag coefficient). The orientation of the tip-path axes relative 
to the shaft axes is then C PS — X r p B Y_p c . Then 



= C‘ 


SP 



Cmpp \ 

rCytpp 

0 J 
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The inplane forces relative to the tip-path plane can be neglected, or calculated by blade element theory. 
Note that with thrust and tip-path plane command and C// tpp and Cy tpp neglected, it is not necessary to 
solve for the rotor collective and cyclic pitch angles. In general the inplane forces relative to the tip-path 
plane are not zero, and may be significant, as for a rotor with large flap stiffness. Figures 1 l-3a and b 
show, respectively, the tip-path plane tilt and thrust vector tilt with cyclic pitch control (no-feathering 
plane tilt), as functions of flap stiffness (frequency), for several rotor thrust values. The difference 
between tip-path plane tilt (fig. ll-3a) and thrust vector tilt (fig. ll-3b) is caused by tilt of the thrust 
vector relative to the tip-path plane. 

The profile inplane forces can be obtained from simplified equations, or calculated by blade element 
theory. The simplified method uses: 

( C Ho \ p ( Px/p\ 

V Cyo) - 8 

where the mean drag coefficient Q m ean is from the profile power calculation. The function F H ac- 
counts for the increase of the blade section velocity with rotor edgewise and axial speed: Cho = 

f \ aCdU(r sin ip + p)dr = f \ acd{u p + u 2 R + Up) 1 / 2 ^ sin^> + /. i)dr\ so (from ref. 9) 

/»27T /* 1 

Fh = 4— / / ((r + /i sin ^) 2 + (fi cos V>) 2 + l£) (r sin ^ + //) dr dijp 

27T J o Jo 

~ ^ 1 + V " 2 ( 3/i + I^Jl + V 2 ) 2 ) + + 4^ 3 ) ln 

with V 2 = n 2 + nl . 


Vi + v 2 + i 
V 


11-4.3 Blade Element Theory 

Blade element theory is the basis for the solution for the collective and cyclic pitch angles (or thrust 
and flap angles) and evaluation of the rotor inplane hub forces. The section aerodynamics are described 
by lift varying linearly with angle of attack, q = cp M a. (no stall), and a constant mean drag coefficient 
Qmean (from the profile power calculation). The analysis is conducted in dimensionless form (based on 
density p, rotor rotational speed fi, and blade radius R of the flight state). So in the following a, v, and 
7 are for the actual p, O, and R; and a = 5.7 is the lift-curve slope used in the Lock number 7. The blade 
section aerodynamic environment is described by the three components of velocity, from which the yaw 
and inflow angles are obtained, and then the angle of attack: 


ut = r + p x sin + p y cos ip 

ur = p x cos ip — p y sin ip 

up = A + r($ + a x sin ip — a y cos ip) + ur/3 


U 2 = Up + Up 
cos A = U/ Jup + u 2 p + u 2 R 
<p = tan^ 1 up/ up 
a = 9 — <p 


In reverse flow (|a| > 90), a <— a — 180 signa, and then ci- = ci a u still (airfoil tables are not used). The 
blade pitch consists of collective, cyclic, twist, and pitch-flap coupling terms. The flap motion is rigid 
rotation about a hinge with no offset, and only coning and once-per-revolution terms are considered: 

0 = do . 75 + Qtw + dc cos ip + 9 S sin ip - I\ P f3 
(3 = Po + Pc cos ip + P s sin ip 



thrust tilt / cyclic magnitude TPP tilt / cyclic magnitude 


Rotor 


105 



flap frequency v (per-rev) 


Figure 1 l-3a. Tip-path plane tilt with cyclic pitch. 



flap frequency v (per-rev) 


Figure 1 1 -3b. Thrust vector tilt with cyclic pitch. 
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where K P = tan S 3 . The twist is measured relative to 0.751?; 9 tw = 0rJ.r — 0.75) for linear twist. The 
mean inflow is A 0 = kX *, using the induced velocity factor k from the induced power model. The inflow 
includes gradients caused by edgewise flight and hub moments: 


X = n z + Ao(l + n x r cosip + K y rsinip) + AA„ 
= fi z + Aq(1 + n x r cosip + K y rsinip) + 


fn 




(—2 Cm v i" cos ip + 2 Cmx'I' sin ip) 


From the hub moments 

the inflow gradient is 

fm 


-Cm v \ = V 2 -l ( p, 
Cmx 127 


AA m — 


^/i 2 + A 2 8 I 7/8 


aa [rp c cos ip + rfi s sin ip) = K m — — — - (r/3 c cos ip + r/3 s sin ip) 


7/8 


The constant K m is associated with a lift-deficiency function: 


1 + K m 1 + /mCra/ (8 vV 2 + A 2 ) 

The blade chord is c(r) = c re fc(r), where c re f is the thrust-weighted chord (chord at 0.751? for linear 
taper). Yawed flow effects increase the section drag coefficient, hence Cd = Cdmean/cosA. The section 
forces in velocity axes and shaft axes are 


L = -pU 2 cct 
D = i pU 2 cc d 
R = ^pU 2 cCr = DtanA 


F z = L cos cp — Hsin (p = -pUc(ceiiT — CdUp) 
F x = Lshi(p+ Dcoscp = -pUc(c£Up + CdUp) 


F r = - PF Z + R 


-f3F z + -pUccdUp 


These equations for the section environment and section forces are applicable to high inflow (large p z ), 
sideward flight (p y ), and reverse flow (u T < 0). The total forces on the rotor hub are 


T=N I F z dr 

H = N j F^simp + F r cosTpdr 
Y = N f —F x cos ip + F r sin ip dr 


with an average over the rotor azimuth implied, along with the integration over the radius. Lift forces 
are integrated from the root cutout r roo t to the tip loss factor B. Drag forces are integrated from the root 
cutout to the tip. 

In coefficient form (forces divided by pAV 2 ip ) the rotor thrust and inplane forces are: 

F z = ^ cU(c e u T - c d u P ) 

F x = ^ cU(c e u P + c d u T ) 

F r = - pF z + ^ cUc d u R 


C T = a J F z dr 

Ch = u J F x sin ip + F r cos ip dr 
Cy = a [ —F x cos ip + F r sin ip dr 
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(and the sign of Cy is changed for a clockwise rotating rotor). The terms A F x = F z /3 and A F r = —F z (3 
produce tilt of the thrust vector with the tip-path plane (Cr = -CV/T and Cy = — Ct(3 s ), which 
are accounted for directly. The section drag coefficient c d produces the profile inplane forces. The 
approximation u P = fi z is consistent with the simplified method (using the function F H ) , hence 


- 1 

F X o — ^cU^CdUT 
F r o — ^cU 0 C d U R 


Cho — a 
C Yo = cr 


F xo sin %p + F ro cos ip dr 
—F xo cos ip + F ro sin ip dr 


a 

2 

a 


2 


cU 0 c d (rsmip + p x ) dr 
cUoc d (r cos ip + fj, y ) dr 


where Ufi = u\ + p 2 , and c d = c dmea n /cosA. Using blade element theory to evaluate C Ho and C Yo 
accounts for the planform (c) and root cutout. Using the function F H implies a rectangular blade and no 
root cutout (plus at most a 1% error approximating the exact integration). The remaining terms in the 
section forces produce the inplane loads relative to the tip-path plane: 


F xl = F X - F z p -F xo = ^ 
F r i = F r + F z p — F ro = — 

CHtpp = cr 
Cytpp = cr 


cUcepup - u T P) + -cUc d (( 1 - U 0 /U)u T + u P f5) 
cUc d { 1 - U 0 /U)u R 


F X i sin ip + F r i cos xp dr 
—F X i cos ip + F r i sin ip dr 


(including small profile terms from U 0 ^ U). 

Evaluating these inplane forces requires the collective and cyclic pitch angles and the flapping 
motion. The thrust equation must be solved for the rotor collective pitch or the rotor thrust. The 
relationship between cyclic pitch and flapping is defined by the rotor flap dynamics. The flap motion is 
rigid rotation about a central hinge, with a flap frequency v > 1 for articulated or hingeless rotors. The 
flapping equation of motion is 

/3 + ^ 2 /3 + 2a y sin-i p + 2ol x cos ip = — j F z r dr + ( v 2 — 1 )(3 P 

including precone angle ii p \ the Lock number 7 = pac re fR 4 /Ib. This equation is solved for the mean 
(coning) and 1/rev (tip-path plane tilt) flap motion: 


(^-l) 


v Po = ~ F z r dr + (is 2 - l)/3 p 
a . 


= — F z rdr 

a I 


2 COS ! p 
2 sin ! p 


2 d a 
2 a. 


with an average over the rotor azimuth implied. The solution for the coning is largely decoupled by 
introducing the thrust: 


v lPo = | + (z'o - 1 )Pp + - [ F z (r - 3/4) dr 

o era a J 


A separate flap frequency is 0 is used for coning, in order to model teetering and gimballed rotors. For 
an articulated rotor, (3 P = 0 should be used. 



108 


Rotor 


The thrust and flapping equations of motion that must be solved are: 



a 


F z dr - 


6Ct 

era 


= - / F z r dr 


2 cos t/> 
2sini/> 


^ 2 -l (Pc 

7/8 \P. 


16 

7 



The solution v such that E{v) = 0 is required. The variables ai'e v - (6*0.75 6* c 0 S ) T for thrust and tip-path 
plane command; v = ( 0 O .75 PcPs) T for thrust and no-feathering plane command; v — ( Ct/o 0 c 9 s ) t for 
collective pitch and tip-path plane command; v = {Cr/cr P c Ps) T for collective pitch and no-feathering 
plane command. Note that since q = c( rt o is used (no stall), these equations are linear in 0. However, 
if dT/d9o.75 is small, the solution may not produce a reasonable collective for commanded thrust. A 
Newton-Raphson solution method is used: from E( v n+ i) = E(v n ) + (dE / dv)(v n+ 1 — v n ) = 0, the 
iterative solution is 


v n+ i = v n - C E(v n ) 

where C = f(dE/dv )~ [ , including the relaxation factor /. The derivative matrix dE/dv is obtained by 
numerical perturbation. Convergence of the Newton-Raphson iteration is tested in terms of \E\ < e for 
each equation, where e is an input tolerance. 


11-5 Power 


The rotor power consists of induced , profile , interference , and parasite terms : P = Pi + P 0 + P t + P p . 
The parasite power (including climb/descent power for the aircraft) is obtained from the wind axis drag 
force: P p = -XV = (v f ) t F f . 


The interference power can be produced by interactions from the wing. The component of the 
wing interference velocity v F (i parallel to the rotor force vector F f (velocity roughly normal to the rotor 
disk) produces a power change P t = vf nd F. The component of the interference velocity perpendicular 
to the rotor force vector (velocity roughly in the plane of the rotor disk) produces interference through 
the swirl, hence P t oc (V/V.I{)\v] U ,i\\F\. Thus the interference power is calculated from 

Pt — —KintnV- lnd F + R"intp j^^\/(l t;illd ll'^ , |) 2 _ (^ind-^) 2 

Separate interference factors A' int are used for the two terms. K- mtp is negative for favorable interference. 

The induced power is calculated from the ideal power: Pi = K/kieai = r:f nTv u \ e/ M- The empirical 
factor k accounts for the effects of nonuniform inflow, non-ideal span loading, tip losses, swirl, blockage, 
and other phenomena that increase the induced power losses ( k > 1). For a ducted fan, f D = f w /2 is 
introduced. The induced power at zero thrust is zero in this model (or accounted for as a profile power 
increment). If k is deduced from an independent calculation of induced power, nonzero Pi at low thrust 
will be reflected in large n values. 

The profile power is calculated from a mean blade drag coefficient: P Q = pA({lIif'C Po , C Po — 
( a/8)cd m eanFp . The function Fidp- /i 2 ) accounts for the increase of the blade section velocity with rotor 
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edgewise and axial speed: Cp Q = / \acdU 3 dr = f \crcd{u P + u 2 R + u 2 P ) 3 l 2 dr\ so (from ref. 9) 


F P = 4-*- f [ ((r + /xsinx//) 2 + (/xcosx//) 2 + /x 2 ) 3 ^“ dr d^ 
2 71 " Jo Jo 

a 0 + V + V 4+ 71/2+41/4 - i_*L' 

V ' -LT K T /-I , T/2\2 1^ 1 I T/2 


8 (1 + V 2 ) 2 16 1 + F 2 


+ (l p i + l p l p ‘ + r 6 p ') lp 


'l + V 2 + 1 


with R 2 = /x 2 + /x 2 . This expression is exact when /x = 0, and f P ~ 1 1 /3 for large V. 

Two performance methods are implemented, the energy method and the table method. The induced 
power factor and mean blade drag coefficient are obtained from equations with the energy method, or 
from tables with the table method. Optionally k and c dmean can be specified for each flight state, 
superseding the performance method values. 

11-5.1 Energy Performance Method 

11-5.1.1 Induced Power 

The induced power is calculated from the ideal power: P, = KP idea i = k/ d Tv ideal- Reference values 
of k are specified for hover, axial cruise (propeller), and edgewise cruise (helicopter): K hover , K pr0 p , and 
K ed ge- Two models are implemented: constant model and standard model. The constant model uses 
k = Khover if /x = fx z = 0; or k = K prop if |/x| < 0.1|/x z |; or n = n e dge otherwise. 

The standard model calculates an axial flow factor K axia i from Khover, « c iimb , and « prop . Let A = 
Ct/<j — (Ct/ct) i nd . For hover and low-speed axial climb, including a variation with thrust, the inflow 
factor is 

2 r 

Uh = Khover + k hl A h + k h2 \A h \ Xh2 + (K c l imb - Khover) “ tail -1 ((|/X Z | /A ft ,)/M axia l) Xaxlal 

7T L J 

where \^i z \/\h = M axia i is the midpoint of the transition between hover and climb, and A' axi „i is large 
for a fast transition. Figure 1 1-4 illustrates k in hover (with a minimum value). Figure 1 1-5 shows the 
behavior of this function for a helicopter in climb (A axia i = 0.65). A polynomial describes the variation 
with axial velocity, scaled so k = k/, at /x 2 = 0 and k = n p at //, = /x zprop . Including variations with 
thrust and shaft angle: 

Kp — /x pr op T kpiAp -T /c P 2|Ap| p 2 T kp a /u, z \/u\ pa 

^axial — fc a i|/X z | -T S(k a 2fJ' Z /ra3|tX.<;| a ) 

where S — (ax p (ax/i T k a i/x- P rop))/ {ka2^ Z prop T ^asltx^propl a )> 9 — 0 if k a 2 — k a 3 0 (not scaled), and 

Kaxial = Kh if /.x 2 P rop = 0. A polynomial describes the variation with edgewise advance ratio, scaled so 
k = /x ax i a i at /x = 0 and ax = f a f 0 gn e dge at fi = /x edge - Thus the induced power factor is 

K = ft ax iai T k e ifl T S(k e 2l-i T k e $f.i ) 

Where S — (fn ,/off AX ed ge (AXaxial T ^'elMedge))/(^e2A t edge T Ld 1 //edge e ), 9 = 0 if A: e 2 = ^e3 ~ 9 (not 
scaled); and ax = Ax axia i if //edge = 0. The function f a = 1 — /c eQ ,/x, accounts for the influence of angle of 
attack (li z /h) or rotor drag ( C'x ) ■ The function f Q s = 1 — k a i(l — e ~ ko2 ° x ) accounts for the influence of 
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Figure 1 1-4. Induced power factor for rotor in hover. 



p z /A h 


Figure 11-5. Induced power factor for rotor in axial flight. 


lift offset, o x = rM x /TR = ( K huh /TR)/3 S . Figure 11-6 illustrates k in edgewise flight. Minimum and 
maximum values of the induced power factor, K tnill and re rnax , are also specified. 


11-5.1.2 Profile Power 

The profile power is calculated from a mean blade drag coefficient: C Po = (cr /8)c dmean F P . Since the 
blade mean lift coefficient is q = 6 Cr/cr, the drag coefficient is estimated as a function of blade loading 
Cr/cr (using thrust-weighted solidity). With separate estimates of the basic, stall, and compressibility 
drag, the mean drag coefficient is: 


Crfmean (Cdbasic T ^'r/sta.ll “f C^ CO mp) 


where x is a technology factor. The factor S = (Re ie [ / Re) 0 2 accounts for Reynolds number effects on 
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Figure 11-6. Induced power factor for rotor in edgewise flight. 


the drag coefficient; Re is based on the thrust- weighted chord, 0.75V t i P , and the flight state; and Re ie f 
corresponds to the input Cd information. The following models are implemented for the basic drag: 

a) Array model: The basic drag c^basic is input as a function of CV/cr; the array is linearly interpolated. 

b) Equation model: The basic drag c^basic is a quadratic function of Ct/ct, plus an additional term 
allowing faster growth at high (sub-stall) angles of attack. Let A = \C T /cr — {C t /<j) d mini. where 
(C t /(t)d min corresponds to the minimum drag and A sep = \Ct/<t\ — {C T /cr) sep . Values of the basic 
drag equation are specified for helicopter (hover and edgewise) and propeller (axial climb and cruise) 
operation: 

Cdh = dohel V dihelA V d2helA~ T d se pA se ^ p 

C-dp = dljpcop T <l \ prop A d2propA T d sep A se p P + (Ipc* /-/ . /i 

The separation term is present only if A sep > 0. The helicopter and propeller values are interpolated as 
a function of 

2 

Cdbasic — C-dh T i^C-dp C-dh) tan (|/^z|/^ 7 i) df±[i df2fT ^ 

7 r 

so Ip^l/A h = 1 is the midpoint of the transition. The last terms are the effect of edgewise flow. 

The stall drag increment represents the rise of profile power caused by the occurrence of significant 
stall on the rotor disk. Let A s = C'r /o — (f K / f „S / a ) k (/ s is an input factor). The function 
f a = 1 — d sa n z accounts for the influence of angle of attack (/i z //j) or rotor drag (Cx)- The function 
/os = 1 - d 0 i(l - e~ do2 ° x ) accounts for the influence of lift offset, o x = rM x /TR = (K huh /TR)/3 S . Then 
Cdstaii = d s iAf sl + d S 2 A^ s2 (zero if A s < 0). The blade loading at which the stall affects the entire rotor 
power, {Ct/ct) s , is an input function of the velocity ratio V = \J~[? + M?- 

The compressibility drag increment depends on the advancing tip Mach number M at , and the tip 
airfoil thickness-to-chord ratio r. The following models are implemented: 

a) Drag divergence model: Let AM = M at — M d d, where M d d is the drag divergence Mach number of 
the tip section. Then the compressibility increment in the mean drag coefficient is 

Cdcomp = d m iAM + d m 2AM Xm 


112 


Rotor 


transient limit 



Figure 11-7. Stall function. 


(ref. 10 ). M dd is a function of the advancing tip lift coefficient, Q(i i90 ) . The advancing tip lift is estimated 
from a (1 , 90) = (0.75 + 0.256^ + 6^ - (A- &)/(l + /z)) =* 1.6(1 - 2.97/i+ 2.21 A t 2 )(6C' T /cra) + O.250 tlu (zero 
above n = 0.6). Then the Korn expression (ref. 1 1) gives M dd for small lift coefficient: 

M dd = k a ~ k\c{\ - t = M dd0 - n\cf\ 


where M dd0 is the drag divergence Mach number at zero lift, and typically k = 0.16. 


b) Similarity model: From transonic small-disturbance theory (refs. 12-13), the scaled wave drag must 
be a function only of K 1 = (M 2 t — l)/[M 2 t r(l + y)] 2 / 3 . An approximation for the wave drag increment 
is 


Ac d = 


r 5/3 

[M 2 at ( l + ^ D{Kl) 


r 5/3 

MO + tT 


1.774(AT + 1.674) 5/2 


(constant for AT > —0.2). Integration of A c d over the rotor disk gives the compressibility increment in 
the profile power. Following Harris, the resulting compressibility increment in the mean drag coefficient 
is approximately: 


Cdcomp = 1.52/(AT + 1) 2 [(1 + m)t] 5 / 2 (1 + y) 1/2 


including the input correction factor /; c dcomp is zero for AT < — 1, and constant for AT > —0.2. 

Figure 11-7 shows typical stall functions (Ct/ct) s for two rotors with different stall characteristics, 
designated high-stall and low-stall, resulting from design features such as different airfoils, Figure 11-7 
also shows , for reference , typical helicopter rotor steady and transient load limits . Figure 11-8 illustrates 
the mean drag coefficient in hover, showing c d h with and without the separation term, and the total for 
the high-stall and low-stall cases. Figure 11-9 illustrates the mean drag coefficient in forward flight, 
showing the compressibility term c dcomp , and the growth in profile power with C T /a and // as the stall 
drag increment increases. 
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Figure 11-8. Mean drag coefficient for rotor in hover. 


11-5.1.3 Twin Rotors 

For twin rotors, the induced power is determined by the induced velocity of the rotor system, not 
the individual rotors. The induced power is still obtained using I\ = KP idea i = ufoTv ideal for each rotor, 
but the ideal induced velocity is calculated for an equivalent thrust C Fe based on the thrust and geometry 
of both rotors. The profile power calculation is not changed for twin rotors. 

In hover, the twin rotor induced velocity is v t = K twin yjT/2pA p , from the total thrust T and the 
projected disk area A p = (2 — m) A . The overlap fraction m is calculated from the rotor hub separation 
i. A correction factor for the twin rotor ideal power is also included. For a coaxial rotor, typically 
K twin = 0.90. So the ideal inflow is calculated for C Fe = (Cti + C't 2)/(2 - m). 

In forward flight, the induced velocity of a coaxial rotor is Vi = K tw i n T / (2pAV) , from the total 
thrust T and a span of 2 R. The correction factor for ideal induced power (biplane effect) is = 0.88 
to 0.81 for rotor separations of 0.06Z? to 0. 12/J. The ideal inflow is thus calculated for C Fe = Cr\ + Cti ■ 
The induced velocity of side-by-side rotors is = K tW m T/ (2 pA e V) , from the total thrust T and a span of 
2R.+£, hence A e = A(l+£/2R) 2 . The ideal inflow is thus calculated for C Te = {Cti+C T 2)/{1+£/2R) 2 . 
The induced velocity of tandem rotors is v F = n twin (T F / (2 pAV) + x R T R /(2pAV)) for the front rotor and 
v R = K tv ,- m {T R /(2pAV) + x F T F /{2pAV)) for the rear rotor. For large separation, x R = 0 and x F = 2; 
for the coaxial limit x R = x F = 1 is appropriate. Here x R = m and x F = 2 rri is used. 

To summarize, the model for twin rotor ideal induced velocity uses C F e = x\ C'ti + x^Ch-i and the 
correction factor /t tW m- In hover, ;/■/, = 1/(2 — m); in forward flight of coaxial and tandem rotors, xj = 1 
for this rotor and xf = m or xf = 2 - rri for the other rotor; in forward flight of side-by-side rotors, 
xf = 1/(1 + 1/2II)' 2 (x = 1/2 if there is no overlap, f./2R > 1). The transition between hover and forward 
flight is accomplished using 

Xffi 2 + x h CX 2 
P 2 + CX 2 

with typically C = 1 to 4. This transition is applied to x for both rotors, and to K tW m- 
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Figure 1 l-9a. Mean drag coefficient for rotor in forward flight, high-stall. 


C x /cj= 0.14 

C x /cj= 0.12 

C x /cx= 0.10 



4 

Figure 1 1 -9b. Mean drag coefficient for rotor in forward flight, low-stall. 


With a coaxial rotor in hover, the lower rotor acts in the contracted wake of the upper rotor. 
Momentum theory gives the ideal induced power for coaxial rotors with large vertical separation (ref. 14): 
P u = T u v u , v\ = T u /2pA for the upper rotor; and Pz = {as/ y/r)Tzvz, v\ = Tz/2pA for the lower rotor. 
Here r = T ( /T v ; a is the average of the disk loading weighted by the induced velocity, hence a measure 
of nonuniform loading on the lower rotor (a = 1.05 to 1.10 typically); and the momentum theory solution 
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/F 2t 3/2 (v 7 ! + 4 (! + r) 2 ar l) 

The optimum solution for equal power of the upper and lower rotors is asr = 1 , giving t = T t /T u = 2/3 . 
Hence for the coaxial rotor in hover the ideal induced velocity is calculated from Ct, = Ct u for the 
upper rotor and from Cr e = {ats/y/r) 2 CTi for the lower rotor, with re t win = 1. Thusrr/j = l/(2-m) = 1/2 
and the input hover K twitl is not used, unless the coaxial rotor is modeled as a tandem rotor with zero 
longitudinal separation. 


11-5.2 Table Performance Method 

The induced power is calculated from the ideal power: P, = «Pideai = nfpTv ideal- The induced 
power factor k is obtained from an input table (linearly interpolated) that can be a function of up to three 
independent variables. Optionally k from the equations can be retained as an increment to the table 
value. 

The profile power is calculated from a mean blade drag coefficient: P a = pA{PLR) 3 C Po = 
pA(flR) 3 f c dmean F P . The mean drag coefficient c dmean , or alternatively c dmea nPp = 8 C Po /a, is ob- 
tained from an input table (linearly interpolated) that can be a function of up to three independent 
variables. Optionally c dmean from the equations can be retained as an increment to the table value. 

The independent variables can be edgewise advance ratio /./, (hub plane or tip-path plane), axial 
velocity ratio p z (hub plane or tip-path plane), shaft angle of attack a = tan ~ 1 (p z / p) (hub plane or 
tip-path plane), blade loading Cp/cr, lift offset M X /TR, or advancing tip Mach number M at . 

11-6 Power Required and Reaction Drive 

The total rotor power required is P req = Pi + P a + P t + P p . In most helicopter designs the power 
is delivered to the rotor by a mechanical drive, through the rotor shaft torque. Such designs require a 
transmission and a means for balancing the main-rotor torque. The shaft power is P sha ft = Preq, which 
contributes to the propulsion group power required, P req PG, and produces a torque on the aircraft. 

An alternative is to supply the power by a jet reaction drive of the rotor, using cold or hot air 
ejected out of the blade tips or trailing edges. Helicopters have also been designed with ramjets on the 
blade tips, or with jet flaps on the blade trailing edges that use compressed air generated in the fuselage. 
Since there is no torque reaction between the helicopter and rotor (except for the small bearing friction), 
no transmission or antitorque device is required, resulting in a considerable weight saving. With a jet 
reaction drive , the propulsion system is potentially lighter and simpler, although the aerodynamic and 
thermal efficiency are lower. The helicopter must still have a mechanism for yaw control. With reaction 
drive the shaft power is P sha ft = Preq — Preact , where the reaction power P reac t contributes to the engine 
group or jet group power required. The reaction drive produces a force P rea ct on the rotor blades at 
effective radial station r react , so P rea ct = fb’ rea ct Preact- Momentum balance gives the total force 

P — 'y \ [rh (Vjeact Hr react )e^, ttiV e x ] 

where e,p and e x are unit vectors perpendicular to the blade and in the free stream direction; and the 
sum is over all blades. The average force in the nonrotating frame is the drag of the inlet momentum 
(rhreactfO, which is accounted for in the engine group or jet group model. The mean in the rotating 
frame gives the total jet force required 

Preact — m rea ct ( 1/eact Hr rea ct) 
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The engine group or jet group performance includes the blade duct and nozzle, perhaps even with tip 
burning. Optionally the reaction power can be set equal to the rotor power required (P reac t = Preq), so 
P shaft = 0. If the reaction drive is turned off (P reac t = 0 and P reac t = 0), then the rotor must be trimmed 
such that P req = 0. 


11-7 Performance Metrics 

Several performance metrics are calculated for each rotor. The induced power factor is k = P,/P,ie a i- 
The rotor mean drag coefficient is Cd = (8 Cp 0 /a) /Pp, using the function Fi/i. fi z ) given previously. The 
rotor effective lift-to-drag ratio is a measure of the induced and profile power: L/D e = V L/(P, + P Q ). 
The hover figure of merit is M = Tf D v/P. The propeller propulsive efficiency is p = TV/P. These two 
metrics can be combined as a momentum efficiency: r/ rnom = T(V+w/2)/P, where w/2 = fwv/2 = f D v. 


11-8 Interference 


The rotor can produce aerodynamic interference velocities at the other components (fuselage , wings , 
and tails). The induced velocity at the rotor disk is kv z , acting opposite the thrust ( 2 -axis of tip-path 
plane axes). So v p d = - k p nvi , and v[ nA = C F/ T/j d . The total velocity of the rotor disk relative to the 
air consists of the aircraft velocity and the induced velocity from this rotor: v[ otal = v F — v p d . The 
direction of the wake axis is thus e p = -C PF v F otal /\v F otal \ (for zero total velocity, e p = -k p is used). 
The angle of the wake axis from the thrust axis is % = cos -1 \(k p ) T e p \. 

The interference velocity v F lt at each component is proportional to the induced velocity v F ui (hence 
is in the same direction), with factors accounting for the stage of wake development and the position of 
the component relative to the rotor wake. The far wake velocity is w = fwVi, and the contracted wake 
area is A c = n iff. = A/ /a- The solution for the ideal inflow gives f w and f a . For an open rotor, f w = 2. 
For a ducted rotor, the inflow and wake depend on the wake area ratio /a , or on the ratio of the rotor 
thrust to total thrust: f T = T rotor /T. The corresponding velocity and area ratios at an arbitrary point on 
the wake axis are /„. and f a , related by 


fa 


1 p 2 + (fX, + f w Xj ) 2 

(fvxL 1 ) 2 + (fvzPz + ^i ) 2 


Vortex theory for hover gives the variation of the induced velocity with distance 2 below the rotor disk: 


v = u(0) 



z/R \ 

v^+ww) 


With this equation the velocity varies from zero far above the disk to v = 2v(0) far below the disk. To 
use this expression in edgewise flow and for ducted rotors, the distance z/R is replaced by ( w /tR, where 
( w is the distance along the wake axis, and the parameter t is introduced to adjust the rate of change (t 
small for faster transition to far wake limit). Hence the velocity inside the wake is f w Vi, where 


fw 


1 + 


fwfz = < 


C w/tR 

\/i + (Cw/tR)^ 


1 + (fw - 1) 


Cw/tR 

Vl + ( Crv/tR ) 2 


Cw <0 

Cw >0 


and the contracted radius is R c = R/\fJf. 
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The wake is a skewed cylinder, starting at the rotor disk and with the axis oriented by e p . The 
interference velocity is required at the position z§ on a component. Whether this point is inside or 
outside the wake cylinder is determined by finding its distance from the wake axis, in a plane parallel to 
the rotor disk. The position relative to the rotor hub is = C , ‘ F (zf i — z£ uh ); the corresponding point on 
the wake axis is t; p = e p ( VJ . Requiring and have the same z value in the tip-path plane axes gives 


C w 


(k p ) T C PF (zg - 
( k p ) T e p 


F 

hub 


) 


from which f z , f w , f a , and R c are evaluated. The distance r from the wake axis is then 


r 


2 


((O r (£-tf))Mcm£-tf)) a 


The transition from full velocity inside the wake to zero velocity outside the wake is accomplished in 
the distance sR c , using 


| 1 r < R c 

fr = \ 1 - (r - R c )/(sR c ) 

y 0 r > (1 + s)R c 

(s - 0 for an abrupt transition, s large for always in wake). 

The interference velocity at the component (at zf) is calculated from the induced velocity t,T (l , 
the factors fwfz accounting for axial development of the wake velocity, the factor f r accounting for 
immersion in the wake, and an input empirical factor A' int : 

V fnt = A 'int fwfzfrft vf nd 

An additional factor f t for twin rotors is included. Optionally the development along the wake axis 
can be a step function ( fwfz = 0, 1, f w above the rotor, on the rotor disk, and below the rotor disk, 
respectively); nominal (t = 1); or use an input rate parameter t. Optionally the wake immersion can use 
the contracted radius R c or the uncontracted radius f?; can be a step function ( s = 0, so f r = 1 and 0 
inside and outside the wake boundary); can be always immersed (s = oo so f r = 1 always); or can use 
an input transition distance s. Optionally the interference factor K int can be reduced from an input value 
at low speed to zero at high speed, with linear variation over a specified speed range. 

To account for the extent of the wing or tail area immersed in the rotor wake, the interference 
velocity is calculated at several points along the span and averaged. The increment in position is 
Azg = C FB (0Ay0) T , Ay = (6/2) ( — 1 + (2 i - 1 )/N) for i = 1 to A; where b is the wing span. The 
average interference is calculated separately for each wing panel (left and right), by interpolating the 
interference velocity at N points along the wing to N/2 points along the panel span. 

For twin main-rotors (tandem, side-by-side, or coaxial), the performance may be calculated for 
the rotor system, but the interference velocity is still calculated separately for each rotor, based on 
its disk loading. At the component, the velocities from all rotors are summed, and the total used to 
calculate the angle of attack and dynamic pressure. This sum must give the interference velocity of 
the twin rotor system, which requires the correction factor f t . Consider differential momentum theory 
to estimate the induced velocity of twin rotors in hover. For the first rotor, the thrust and area in the 
non-overlap region are (1 — to) 7) and (1 — to) A, hence the induced velocity is vi = n^jT l /2pA\ similarly 
V 2 = K^/T 2 /2pA. In the overlap region the thrust and area are toT) + toT 2 and m A , hence the induced 
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velocity is v m = /cy^Tj + T 2 )/2pA. So for equal thrust, the velocity in the overlap region (everywhere 
for the coaxial configuration) is \/2 larger. The factor K T is introduced to adjust the overlap velocity: 
v m = k ( h'r / \/2) (T\ + T 2 )/2pA . The interference velocities are calculated separately for the two 
rotors, with the correction factor f t : n intl = f t n^/T 1 /2pA and x int 2 = f t n\/T 2 /2pA. The sum Vinti + ^int 2 
must take the required value. Below the non-overlap region, the component is in the wake of only one 
of the rotors, so the interference velocity from the other rotor is zero, and thus f t = 1. Below the overlap 
region, the component is in the wake of both rotors, and the sum of the interference velocities equals v m 
if 


fth 


K T /y/2 


where r n = T n /( r I\ + T 2 ) is the thrust ratio. For equal thrusts, f th = K T /2; or f th = l/\/2 for the 
nominal velocity. The expression f t = f th cos 2 x + sin 2 X gives the required correction factor, with f t = 1 
in edgewise flight. Optionally the correction for twin rotors can be omitted (/ t = 1); nominal (K T = \/2): 
or use an input velocity factor in the overlap region (K T )- 


11-9 Drag 

The rotor component includes drag forces acting on the hub and spinner (at z F uh ) and on the pylon 
(at z F yUtn ) . The component drag contributions must be consistent. In particular, a rotor with a spinner 
(such as on a tiltrotor aircraft) would likely not have hub drag. The pylon is the rotor support and the 
nacelle is the engine support. The drag model for a tiltrotor aircraft with tilting engines would use the 
pylon drag (and no nacelle drag), since the pylon is connected to the rotor shaft axes; with non-tilting 
engines it would use the nacelle drag as well. 

The body axes for the drag analysis are rotated about the y-axis relative to the rotor shaft axes: 
C BF = C BS C SF , where C BS = Y_ dret . The pitch angle 0 re .t can be input, or the rotation appropriate for 
a helicopter rotor or a propeller can be specified. 

a) Consider a helicopter rotor, with the shaft axes oriented z-axis up and x-axis 
downstream. It is appropriate that the angle of attack is a = 0 for forward flight and 
a = —90 deg for hover, meaning that the body axes are oriented x-axis down and 
x-axis forward. Hence 0 ie f = 180 deg. 

b) Consider a propeller or tiltrotor, with the shaft axes oriented z-axis forward and 
x-axis up. It is appropriate that the angle of attack is a = 0 in cruise and a = 90 deg 
for helicopter mode (with a tilting pylon), meaning that the body axes are oriented 
z-axis down and x-axis forward. Hence 9 ie f = 90 deg. 

The aerodynamic velocity relative to the air is calculated in component axes, v B . The angle of attack 
a and dynamic pressure q are calculated from v B . The reference areas for the drag coefficients are the 
rotor disk area A = nR 2 (for hub drag), pylon wetted area ,S' !)y io,i, ducted wetted area 2S , duc t, and spinner 
wetted area .S' sp j n ; these areas are input or calculated as described previously. 

The hub drag can be fixed, specified as a drag area D/q; or the drag can be scaled, specified as a 
drag coefficient Cd based on the rotor disk area A = 7 rf? 2 ; or the drag can be estimated based on the gross 
weight, using a squared-cubed relationship or a square-root relationship. Based on historical data, the 
drag coefficient Cd = 0.004fortypicalhubs,CD = 0.0024 for current low-drag hubs, and Cd = 0.0015 for 
faired hubs. For the squared-cubed relationship: ( D/q) huh = k((W M To/N rotoI )/mO) 2 / 3 (W MT o/N IotoI 
is the maximum takeoff gross weight per lifting rotor; units of k are ft 2 /k-lb 2 / 3 or m 2 /Mg 2/:i ). Based on 
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historical data, k = 1.4 for typical hubs, k = 0.8 for current low-drag hubs, and k = 0.5 for faired hubs 
(English units). For the square -root relationship: ( D/q) huh = k^/WMro /N Iotm ( WMTo/N rotm is the 
maximum takeoff gross weight per lifting rotor; units of k are ft 2 /lb 1 / 2 or m 2 /kg l/2 ); based on historical 
data (ref. 15), k = 0.074 for single rotor helicopters, k = 0.049 for tandem rotor helicopters (probably 
a blade number effect), k = 0.038 for hingeless rotors, and k = 0.027 for faired hubs (English units). 
To handle multi-rotor aircraft, the scaling weight w = Wmto /N rotar is calculated as for disk loading: 
w = fw Wmto for main-rotors or w = fT for antitorque and auxiliary-thrust rotors. 

The hub vertical drag can be fixed, specified as a drag area D/g; or the drag can be scaled, specified 
as a drag coefficient Cd based on the rotor disk area A = ttR 2 . 

The pylon forward flight drag and vertical drag are specified as drag area or drag coefficient, based 
on the pylon wetted area. The duct forward flight drag and vertical drag are specified as drag area or drag 
coefficient, based on the duct wetted area. The spinner drag is specified as drag area or drag coefficient, 
based on the spinner wetted area. 

The drag coefficient for the hub or pylon or duct at angle of attack a is 

Cd = Cdo + ( Cdv — Cdo)\ sino| A<1 

Optionally the variation can be quadratic (X d = 2). For sideward flight, C D hub = C DQ for the hub, 
Ocpyion = C DV for the pylon, and CT> duct = C DV for the duct. Then the total component drag force is 

D — qA f /)hii (, T (j 5py |oti f Y)py Ion T Q Alurt ( Dduct T Q&spinC Dspin 

The dynamic pressure and position of the hub are used for the duct and spinner. The force and moment 
produced by the drag are 

F F = Y J ?dD 

M f = a 7 f F f 

where A z F = z F - z F g (separate locations are defined for the rotor hub and for the pylon), and e d is the 
drag direction. The velocity relative to the air gives e d = - v F /\v F \ (no interference). 

11-10 Weights 

The rotor configuration determines where the weights occur in the weight statement, as summarized 
in table 11-3. The rotor group consists of blade assembly, hub and hinge, fairing/spinner, blade fold 
structure, inter-rotor shaft, rotor support, and duct. The tail-rotor (in empennage group) or the propeller/ 
fan installation (in propulsion group) consists of blade assembly, hub and hinge, rotor support, and duct. 

There are separate weight models for main-rotors, tail-rotors, and auxiliary-thrust systems (pro- 
pellers). The tail-rotor model requires a torque calculated from the drive system rated power and 
main-rotor rotational speed: Q = Posumit/^mr- The auxiliary-thrust model requires the design max- 
imum thrust of the propeller. The engine section or nacelle group includes the engine support weight 
and pylon support weight; these must be consistent with the use of the rotor support structural weight. 


Table 11-3. Principal configuration designation. 


configuration 

weight statement 

weight model 

performance model 

main-rotor 

rotor group 

rotor 

rotor 

tail-rotor 

empennage group 

tail-rotor 

rotor 

propeller 

propulsion group 

rotor, aux thrust 

rotor 
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The flap moment of inertia I b and the Lock number 7 = pacR A /I b are required for the blade motion 
solution. Several options are implemented to calculate I b . The Lock number can be specified, and 
then I b = pacR A /j used, independent of the blade weight; this is the only option for the tail-rotor and 
auxiliary-thrust weight models, which do not give separate blade and hub weight estimates. The moment 
of inertia I b can be calculated from the blade weight and the weight distribution. The Lock number 
can be specified, hence I b = pacR 4 / 7, and then mass added to the blade to achieve this value. An 
autorotation index AI = KE/P = \NI b Ri 2 /P can be specified, hence the required I b , and then mass 
added to the blade to achieve this value. Reference 16 describes this and other autorotation indices; 
AI = KE/P > 3 sec gives good autorotation characteristics for small helicopters. 

In order to increase the moment of inertia, a tip weight W t can be added to each blade at radial 
station r t . Thus the total blade weight is W b = x'w b + dW b + (1 + f)W t N (lb or kg); where w b is the blade 
weight estimate, \ the technology factor, dW b a specified weight increment; and the factor / accounts for 
the blade weight increase required by the centrifugal force due to W t . The mass per blade is M b = W b /N 
(slug or kg), or M b0 without the tip weight. The blade moment of inertia is 

Ib = R 2 (r 2 (M b0 + /Af t ) + r 2 t M t ) = I b0 + R 2 (r 2 t + fr 2 )M t 


where r 2 is the radius of gyration of the distributed mass. Typically r 2 = 0.6; r 2 = 1 /VO = 0.577 
for uniform mass distribution. If the required moment of inertia I b is greater than I b0 , the tip mass 
M t is needed. Additional mass is required inboard to react the centrifugal force increase due to M t . 
This additional mass is less effective than M t at increasing I b . Assume a fraction a of the blade mass 
reacts the centrifugal force F, so A M/M b0 = aAF/F 0 . The reference values are M b0 = Rf mdr and 
F () = f l 2 R 2 f rm dr = Q, 2 RriM b0 , where n = \. Then 


AM = a— A F = a — - — (n 2 R ri AM + O 2 Rr t M t ) 

Fq il 2 Rri y ’ 


(AM + —m(\ = Mt = f M t 

\ ri ) 1 - a 


With a=\,f = 1 . The tip mass required to produce A I b = I b — I b 0 is M t = Al b /(R 2 (r/ + f r\ ) ) , and 
the total blade weight increment is A W b = (1 + f)M t N (lb or kg). 
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Chapter 12 


Wing 


The aircraft can have one or more wings, or no wings. 

12-1 Geometry 

The wing is described by planform area S, span b, mean chord c = S/b, and aspect ratio JR = b 2 /S. 
These parameters are for the entire wing. The geometry is specified in terms of two of the following 
parameters: S or wing loading W/S, b (perhaps calculated from other geometry), c, JR. = b 2 /S. With 
more than one wing, the wing loading is obtained from an input fraction of design gross weight, 
W = fwWo • Optionally the span can be calculated from a specified ratio to the span of another wing; or 
the span can be calculated from a specified ratio to the radius of a designated rotor, b = 2 fR. Optionally 
the wing span can be calculated from an appropriate specification of all wing panel widths. 

Optionally for the tiltrotor configuration, the wing span can be calculated from the fuselage and rotor 
geometry: b = 2(fR. + c/f us ) + Wf us , where R is the rotor radius (cruise value for variable-diameter rotor), 
df us the rotor-fuselage clearance, and Wf us the fuselage width. Note that the corresponding option for the 
rotor hub position is yhub = ±(fR + d{ us + V^Wfus) . Optionally the wing span can be calculated from the 
rotor hub position: b = 2|y hub | (regardless of how the rotor position is determined). As implemented, 
symmetry is not assumed; rather the radius or hub position of the outermost designated rotors is used. 

The wing is at position z F , where the aerodynamic forces act. The component axes are the aircraft 
body axes, C BF = I. 

The wing planform is defined in terms of one or more wing panels (fig. 12-1). Symmetry of the 
wing is assumed. The number of panels is P, with the panel index p = 1 to P. The wing span station // is 
scaled with the semi-span: y = ?/ ( 6 / 2 ) , ?/ = 0 to 1 . Each panel is a trapezoid, with a straight aerodynamic 
center and linear taper. The aerodynamic center locus (in wing axes) is defined by sweep A p ; dihedral 6 P , 
and offsets ( x Ip , z Ip ) at the inboard edge relative to the aerodynamic center of the previous panel. The 
wing position z F is the mean aerodynamic center. The offset (x a , J-a) of the mean aerodynamic center 
from the root chord aerodynamic center is calculated (so the wing planform can be drawn; typically the 
aerodynamic center is drawn as the quarter-chord). Outboard panel edges are at y Ep (input or calculated). 
A panel is characterized by span b p (each side), mean chord c v , and area S p = 2 b p c p (both sides). The 
taper is defined by inboard and outboard chord ratios, A = c/c re f (where c re f is a panel or wing reference 
chord, depending on the options for describing the geometry). 

The span for each panel (if there are more than two panels) can be a fixed input; a fixed ratio of the 
wing span, b p = f bp {b/2)\ or free. The panel outboard edge (except at the wing tip) can be at a fixed input 
position y Ep , at a fixed station rj Ep , y p = r] Ep (b/2); calculated from the rotor radius, y p = fR ; calculated 
from the fuselage and rotor geometry, y p = fR + df us + 1 / 2 Wf us (for a designated rotor); calculated from 
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centerline 



nip 

h P 

c ip 


r)Pp outboard panel edge, i] = yl(b/2) 
rjQp wing station 

A q chord ratio, A = c/c re y 

Cq p chord 


X I P 

z Ip 


sweep (+ aft) 
dihedral (+ up) 

aero center offset (inboard, + aft) 
aero center offset (inboard, + up) 


span (each side) 
mean chord 
area = 2 b p c p 


Figure 12-1. Wing geometry (symmetric, only right half-wing shown). 


the hub position, y p = |y hu b| (for a designated rotor); or adjusted. An adjusted station is obtained from 
the last station and the span of this panel, y v = y P -\ + b p or y p = y p _ 1 + f bp (b/2 ) ; or from the next station 
and the span of the next panel, y p = y p+ i - b p+1 or y p = y p+ i - fb( P +i)(b/2). The specification of panel 
spans and panel edges must be consistent, and sufficient to determine the wing geometry. Determining 
the panel edges requires the following steps: 

a) Calculate the panel edges that are either at fixed values (input, or from width, or from hub 
position) or at fixed stations; root and tip edges are known. 

b) Working from root to tip, calculate the adjusted panel edge y p if panel span b p or ratio f bp 
is fixed, and if previous edge y p ~\ is known. 

c) Working from tip to root, calculate the adjusted panel edge y p (if not yet known) if panel 
span b p+ 1 or ratio fb( P +\) is fixed, and if next edge y p+ ± is known. 

At the end of this process, all edges must be known and the positions y p must be unique and sequential. 
If this geometry is being determined for a known span, then there must not be a fixed panel span or span 
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ratio that has not been used. Alternatively, if the wing span is being calculated from the specification of 
all panel widths, then the process must leave one and only one fixed panel span or span ratio that has not 
been used. Since the wing span is to be calculated, each panel edge is known in the form y p = c 0 + ci 6 / 2 . 
Then the unused fixed panel span gives the equation (c 0 + cib/2) 0 — (c 0 + C 16 / 2 )/ = b p (subscript O 
denotes outboard edge, subscript I denotes inboard edge), or the unused fixed panel span ratio gives the 
equation (c 0 + c\b/2)o — (c 0 + ci 6 / 2 )j = f p b/2, which can be solved for the semispan 6 / 2 . 

To complete the definition of the geometry, one of the following quantities is specified for each 
panel: panel area S p ; ratio of panel area to wing area, f s = S p /S\ panel mean chord c p ; ratio of panel 
mean chord to wing mean chord, f c = c p /c; chord ratios A/ = c//c re f and A o = co/c re f (taper); or free. 
The total wing area equals the sum of all panel areas: 

s = Y, s p+ s Y,f°+ 2 H b p c p T 2c / ' b p f c -(- 2c re f ^ ' 6 p ^ (A / T Ac>) 

If there is one or more taper specification (and no free), then c re f is calculated from this equation for S, 
and the mean chord is c p = \{ci + co ) = c re f|(A/ + A o), S p = 2b p c p . If there is one (and only one) free 
specification, then S p is calculated from this equation for S, and the mean chord is c p = S p /(2h p ), with 
ci = 2c p /(l + Ao/A/), co = 2 c p — cj. 

Since the panels have linear taper (c = c re f A), the mean aerodynamic chord is 

<•6/2 r 1 

Sca = / c 2 dy = b c 2 e{ X 2 dy 

J-b/2 Jo 

= bY^JX 2 + A/Ao + A q) A i} p = ^2 ^( c / + c i°o + c o) 

,6/2 ,1 

S= cdy = b c re f A dy 

J-b/2 Jo 

= b ^2 Cref ^ (A/ + A o) Ar] p = ^ ^(cj + Co) 2b p 

These expressions are evaluated from panel cj and co, as calculated using A / and \ 0 , or using the ratio 
Ao/A/ (c re f may not be the same for all panels). 


The mean aerodynamic center is the point where there is zero moment due to lift: xaClS = 
xa f c/c dy = f xcfcdy, with cc/ : = f(y) the spanwise lift distribution. Thus 


/ £(7/)(x A -XAc{'n))dr] = 0 

Jo 


The locus of section aerodynamic centers xac is described by the panel sweep A p and the offset x / p at 
the inboard end of the panel. These offsets can be a fixed input, a fraction of the root chord, or a fraction 
of the panel inboard chord. Assuming elliptical loading (f. = ^/l — if) gives 

^ x A = J t(r])xAcdri = ^2 J V 1 - V 2 (xi P + ^ tan A p r/j dy 

= Y1 XipI^V 1 ~ V 2 + sin -1 yj - ^tanA p ^(l -y 2 f /2 


J r\i 


where xi p = J2q= 2 ( x iq + ( b/2 ) tan A 9 _i (rio(q-i) - Vi{q-i))) - ( b/2 ) tan A p y Ip . The vertical position of 
the mean aerodynamic center is obtained in a similar fashion, from panel dihedral 5 P and offset z Ip at 
the inboard edge of the panel. Assuming uniform loading ((. = 1) gives 


ZA 


= J ZAcdy = ^2 J (z Ip + ^ tan 5 P r]) d/rj = ^ 


i vo 


zi p y+ - tan S p -if 
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Then (xa, za) is the offset of the mean aerodynamic center from the root chord aerodynamic center. 
Finally, 


A = tan 1 ^ ^ 

s = taiw 1 ( y 


A = 


2c 


- 1 


W2 timS ') 


Croot 


are the wing overall sweep, dihedral, and taper. 

The wing contribution to the aircraft operating length is x w j Ilg + (0.25c) cost (forward), x W i ng — 
(0.75c) cos i (aft), and y wing ± 6/2 (lateral). 


12-2 Control and Loads 

The control variables are flap § F , flaperon Sf, aileron 5 a , and incidence i. The flaperon deflection 
can be specified as a fraction of flap deflection, or as an increment relative to the flap deflection, or 
the flaperon can be independent of the flap. The flaperon and aileron are the same surface, generating 
symmetric and antisymmetric loads, respectively, hence with different connections to pilot controls. 

With more than one wing panel, each panel can have control variables: flap S Fp , flaperon Sf p , aileron 
S ap , and incidence i p . The outboard panel (j> > 2) control or incidence can be specified independently, 
or in terms of the root panel (p = 1) control or incidence (either fraction or increment). 

Each control is described by the ratio of the control surface chord to the wing panel chord, if = Cf/c p ; 
and by the ratio of the control surface span to wing panel span, f b = bf/b p , such that the control surface 
area is obtained from the panel area by Sf = lff b S p . 


12-3 Aerodynamics 


The aerodynamic velocity of the wing relative to the air, including interference, is calculated in 
component axes, v B . The angle of attack a W i ng (hence C BA ) and dynamic pressure q are calculated from 
v B . The reference area for the wing aerodynamic coefficients is the planform area, S. The wetted area 
contribution is twice the exposed area: ,S wet . = 2(S' - cicfus), where w{ us is the fuselage width. 

The wing vertical drag can be fixed, specified as a drag area ( D/q) v ', or the drag can be scaled, 
specified as a drag coefficient C DV based on the wing area; or calculated from an airfoil section drag 
coefficient (for -90 deg angle of attack) and the wing area immersed in the rotor wake: 


Cdv 


1 

~S ° d90 


S — ^center — fd9ob F C F (l — COS S F ) — /<J9o6/C/(l 



The term Sinter = c( tcf„ s + 2d fus ) (where Wf us is the fuselage width and d fus the rotor-fuselage clearance) 
is the area not immersed in the rotor wake, and is used only for tiltrotors. The last two terms account 
for the change in wing area due to flap and flaperon deflection, with an effectiveness factor f d 90 . 

From the control surface deflection and geometry, the lift coefficient, maximum lift angle, moment 
coefficient, and drag coefficient increments are evaluated: A Cl/, Aa max /, A Cm/, and A C F f- These 
increments are the sum of contributions from flap and flaperon deflection, hence weighted by the control 
surface area. The drag coefficient increment includes the contribution from aileron deflection. 
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12-3.1 Lift 

The wing lift is defined in terms of lift-curve slope Cl u and maximum lift coefficient C/. rnax (based 
on wing planform area). The three-dimensional lift-curve slope is input directly or calculated from the 
two-dimensional lift-curve slope: 

_ C lct 

La 1 + C( a (l + t)/ (ttM) 

where r accounts for non-elliptical loading. The effective angle of attack is a e = a w i ng + i — a z i, where 
a z i is the angle of zero lift; in reverse flow (\a e \ > 90), a e <— a e - 180 signo e . Let a max = CLmax/CLa be 
the angle-of-attack increment (above or below zero lift angle) for maximum lift. Including the change of 
maximum lift angle caused by control deflection, A max = a Itiax + A a max / and /l tmtl = -a max + Aa n ,, ix /. 
Then 

C ' La&e T A ClJ A nl [ n A OC e A ^Imax 

(C La A max + ACT /) max f 0, / n / 2 ^ a e > A max 

( C La A min + A C L f) max ( 0, J^J 2 ^ a e < A min 

\ /7T/2 - |Anin|y 

(for zero lift at / 90 deg angle of attack, / = .9). Note that C La A max + A C Lf = C La a max + A C Lmax/ . In 
sideward flight, Cl = 0. Finally, L = qSCL is the lift force. 

12-3.2 Pitch Moment 

The wing pitch moment coefficient is Cm = Cmoc+ACm/- Then M = <jScCm is the pitch moment. 

12-3.3 Roll Moment 

The only wing roll moment considered is that produced by aileron control. Typically the flaperon 
and aileron are the same surface, but they are treated separately in this model. The aileron geometry is 
specified as for the flaperon and flap, hence includes both sides of the wing. The lift coefficient increment 
AC La is evaluated as for the flaperon, so one-half of this lift acts up (on the right side) and one-half 
acts down. The roll moment is then M x = 2(AL a /2)y, where y is the lateral position of the aileron 
aerodynamic center, measured from the wing centerline (defined as a fraction of the wing semi-span). 

The roll moment coefficient is Q = — ^ |AC ia . Then M x = qSbC ( is the roll moment. 

12-3.4 Drag 

The drag area or drag coefficient is defined for forward flight and vertical flight. The effective 
angle of attack is a e = a w i ng + i - a D m in, where a Dmin is the angle of minimum drag; in reverse flow 
(|a e | > 90), a e <— a e — 180 signa e . For angles of attack less than a transition angle a t , the drag coefficient 
equals the forward flight (minimum) drag Cdo, plus an angle of attack term and the control increment. 
If the angle of attack is greater than a separation angle a s < a t , there is an additional drag increase. 
Thus if \a e \ < a t , the profile drag is 

C’Dp = Cdo (1 + K d \a e \ Xd + A' s (|a e | — a s ) A< ) + ACd/ 

where the separation (K H ) term is present only for \a e \ > a s ; and otherwise 

C^Dt = Cdo (1 + Kd\&t\ Xd + K s (\a t } — a s ) A> ) + A Cd/ 

Cd p = Cot + ( Cdv ~ Cot) sin f — 

\2 7 t /2 -a t J 
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Optionally there might be no angle of attack variation at low angles ( K d = 0 and/or K s = 0), or 
quadratic variation (X d = 2), or cubic variation for the separation term (X s = 3). For sideward flight 
(v B = 0) the drag is obtained using 0 V = tan _1 (— v B /v B ) to interpolate the vertical coefficient: Co = 
C do cos 2 4> v + C'oy sin 2 0 V . The induced drag is obtained from the lift coefficient, aspect ratio, and 
Oswald efficiency e: 

r _ {C L - C L0 ) 2 
Dl neM 

Conventionally the Oswald efficiency e represents the wing parasite drag variation with lift, as well as the 
induced drag (hence the use of C L0 ). If C Dp varies with angle of attack, then e is just the span efficiency 
factor for the induced power (and Clo should be zero). The wing-body interference is specified as a 
drag area, or a drag coefficient based on the wing area. Then 

D = qSCo = qS ^ Cd p + Cm + Cowb^j 

is the drag force. The other forces and moments are zero. 


12-3.5 Wing Panels 

The wing panels can have separate controls, different incidence angles, and different interference 
from the rotors. Thus the lift, drag, and moment coefficients are evaluated separately for each panel, 
based on the panel area S p and mean chord c p . The coefficient increments due to control surface deflection 
are calculated using the ratio of the control surface area to panel area, Sf/S p = ////,. The lateral position 
of the aileron aerodynamic center is r] a b p from the panel inboard edge, so y/(b/ 2) = ije( p -i) + Vab p /(b/ 2) 
from the wing centerline. Then the total wing loads are: 

L = 'y ' q P S p CL P 
M — y ' q P S p c p CMp 
M x = ^ ^ q P S p bCi p 

D = ^2 qpS p CD PP + ( qS)(Cm + Cowb) 

The sums are over all panels (left and right). The reference area is S = J2 S P , accounting for possible 
absence of wing extensions. The total wing coefficients are based on ( qS ) = J2bpSp- The three- 
dimensional lift-curve slope G7,„ is calculated for the entire wing and used for each panel. The induced 
drag is calculated for the entire wing, from the total Cl- Since C BF = I, 

C’D pp Cl), C'Dwb 
0 

-Cl 


is the wing aerodynamic force. 


12-3.6 Interference 

With more than one wing, the interference velocity at other wings is proportional to the induced 
velocity of the wing producing the interference: v F t = K\ nt v F ui . The induced velocity is obtained 
from the induced drag, assumed to act in the k B direction: a ind = ni n d/|r ,B | = Cdi/Cl = Cl/{ neJR), 
v F d = C FB k B \v B \a ind . For tandem wings, typically I< int = 2 for the interference of the front wing on 
the aft wing, and K int = 0 for the interference of the aft wing on the front wing. For biplane wings, the 
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mutual interference is typically K int 
then 

C Di = 


0.7 (upper on lower, and lower on upper). The induced drag is 


{Cl - C L0 y 
ne/R. 


C L 


'y { Oj n t 

other wings 


^int — -^int^ind — -^int ( ADi 

\7reJUJ other wing 

The induced velocity from the rotors is included in the angle of attack of the wing. The rotor interference 
must also be accounted for in the wing induced power: 


r {C L - C L0 ) 2 

Cm - neAR +Cl 


^2 ^int«ind + ^2 d^intOind 


other wings 


The angle a ind = v ind /V is obtained from the rotor induced velocity A, . If the interference is wing-like, 
r^ind = QRuXi (so f ind oc L / pb 2 V oc T/2pAV). If the interference is propeller-like, f ind = V nX ; (so 
find a T/6 oc T/2pAQ,R). The interference factor can be evaluated from wing induced drag calculations: 
Ci n t = AC Di /{C L K\i/p) or Cint = AC Di / {C L^Xi) . Typically for tiltrotors the interference is wing-like, 
with Cint — -0.06. 


The wing interference at the tail produces an angle-of-attack change e = E{Cl/Clo), where 
E = de/da is an input factor determined by the aircraft geometry. Then from the velocity v B of the 
wing, 

7 —evl 

= C FB I 0 


is the interference velocity at the tail. 


The wing interference at the rotor can produce interference power. The induced velocity at the rotor 
disk is fT t = K in t fT d , with v F ld = C FB k B \v B \a ind again. Separate interference factors K int are used 
for the components of the interference velocity parallel to and perpendicular to the rotor force vector 
(roughly normal to and in the plane of the rotor disk). 


12-4 Wing Extensions 

The wing can have extensions, defined as wing portions of span b x at each wing tip. For the 
tiltrotor configuration in particular, the wing weight depends on the distribution of wing area outboard 
(the extension) and inboard of the rotor and nacelle location. Wing extensions are defined as a set of 
wing panels at the tip. The extension span and area are the sum of the panel quantities, b x = Z) e xt 
and S x - ]Cext Sp ■ Tire inboard span and area are then bj = h - 2 b x , Sj = S — S x . Optionally 
the wing extensions can be considered a kit, hence the extensions can be absent for designated flight 
conditions or missions. As a kit, the wing extension weight is considered fixed useful load. With wing 
extensions removed, the aerodynamic analysis considers only the remaining wing panels. The total wing 
coefficients are then based on the area without the extensions. For the induced drag and interference, 
the effective aspect ratio is then reduced by the factor (6//6) 2 , since the lift and drag coefficients are still 
based on total wing area S. 


12-5 Wing Kit 


The wing can be a kit, the kit weight an input fraction of the total wing weight. The wing kit 
weight can be part of the wing group, or considered fixed useful load. With the kit removed, there are 
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no aerodynamic loads or aerodynamic interference generated by the wing, and the wing kit weight is 
omitted. 


12-6 Weights 

The wing group consists of: basic structure (primary structure, consisting of torque box and spars, 
plus extensions); fairings (leading edge and trailing edge); fittings (non- structural); fold/tilt structure; 
and control surfaces (flaps, ailerons, flaperons, and spoilers). There are separate models for a tiltrotor 
or tiltwing configuration and for other configurations (including a compound helicopter). 

The AFDD wing weight models are based on parameters for the basic wing plus the wing tip 
extensions (not the total wing and extensions). The tiltrotor wing model requires the weight on the wing 
tips (both sides), consisting of: rotor group, engine system, drive system (except drive shaft), engine 
section or nacelle group, air induction group, rotary wing and conversion flight controls, hydraulic group, 
trapped fluids, and wing extensions. An adjustment of this calculated weight can be used; a negative 
increment is required when the engine and transmission are not at the tip location with the rotor. 
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Empennage 


The aircraft can have one or more tail surfaces, or no tail surface. Each tail is designated as 
horizontal or vertical, affecting some parameter definitions. 

13-1 Geometry 


The tail is described by planform area S, span b, chord c = S/b, and aspect ratio SR = b 2 /S. The 
tail volume can be referenced to rotor radius and disk area, V = Sl/RA\ to wing area and chord for 
horizontal tails, V = St/S w c w ; or to wing area and span for vertical tails, V = St/S w b w . Here the tail 
length is l = | Xht — x cg \ or t = \x vf - x cg \ for horizontal tail or vertical tail, respectively. The geometry 
is specified in terms of S or V; and b, or SR, or c. The elevator or rudder is described by the ratio of 
control surface chord to tail chord, c//c; and the ratio of control surface span to tail span, bf/b. 

The tail contribution to the aircraft operating length is x ta ii + 0.25c (forward), aj ta ii — 0.75c (aft), and 
2 /taii ± (b/2)C (lateral), where C = cos <j> for a horizontal tail and C = cos {<f> — 90) for a vertical tail. 

13-2 Control and Loads 

The tail is at position z F , where the aerodynamic forces act. The scaled input for tail position can 
be referenced to the fuselage length, or to the rotor radius. 

The horizontal tail can have a cant angle <j> (positive tilt to left, becomes vertical tail for <j> = 90 deg). 
Thus the component axes are given by C BF = The control variables are elevator 6 e and incidence 
i. 


The convention for nominal orientation of the vertical tail is positive lift to the left, so aircraft 
sideslip (positive to right) generates positive tail angle of attack and positive tail lift. The vertical tail 
can have a cant angle /> (positive tilt to right, becomes horizontal tail for d> = 90), so the component axes 
are given by C BF = X_ 9 O+ 0 . The control variables are rudder S r and incidence i. 

13-3 Aerodynamics 


The aerodynamic velocity of the tail relative to the air, including interference, is calculated in 
component axes, v B . The angle of attack a ta ii (hence C BA ) and dynamic pressure q are calculated from 
v B . The reference area for the tail aerodynamic coefficients is the planform area, S. The wetted area 
contribution is S wet = 2 S. From the elevator or rudder deflection and geometry, the lift coefficient, 
maximum lift angle, and drag coefficient increments are evaluated: A Cl/, A a max /, and AC of- 
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13-3.1 Lift 


The tail lift is defined in terms of lift-curve slope G7, 0 and maximum lift coefficient C7, in ax (based 
on tail planform area). The three-dimensional lift-curve slope is input directly or calculated from the 
two-dimensional lift-curve slope: 


C La = 


Qo 


1 + C£ a ( 1 + t)/(ttM) 


where r accounts for non-elliptical loading. The effective angle of attack is a e = a ta ii + i ■ a z i , where 
a z i is the angle of zero lift; in reverse flow (\a e \ > 90), a e <— a e - 180 signo/,. Let a max = Oz, ma x/Cz, a be 
the angle-of- attack increment (above or below zero lift angle) for maximum lift. Including the change of 
maximum lift angle caused by control deflection, A max = a max + A a max / and .4 tllitl = -a max + Aa n ,, ix /. 
Then 

( CLaOL e + A CLf 

/tt/2 -\a e \ 


A, 


min _ '- x e _ ^max 


c L = l 


(Clcx-A max Lf ) max ( 0, . . 

\ / 7r /^ — l^-m 

( C La A min + A C Lf ) max ^0, / ^ /2 ~ 


< a K < A„ 

Oe ^ d m ax 




/■7T/2 - I A mi 

(for zero lift at /90 deg angle of attack, / = .9). Note that C La A m ax + A 67,/ = C La a max + A67. niax /. In 
sideward flight (defined by (uf ) 2 + (ff ) 2 < (0.05|v s |) 2 ), 6 l = 0. Finally, L = qSC'L is the lift force. 


13-3.2 Drag 

The drag area or drag coefficient is defined for forward flight and vertical flight. The effective angle 
of attack is a e = Qt. a ;i + i-an ni in, where an™ in is the angle of minimum drag; in reverse flow (\a e \ > 90), 
a e <— a e — 180signa e . For angles of attack less than a transition angle a t , the drag coefficient equals 
the forward flight (minimum) drag C D0 , plus an angle-of-attack term and the control increment. Thus 
if \a e \ < a t , the profile drag is 


Cd p = Cdo (1 + K d \a e \ Xd ) + ACnf 


and otherwise 

Cm = Cdq (1 + Kd\ot t \ Xd ) + A Cuf 
Cd p = Cot + ( Cdv — Cm) sin f — J-a| 

Optionally there might be no angle-of-attack variation at low angles (I< d = 0), or quadratic variation 
( X d = 2). In sideward flight (defined by (v^) 2 + (vf) 2 < (0.05|t> s |) 2 ), the drag is obtained using 
cf) v = tan _1 (-tif /Vy) to interpolate the vertical coefficient: Cd p = O_d 0 cos 2 </>„ + Cdv sin 2 <\> v . The 
induced drag is obtained from the lift coefficient, aspect ratio, and Oswald efficiency e: 


C Dl 


(C L - Clq) 2 
ire/R. 


Conventionally the Oswald efficiency e can represent the tail parasite drag variation with lift, as well as 
the induced drag (hence the use of C L0 ) . Then 

D = qSCo = qS[c Dp + Cdi ) 

is the drag force. The other forces and moments are zero. 
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13 — 4 V-Tail 

A V-tail is modeled as a pair of horizontal and vertical tails, each sized by area or tail volume. The 
aerodynamic loads are calculated separately for each tail. The weight is calculated only for the second 
tail, using the V-tail area and aspect ratio. The V-tail area and span are the sum of the two tails: 


Sv = Sht. + S vt 

by — bht + b v t 


and the aspect ratio is M = by/Sy. The V-tail dihedral angle is 6 = tan -1 y/ S vt / Sht , and the cant angle 
(j> = 0 for both. The location (which should be the same for the two tails) is the midpoint of the V-tail, 
vertically and laterally. An upward V-tail and a downward V-tail are identical in this model. 

13-5 Weights 

The empennage group consists of the horizontal tail, vertical tail, and tail-rotor. The tail plane 
weight consists of the basic structure and fold structure. The tail weight (empennage group) model 
depends on the configuration: helicopters and compounds, or tiltrotors and tiltwings. Separate weight 
models are available for horizontal and vertical tails. 

The AFDD tail weight model depends on the design dive speed at sea level (input or calculated). 
The calculated dive speed is V d ive = 1.25V max , from the maximum speed at the design gross weight and 
sea level standard conditions. 
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Chapter 14 


Propulsion System 


The aircraft propulsion system can be constructed from a number of components: propulsion 
groups, engine groups, jet groups, charge groups, and fuel tank systems. Figure 14-1 illustrates the 
configuration possibilities. 

The aircraft can have one or more propulsion groups, or none. Each propulsion group is a set of 
components (rotors) and engine groups, connected by a drive system. The components define the power 
required, and the engine groups define the power available. There are one or more drive states, with a 
set of gear ratios for each state. The power required equals the sum of component power, transmission 
losses, and accessory losses. 

An engine group consists of one or more engines of a specific type. An engine group transfers 
power by shaft torque, so it is associated with a propulsion group. For each engine type an engine 
model is defined. The engine model describes a particular engine, used in one or more engine groups. 
The models include turboshaft engines (perhaps convertible, for turbojet operation or reaction drive), 
reciprocating engines, compressors, electric motors (perhaps with fuel cells), electric generators, and 
generator-motors . 

The aircraft can have one or more jet groups, or none. A jet group produces a force on the aircraft. 
A jet model describes a particular jet, used in one or more jet groups. The models include turbojet and 
turbofan engines (perhaps convertible, for reaction drive), reaction drive, and a simple force. A reaction 
drive supplies a blade force that provides the rotor power required. 

The aircraft can have one or more charge groups, or none. A charge group generates energy for the 
aircraft. A charge model describes a particular charger, used in one or more charge groups. The models 
include fuel cells and solar cells. 

There are one or more fuel tank systems for the aircraft. Fuel tank systems are associated with 
the engine groups, jet groups, and charge groups. Fuel quantity is measured as either weight or energy. 
Fuels considered include jet fuel, gasoline, diesel, and hydrogen. Storage systems considered include 
batteries, capacitors, and flywheels. 


14-1 Referred Performance 

Referred performance parameters are used for propulsion system components that operate with air. 
The operating condition and atmosphere give the standard conditions (temperature T std and pressure 
Pstd) for a specified pressure altitude; the sea-level standard conditions (temperature T 0 and pressure p 0 )\ 
and the operating temperature T and pressure p. Here the temperatures are °R or °K. The performance 
characteristics depend on the temperature ratio 0 = T/T 0 and pressure ratio S = p/p Q . The flight Mach 
number M = V/c s = V/c s0 Vd is obtained from the aircraft speed V. 
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power flow 


fuel flow 




each fuel tank can serve 
one or more components 


engine group fuel tank charge group fuel tank 



Figure 14-1. Propulsion system components. 


The referred or corrected performance parameters are: 


power 

P 

6Vd 

fuel flow 

mass flow 

m 

force 


5/Ve 


specific power 

P/fn 

e 

rotational speed 


w 

JTd 

F 

J 

N 

7d 


where P is power, m is mass flow, w is fuel flow, F is a force, and TV is a rotational speed. The 
performance at sea- level-standard static conditions is indicated by subscript 0. 
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14-2 Engine Ratings 

Engine performance depends on the engine rating. Each engine rating has specific operating 
limitations, most importantly an operating time limit intended to avoid damage to the engine. 

The power available from a turboshaft engine depends on the engine rating. Typical engine ratings 
are given in table 14-1. Engine power is generally specified in terms of sea level standard (SLS) static 
MCP. Takeoff typically uses MRP. CRP or ERP is restricted to use in one-engine inoperative (OEI) 
emergencies. 

Table 14-1 . Typical turboshaft engine ratings. 


rating 

description 

time limit 

MCP 

maximum continuous power 

oo 

IRP 

intermediate rated power 

30 min 

MRP 

maximum rated power 

10 min 

CRP 

contingency rated power 

2.5 min 

ERP 

emergency rated power 

1 .0 min 


The thrust available from a turbojet or turbofan engine depends on the engine rating. Typical engine 
ratings are given in table 14-2. 

Table 14-2. Typical jet engine ratings. 


rating 

description 

time limit 

MCT 

maximum continuous thrust 

OO 

MTO 

maximum takeoff thrust 

5 min 


14-3 Efficiency from Equivalent Circuit 

The efficiency of an electrical device can be expressed in terms of its power by considering an 
equivalent circuit, defined by internal resistance R and current I 0 . The total voltage is V x = V + IR and 
the total current is I x = I + I 0 . Then the useful power is 

P = VI = (V x — IR)I = V X I X - I 2 R - V X I 0 = Ptotal - Plose 



So 77 = ( 1 / 7/ r ef + c) 1 at P = P ref . The efficiency decreases with P because of the internal resistance, 
but is zero at P = 0 because of the internal current term. 
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14—1 Control and Loads 

Geometry and control are defined for engine groups, jet groups, and charge groups. The group 
amplitude A and mode B are control variables: 


A — Aq + Tacac 
B = B 0 + T b cac 

with Aq and B 0 zero, constant, or a function of flight speed (piecewise linear input). The amplitude can 
be power (engine group), thrust (jet group), or power (charge group). The mode can be mass flow (for 
convertible engines), or power flow (for generator-motor). 

The group orientation is specified by selecting a nominal direction e / 0 in body axes (positive or 
negative x-, y- , or 3-axis; usually thrust forward, hence positive x-axis); then applying a yaw angle h; 
and then an incidence or tilt angle i (table 14-3). The yaw and incidence angles can be connected to the 
aircraft controls cac- 

= 4>0 + T^cac 

i — i o + TiCAC 

with iJjq and i 0 zero, constant, or a function of flight speed (piecewise linear input). Hence the incidence 
and yaw angles can be fixed orientation or can be control variables. Optionally the lateral position of 
the group can be set equal to that of a designated rotor (useful for tiltrotors when the rotor hub lateral 
position is calculated from the clearance or wing geometry) . 

The group produces a force T, acting in the direction of the group; and a drag D, acting in the wind 
direction. The group is at location z F . The force and moment acting on the aircraft in body axes are 
thus: 

F f = efT + edD 
M f = A V f F f 

where A z F = z F - z F g , e/ is the force direction, and e Y/ is the drag direction. The velocity relative to the 
air gives e<j = — v F /\v F | (no interference). The group axes are C BF = U, V,;, , where U and V depend on 
the nominal direction, as described in table 14-3. The force direction is e/ = C FB ef 0 . 

For a tiltrotor aircraft, one of the aircraft controls is the nacelle angle, with the convention emit = 0 
for cruise and emit = 90 deg for helicopter mode. The incidence angle is then connected to emit by 
defining the matrix 7) appropriately. If the nominal direction is defined for airplane mode (-he), then 
i = a t iit should be used; if the nominal direction is defined for helicopter mode (— 2 ), then i - a t nt — 90 
should be used. 


Table 14-3. Group orientation. 


nominal (F axes) 

e/o 

incidence, + for force 

yaw, + for force 

C BF = UiVy, 

x forward 

i 

up 

right 

YiZ^, 

— x aft 

—i 

up 

right 


y right 

3 

aft 

up 

ZiX^ 

—y left 

~3 

aft 

up 

Z-iXy, 

2 down 

k 

aft 

right 

Y_iX^ 

-2 up 

-k 

aft 

right 

YiX 4 
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14-5 Nacelle Drag 

An aerodynamic model is defined for engine groups, jet groups, and charge groups. The group 
includes a nacelle, which contributes to the aircraft drag. The component drag contributions must be 
consistent. The pylon is the rotor support and the nacelle is the engine support. The drag model for a 
tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag), since the pylon is 
connected to the rotor shaft axes; with non-tilting engines it would use the nacelle drag as well. 

The nacelle drag acts at the group location z F . The nacelle axes are the group axes, hence C BF 
is calculated as described previously (see table 14 - 1 ). For the nominal direction forward (+x-axis), the 
nacelle 3-axis is downward and the x-axis is forward; zero incidence angle corresponds to zero angle of 
attack; and 90 deg incidence angle corresponds to 90 deg angle of attack (vertical drag). The velocity, 
angle of attack, and dynamic pressure are calculated at the nacelle (without interference). The reference 
area for the nacelle drag coefficient is the nacelle wetted area. The wetted area is input, or calculated 
from the weight w: 

S wet = k(w/N) 2/3 

where N is the number of engines, jets, or chargers; and the units of k are ft 2 /lb 2 / 3 or m 2 /kg 2 / 3 . The 
reference area is then ,S' nac = NS wet . The nacelle area is included in the aircraft wetted area if the drag 
coefficient is nonzero. The drag area or drag coefficient is defined for forward flight and for vertical 
flight. The drag coefficient at angle of attack a is 

Cd = Cdo + ( Cdv ~ Coo) I sina| Xd 

typically using X d = 2. In sideward flight, Cd = Cdo is used. The nacelle drag is D nac = qS na , c CD ■ 
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Chapter 15 


Fuel Tank 


The fuel quantity stored and burned can be measured in weight or energy. Each component (engine 
group, jet group, or charge group) that uses or generates fuel is associated with a fuel tank system of the 
appropriate type. The unit of fuel energy is Mega- Joules (MJ). For reference, 1 British Thermal Unit 
(BTU) = 1055.056 Joule and 1 kW-hr =3.6 MJ. 

15-1 Fuel Tank System Store and Burn Weight 


For fuel use measured by weight, the fuel properties are density pf ue i (weight per volume, lb/gal or 
kg/liter) and specific energy ef ue i (MJ/kg). Table 15-1 gives the properties of a number of aviation fuels, 
based on military and industry specifications (refs. 1-3). Fuels considered include jet fuel, gasoline, 
diesel, and hydrogen. From the fuel weight lTf ue i, the energy is Uf ue i = ef ue i H f ue i (MJ) and the volume 
is Vf U ei = Wfuei/pfuei (gallons or liters). A motive device has a fuel flow ib (lb/hour or kg/hour), and its 
specific fuel consumption is sfc = w/P or sfc = w/T. 

15-1.1 Fuel Capacity 

The fuel tank capacity I4 f ue i- C ap (maximum usable fuel weight) is determined from designated 
sizing missions. The maximum mission fuel required, Wf ue i_ miss (excluding reserves and any fuel in 
auxiliary tanks), gives 


Wfuel — cap — max(/ fue i 

—cap Wf U el 

—miss 5 w fuel —miss T Unreserve) 

where /f ue i- C ap > 1 is an input factor. Alternatively, the fuel tank capacity lTf ue i-ca P can be input. The 
corresponding volumetric fuel tank capacity is Vf ue i- C a P = Wf ue i- C ap/pfuei- 

For missions that are not used to size the fuel tank, the fuel weight may be fallout, or the fuel weight 
may be specified (with or without auxiliary tanks). The fuel weight for a flight condition or the start of 
a mission can be specified as an increment d, plus a fraction / of the fuel tank capacity, plus auxiliary 
tanks: 

il fuel — mill(df ue l + ./'fiif l U fiiel —cap 7 w fuel 

—cap) T 'y ) Mtuxtank li aiix — cap 

where W aux _.e ap is the capacity of each auxiliary fuel tank. The fuel capacity of the wing can be estimated 
from 

W fuel 

— wing Pfuel ^ ) f^tb^w^w 

where c t b is the torque box chord, t w the wing thickness, and b w the wing span; and / is the input fraction 
of the wing torque box that is filled by primary fuel tanks, for each wing. This calculation is performed 
in order to judge whether fuel tanks outside the wing are needed. 
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if Wf U el > Wf U el — max 

for designated auxiliary tank 

-^Yauxtank — N auxtank “1“ ^ 

if fixed total weights AWf ue l — ^/auxtankW^ux— cap 
AW fue l — max = nW aux —cap 
repeat if W fue i > W fue i — max 

if fixed total weight and W fue i < Wf ue i-max - nW aux _ cap 

-^Yauxtank -^Yauxtank ^ 

A Wf U el— max = ^^aux- cap 
Wf ue i = Wfuei— max (capped) 
else if Wfuei < Wf ue i —max 

for designated auxiliary tank (then for last nonzero IVauxtank) 

-^auxtank -^auxtank ^ 

if fixed total weight: AW fue i = n/ aux t a nkW aux -cap 

AWf ue l— max = ^Haux-cap 

repeat if W fue i < Wf ue i —max 

undo last increment 

-^auxtank A aux tank T ^ 

if fixed total weight: AW fue i = -n/ aU xtankW aux _ ca p 

AWf U el — max = nWaux —cap 

Figure 15-1. Outline of A aux tank calculation. 


15-1.2 Fuel Reserves 

Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be 
defined in terms of specific mission segments, for example 200 miles plus 20 minutes at V be . Fuel 
reserves can be an input fraction of the fuel burned by all (except reserve) mission segments, so Wf ue i = 
(1 + /res) Wfuei- miss- Fuel reserves can be an input fraction of the fuel capacity, so Wf ue i = W m iss-se g + 
/resWfuei-cap- If more than one criterion for reserve fuel is specified, the maximum reserve is used. 

15-1.3 Auxiliary Fuel Tank 

Auxiliary fuel tanks are defined in one or more sizes. The capacity of each auxiliary fuel tank, 
Wmx-cap, is an input parameter. The number of auxiliary fuel tanks on the aircraft, iV a u X tank for each 
size, can be specified for the flight condition or mission segment. Alternatively (if the mission is not 
used to size the fuel tank), the number of auxiliary fuel tanks at the start of the mission can be determined 
from the mission fuel. 

Figure 15-1 describes the process for determining A/„ xtarik from the required fuel weight Wf ue i 
and the aircraft maximum fuel capacity W fue i-max = Wf ue i- ca p + E A auxtank W aux _ cap . The fuel weight 
adjustment AWf ue i is made if fuel weight is fallout from fixed gross weight and payload, accounting 
for the operating weight update when A aux tank changes. If the auxiliary tank weight is greater than 
the increment in fuel weight needed, then the fallout fuel weight Wf ue i = Wq — Wo - W pay can not be 
achieved; in such a case, the fuel weight is capped at the maximum fuel capacity and the payload weight 
adjusted instead. The tanks changed can be the first size, the first size already used, or a designated size. 
The tanks can be added or dropped in groups of n (n = 2 for pairs). 
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The weight and drag of iV auxtan k tanks are included in the performance calculation. Optionally the 
number of auxiliary tanks required can be calculated at the beginning of designated mission segments 
(based on the aircraft fuel weight at that point) , and tanks dropped if no longer needed. The weight of the 
auxiliary fuel tanks is an input fraction of the tank capacity: lT auxtank = £ / aU xtankA auxtank W aux _ cap . 

15-1.4 Auxiliary Fuel Tank Drag 

The auxiliary fuel tanks are located at position z F . The drag area for one auxiliary tank is specified, 
(fV^Oauxtank- The velocity relative to the air gives the drag direction e d = -v F /\v F \ and dynamic 
pressure q = 1 / 2 p\v F \ 2 (no interference). Then 

-F c,/ q .V H1]xtarlk (/J/f'/J al]X | ;lT1 k 

is the total drag force, calculated for each auxiliary tank size. 

15-1.5 Weights 

The fuel system consists of the tanks (including support) and the plumbing. For the fractional 
model, the fuel tank weight is W tank = Xtank/tankWf ue i- C ap- 

The weight of the auxiliary fuel tanks is paid of the fixed useful load; it is an input fraction of the 

tank Capacity. W&uxta.nk = /auxtank A aux t an k fF aux ^ ca p . 

The AFDD weight model for the plumbing requires the fuel flow rate (for all engines), calculated 
for the takeoff rating and conditions. 

15-2 Fuel Tank System Store and Burn Energy 

For fuel use and storage measured by energy, there is no weight change as energy is used. The energy 
storage (tank) is characterized by specific energy e tan k (MJ/kg) and energy density p tank (MJ/liter). Table 
15-2 gives the properties of a number of systems. The tank weight and volume are obtained from the 
fuel energy Ff ue i_ cap (MJ). The fuel weight Wf ue i is zero. A motive device has an energy flow E, and its 
specific fuel consumption is sfc = E/P (inverse of efficiency). An equivalent fuel flow is w eq = E/e ie {, 
based on the specific energy e re f (MJ/kg) of the first fuel tank that burns weight (or GP-4, e re f = 42.8 
MJ/kg). The corresponding equivalent specific fuel consumption is sfc e9 = w eq /P. The specific power 
is 7T ta „k (kw/kg). 

Storage systems considered include batteries, capacitors, and flywheels. A battery (or capacitor) 
stores charge (A-hr) , so the capacity is expressed as energy for a nominal voltage . Variation of the voltage 
with operation affects the efficiency of the relation between useful power and the rate of change of the 
energy stored. Each fuel tank system that stores and burns energy has a battery model for computation 
of the charge/discharge efficiency. The components associated with a fuel tank system define the total 
energy flow E c omp (charge or discharge). Accounting for battery capacity, efficiency, and losses gives 
the effective energy flow E e g . 


15-2.1 Fuel Capacity 

The fuel tank capacity //f, ie i _ cap (maximum usable fuel energy) is determined from designated 
sizing missions. The maximum mission fuel required, J?f uel _ miss (excluding reserves and any fuel in 
auxiliary tanks), gives 

Ff ue l— cap max( /fuel— cap Ff ue l_ miss , /-'fuel — miss V //reserve ) 
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4 f -Ffuel > -/-'f 1 1 e 1 — max 

for designated auxiliary tank 


N auxtank — E auxtank H"~ ^ 

^-S'fuel— max — ^-^aux- cap 

repeat if £ fue i > £f ue i — max 
else if Ef ue \ <c -Sfuei — max 

for designated auxiliary tank 
(then for last nonzero IVauxtank) 

-^auxtank -^auxtank U 
^i-F'fuel— max U-£/aux— cap 

repeat if E iue 1 < £ fue i — max 

undo last increment 


-^auxtank -^auxtank 4“ U 
AEfuel — max — ni?aux-cap 


Figure 15-2. Outline of iV aux t a nk calculation. 


where /f ue i-ca P > 1 is an input factor. Alternatively, the fuel tank capacity -Ef ue i_ cap can be in- 
put. The corresponding fuel tank weight is lTta„i< = Xtank-Efuei-ca P /e ta nk (lb or kg) and the fuel 
tank volume is l/ tH „k = -Efuei-cap/ptank (gallons or liters). The corresponding power capacity is 
P cap = (^tank/etank) ^fuei-cap (kW and MJ). Optionally the maximum mission battery discharge power 
gives P cap . 

For missions that are not used to size the fuel tank, the fuel energy may be fallout, or the fuel energy 
may be specified (with or without auxiliary tanks). The fuel energy for a flight condition or the staid of 
a mission can be specified as an increment d, plus a fraction / of the fuel tank capacity, plus auxiliary 
tanks: 

fifuel = min(df ue i -t- ./fuel Pfuel —cap : T'fuei — cap) T ^ ) A/,! i x t a 1 1 k T/iu x — c ap 

where P aU x-cap is the capacity of each auxiliary fuel tank. 

15-2.2 Fuel Reserves 

Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be defined 
in terms of specific mission segments, for example 200 miles plus 20 minutes at V be . Fuel reserves can be 
an input fraction of the fuel burned by all (except reserve) mission segments, so Pf ue i = (l+/ re s)Pfuei-miss • 
Fuel reserves can be an input fraction of the fuel capacity, so Pf ue i = P m iss-se g + /res-Efuei-cap- If more 
than one criterion for reserve fuel is specified, the maximum reserve is used. 

15-2.3 Auxiliary Fuel Tank 

Auxiliary fuel tanks are defined in one or more sizes. The capacity of each auxiliary fuel tank, 
Paux-cap, is an input parameter. The number of auxiliary fuel tanks on the aircraft, -/V auxtan k for each 
size, can be specified for the flight condition or mission segment. Alternatively (if the mission is not 
used to size the fuel tank), the number of auxiliary fuel tanks at the start of the mission can be determined 
from the mission fuel. 

Figure 15-2 describes the process for determining iV auxt ank from the required fuel energy P fuel and 
the aircraft maximum fuel capacity P fuel _ max = E tue i_ cap + E ^auxtank^aux-cap • The tanks changed 
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can be the first size, the first size already used, or a designated size. The tanks can be added or dropped 
in groups of n (n = 2 for pairs). 

The drag of A auxtank tanks is included in the performance calculation. Optionally the number of 
auxiliary tanks required can be calculated at the beginning of designated mission segments (based on the 
aircraft fuel energy at that point), and tanks dropped if no longer needed. The weight of the auxiliary fuel 
tanks is obtained from e auxta „ k (MJ/kg) and the tank capacity: W auxtank = £ iV auxta nk^aux-cap/e a uxtank- 

15-2.4 Weights 

The fuel system consists of the tanks (including support) and the plumbing. The plumbing weight 
here means the power distribution (wiring). The fuel tank weight is -Efuci-cap/etank + Wbms (lb or kg) 
and the fuel tank volume is Vfuei-ca P = Afuei-cap/ptank (gallons or liters). The battery management 
system (BMS) weight is a fraction of the basic tank weight: Wbms = Jbms(E f U ei-ca P /etank)- The 
wiring weight is a fraction of the basic tank weight: / w ire(T4uei-ca P /etank)- Alternatively, the wiring 
weight can be input as paid of the electrical group weight. 

The weight of the auxiliary fuel tanks is part of the fixed useful load; it is obtained from e auxtank 
(MJ/kg) and the tank capacity. IVauxtank = ^ AauxtankT/aux— cap/^auxtank- 

15-3 References 

1) Department of Defense Military Specification. “Glossary of Definitions, Ground Rules, and Mission 
Profiles to Define Air Vehicle Performance Capability.” MIL-STD-3013A, September 2008. 

2) Department of Defense Detail Specification. “Turbine Fuel, Aviation, Grades JP-4 and JP-5.” MIL- 
DTL-5624U, September 1998. 

3) Department of Defense Detail Specification. “Turbine Fuel, Aviation, Kerosene Type, JP-8 (NATO 
F-34), NATO F-35, and JP-8+100 (NATO F-37).” MIL-DTL-83133H, October 2011. 
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Fuel Tank 


Table 15-1. Fuel properties. 


fuel 

specification 

density 


specific energy 


energy dens. 



lb/gal 

kg/L 

MJ/kg 

BTU/lb 

lb/hp-hr 

MJ/L 

gasoline 

MIL-STD-30 1 3 A 

6.0* 

0.719 

43.50 

18700* 

0.136 

31.3 

diesel 


7.0 

0.839 

43.03 

18500 

0.138 

36.1 



6.84- 

0.820- 

43.0 

18487 

0.138 

35.8 



7.05 

0.845 





Jet A/A-l 

MIL-STD-30 1 3A 

6.7* 

0.803 

42.80 

18400* 

0.138 

34.4 



6.84/ 

0.820/ 

42.8 

18401 

0.138 

34.8 



6.71 

0.804 





JP-4 


6.5 

0.779 

42.80 

18400 

0.138 

33.3 


MIL-DTL-5624U 

6.23- 

0.751*- 

42.8* 

18401 

0.138 

32.2 



6.69 

0.802* 





JP-5 

MIL-STD-30 13A 

6.6* 

0.791 

42.57 

18300* 

0.139 

33.7 


alternate design 

6.8* 

0.815 

42.91 

18450* 

0.138 

35.0 


MIL-DTL-5624U 

6.58- 

0.788*- 

42.6* 

18315 

0.139 

34.8 



7.05 

0.845* 





JP-8 

MIL-STD-30 13A 

6.5* 

0.779 

42.80 

18400* 

0.138 

33.3 


alternate design 

6.8* 

0.815 

43.19 

18570* 

0.137 

35.2 


MIL-DTL-83133H 

6.45- 

0.775*- 

42.8* 

18401 

0.138 

34.6 



7.01 

0.840* 





hydrogen (700 bar) 

0.328 

0.03930 

120. 

51591 

0.0493 

4.72 

hydrogen (liquid) 

0.592 

0.07099 

120. 

51591 

0.0493 

8.52 

*specification value 


Table 15-2. Energy storage properties. 


tank specific energy 

tank energy density 

efficiency 

power 


MJ/kg 

kW-hr/kg 

MJ/L 

kW-hr/m 3 


kW/kg 

lead-acid battery 

0.11-0.14 

0.03-0.04 

0.22-0.27 

60-75 

70-90% 

0.18 

nickel-cadmium battery 

0.14-0.20 

0.04-0.06 

0.18-0.54 

50-150 

70-90% 

0.15 

lithium-ion state-of-art 

0.54-0.90 

0.15-0.25 

0.90-1.30 

250-360 

-99% 

1.80 

+5 years 

1.26 

0.35 

1.80 

500 



+15 years 

2.34 

0.65 

2.25 

625 



ultracapacitor 

0.01-0.11 

0.004-0.03 

0.02-0.16 

6-45 


1.00 

flywheel steel 

0.11 

0.03 



-90% 


graphite 

0.90 

0.25 







Chapter 16 


Propulsion Group 


The propulsion group is a set of components and engine groups, connected by a drive system. The 
engine model describes a particular - engine, used in one or more engine group. The components (rotors) 
define the power required. The engine groups define the power available. Figure 16-1 illustrates the 
power flow. 


16-1 Drive System 


The drive system defines gear ratios for all the components it connects. The gear ratio is the ratio 
of the component rotational speed to that of the primary rotor. There is one primary rotor per propulsion 
group (for which the reference tip speed is specified); other components are dependent (for which a gear 
ratio is specified). There can be more than one drive system state, in order to model a multiple-speed or 
variable-speed transmission. Each drive system state corresponds to a set of gear ratios. 

For the primary rotor, a reference tip speed Vbp-ref is defined for each drive system state. By 
convention, the “hover tip speed” refers to the reference tip speed for drive state #1. If the sizing 
task changes the hover tip speed, then the ratios of the reference tip speeds at different engine states 
are kept constant. By convention, the gear ratio of the primary rotor is r = 1. For dependent rotors, 
either the gear ratio is specified (for each drive system state) or a tip speed is specified and the gear 
ratio is calculated (r = fl d ep/fl P rim, !-> = I4 ip _ re f//i). For the engine group, either the gear ratio is 
specified (for each drive system state) or the gear ratio is calculated from the specification engine 
turbine speed 1 1 spec = (27r/60)iV spec and the reference tip speed of the primary rotor (r = fl S pec/^prim, 
o priltl = Vtip.ref /R). The latter option means the specification engine turbine speed N spec corresponds 
to Vtip— ref for all drive system states. To determine the gear ratios, the reference tip speed and radius are 
used, corresponding to hover. 

The flight state specifies the tip speed of the primary rotor and the drive system state, for each 
propulsion group. The drive system state defines the gear ratio for dependent rotors and the engine 
groups. From the rotor radius, the rotational speed of the primary rotor is obtained (fl pi -i m = V t i p /R)\ 
from the gear ratios, the rotational speed of dependent rotors (0, iep = rf > prim ) and the engine groups 
(N = (60/27r)r eil gl> pnni ) are obtained; and from the rotor radius, the tip speed of the dependent rotor 
( Fip = f>,] ep R) is obtained. The flight state specification of the tip speed can be an input value, the 
reference tip speed, a function of flight speed or a conversion schedule, or one of several default values. 
These relationships between tip speed and rotational speed use the actual radius of the rotors in the flight 
state, which for a variable-diameter rotor may not be the same as the reference, hover radius. 

A designated drive system state can have a variable speed (variable gear ratio) transmission, by 
introducing a factor / gear on the gear ratio when the speeds of the dependent rotors and engines are 
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Figure 16-1. Power flow. 
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evaluated. The factor / gea r is a component control, which can be connected to an aircraft control and 
thus set for each flight state. 

An optional conversion schedule is defined in terms of two speeds: hover and helicopter mode for 
speeds below Vchover, cruise mode for speeds above Vc C ruise> and conversion mode for speeds between 
Pc’ hover and Vccruise- The tip speed is Kip-hover in helicopter and conversion mode, and Kip-cruise in 
airplane mode. Drive system states are defined for helicopter, cruise, and conversion mode flight. The 
flight state specifies the nacelle tilt angle, tip speeds, control state, and drive system state , including the 
option to obtain any or all of these quantities from the conversion schedule . 

Several default values of the tip speed are defined for use by the flight state, including cruise, 
maneuver, one-engine inoperative , drive system limit conditions , and a function of flight speed (piecewise 
linear input). Optionally these default values can be input as a fraction of the hover tip speed. Optionally 
the tip speed can be calculated from p = K/Ki P , so V tip = V / \x\ or from M at = M tip y / ( 1 + p ) 2 + p 2 , so 
ft i p = \f(c s M at ) 2 — V 2 — V. Optionally the tip speed can be the minimum of the input value or that for 
M at . 

The sizing task might change the hover tip speed (reference tip speed for drive system state #1), 
the reference tip speed of a dependent rotor, a rotor radius, or the specification engine turbine speed 
N s pec . In such cases the gear ratios and other parameters are recalculated. Note that it is not consistent 
to change the reference tip speed of a dependent rotor if the gear ratio is a fixed input. 

An increment on the primary rotor rotational speed (or primary engine group, if there are no rotors) 
is a control variable of the propulsion group. 


16-2 Power Required 

The component power required P c omp is evaluated for a specified flight condition, as the sum of 
the power required by all the components of the propulsion group. The total power required for the 
propulsion group is obtained by adding the transmission losses and accessory power: 


P 


reqPG 


— P comp T P xmsn T P =icc 


The transmission losses are calculated as an input fraction f xmsn of the component power, plus windage 
loss: 


P = 

* vmsn 


? f I p 
xmsn J xmsn | J comp 


-^windage (^prim/^ref) 


The factor / xmsn 
low power): 


can equal 1 , or can include a function of the drive shaft limit (increasing the losses at 


/xmsn | P comp | 


1 P 

2 -PX limit 

(I — 3*3) I Pcomp | 
I Pcomp | 


Q< 3 

i < Q < 1 
1 < Q 


where Q — | Pcomp 1/P.viimit? PA'iimit — r l V> .slim it • and t — N/N s p ec — Dprirn /—ref • Accessory losses are 
calculated as the sum of an input constant; terms that scale with air density and rotor speed; a fraction 
of power required (such as environmental control unit (ECU) losses); infared suppressor fan loss (if IRS 
system is on); deice power loss (if deice system is on); and an increment specified for each flight state: 


accO 


+ Pa,ccd& + -faccn^(f^prim/f^ref ) T ^acc ( | -^comp | T Tcrnsn) T -^IRfan^-^engTeng 


P„ 


dPa, 


where a = p/p 0 is the density ratio. 
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The power required for the propulsion group must be distributed to the engine groups . With only one 
engine group, P req EG = PreqPG ■ An engine group power can be fixed at P req EG = fA r e „ g A iriop ).4, where 
A is the input power amplitude; or fraction A of engine power available, P req EG = ( A eng — N inop )AP av ; 
or fraction A of engine rated power P req EG = (N eng — N inop )AP eng . The power required for the remaining 
(perhaps all) engine groups is distributed proportional to the engine rated power: 


P 


reqEG 


= (P 


reqPG 


Y P reqEG ) 
fixed 


(-^ eng -^inop)-^ 3ng 


E 


notfixedV 1 en g 


(A^eng Aj noli 1 Peng 


omitting engine groups that do not supply shaft power. If the sum of the fixed P req EG exceeds the 
propulsion group power required, or if the power is fixed for all engine groups, then each is scaled by 
the ratio P req PG/ Efixed PreqEG- The fuel flow of the propulsion group is obtained from the sum over 
the engine groups: w reqPG = E w reqE G- 


16-3 Geometry 

The length of the drive system i DS can be input or calculated. The calculated length is the sum of 
the longitudinal, lateral, and vertical distances from the primary rotor hub to the other hub locations, for 
all rotors in the propulsion group: l os = f E(|A:r| + Ay + |Az|), where / is an input factor. 

16-4 Drive System limit 

The drive system limit is defined as a power limit, Fosumit • The limit is properly a torque limit, 
Q d siimit = P Delimit / Href > but is expressed as a power limit for clarity. The drive system limit can be 
specified as follows (with fumit an input factor): 

a) Input Posiimit- 

b) From the engine takeoff power limit, P D s limit = /limit E N eng P eng (summed over 
all engine groups). 

c) From the power available at the transmission sizing conditions and missions, 

Pd siimit = /limit (^ref/ilprim) E N engP a v (largest of all conditions and segments). 

d) From the power required at the transmission sizing conditions and missions, 

PDSlimit = /limit (fW^prim) E N en g Pe q (largest of all conditions and segments). 

The drive system limit is a limit on the entire propulsion system. To account for differences in the 
distribution of power through the drive system, limits are also used for the torque of each rotor shaft 
(F’flsiimit) and of each engine group (Pe siimit)- The engine shaft limit is calculated as for the drive system 
limit, without the sum over engine groups. The rotor shaft limit is either input or calculated from the 
rotor power required at the transmission sizing flight conditions. The power limit is associated with a 
reference rotational speed, and when applied the limit is scaled with the rotational speed of the flight 
state. The rotation speed for the drive system limit Posiimit is the hover speed of the primary rotor of 
the propulsion group (for the first drive state). The rotation speed for the engine shaft limit P p siimit 
is the corresponding engine turbine speed. The rotation speed for the rotor shaft limit P R .q is the 
corresponding speed of that rotor. 

The drive system limits can be specified for several levels, analogous to engine ratings. The limit 
-Posiimit is associated with the maximum continuous rating (MCQ or MCP). An alternate rating changes 
the torque limit by the factor x. Typically x > 1 for ratings associated with short duration operation. 
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The torque limit is calculated from <3i imit = Q/x for the flight condition or mission segment. The torque 
limit is applied as Q = xQu m it 


16-5 Weights 

The drive system consists of gear boxes and rotor shafts, drive shafts, rotor brakes, clutches, and 
gas drive. The drive system weight depends on the rotor and engine rotational speeds, evaluated for 
the propulsion group primary rotor and a specified engine group, at a specified drive system state (gear 
ratio). 

The AFDD drive system weight model depends on /q , the second (main or tail) rotor rated torque 
as a fraction of the total drive system rated torque; and on /p, the second (main or tail) rotor rated power 
as a fraction of the total drive system rated power. These parameters are related by the rotational speeds 
of the two rotors: f P = /gfi other/flmam- Typically f P = fq = 0.6 for twin rotors (tandem, coaxial, and 
tiltrotor configurations). For the single -main-rotor and tail-rotor configuration, typically fq = 0.03 and 
/p = 0.15 (0.18 with a two-bladed teetering main-rotor). 
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Chapter 17 


Engine Group 


The engine group consists of one or more engines of a specific type. An engine group transfers 
power by shaft torque, so it is associated with a propulsion group. For each engine type an engine model 
is defined. The engine model describes a particular engine, used in one or more engine groups. 

The models include turboshaft engines (perhaps convertible, for turbojet operation or reaction 
drive), reciprocating engines, compressors, electric motors (perhaps with fuel cells), electric generators, 
and generator- motors. 


17-1 Engine Group Performance 


The engine size is described by the power P eng , which is the sea-level static power available per 
engine at a specified takeoff rating. The number of engines N eng is specified for each engine group. 

If the sizing task determines the engine power for a propulsion group, the power P eng of at least one 
engine group is found (including the first engine group) . The total power required is P PG = r N eng P eng , 

where r = max(P regPG /P ot , PG ). The sized power is P sized = P PG - Efixed N e« g P e n g - Then the sized 
engine power is P eng = f n P size d/N eng for the n-th engine group (with /i = sized /« for the first 
group). If an engine group does not consume power (compressor or generator) or does not contribute to 
shaft power (converted), the size is scaled with r = max(P re(?EG /P avEG ). 

The propulsion group power available is obtained from the sum over the engine groups: P 0 „ PG = 
PavEG- 

The propulsion group component power P comp includes compressor power, generator power re- 
quired, and generator-motor power when it is producing energy. 

The flight condition information includes the altitude, temperature, flight speed, and primary rotor 
speed; a power fraction / P ; and the states of the engine, drive system, and infrared suppressor (IRS). The 
engine turbine speed is N = (60/27r)r eng fl P rim, where fl pr im is the current rotor speed and r eng is the gear 
ratio (depending on the drive system state, including a factor / gear for a variable speed transmisson). 
If the reference primary rotor speed Q prim corresponds to the specification turbine speed N spec , then 
r eng = 0 S pec/fl P rim; alternatively, the engine gear ratio can be a fixed input. 

The drive system limit at the flight condition is rxPDSumit , where r = f> pr j in /f> rr .f and x is the rating 
factor. Optionally this limit is applied to the propulsion group power: P av PG = min(P at)PG , rxP D svun\t) • 
Similarly the engine shaft limit at the flight condition is optionally applied to the engine group power: 

PavEG = min( P av EG, rxPESlimit )• 
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17-2 Turboshaft Engine 

Turboshaft engine performance is obtained from the Referred Parameter Turboshaft Engine Model 
(RPTEM). 

17-2.1 Power Available 

Given the flight condition and engine rating, the power available P a is calculated from the specific 
power SP a = P a /rh a and mass flow rh a : 

Qp 

~Y = SP 0 g sp (6,M,n) 

— = m o g m (0,M,n) 

= Pog P (0,M,n) 

as functions of temperature ratio 6 = T/T 0 , Mach number M, and referred engine turbine speed n = 

N/Ve. 

In the engine model, installation losses Pi oss are subtracted from P a (P av = P a — Pi oss ), and then the 
mechanical limit is applied: P av = min(P a „, rP mec hij), r = N/N s pec . The mechanical limit is properly a 
torque limit, C) rnw:h = P me ch/A spec , but is expressed as a power limit for clarity. 

The engine model gives the performance of a single engine. The power available of the engine 
group is obtained by multiplying the single engine power by the number of engines operational (total 
number of engines less inoperable engines): 

PavEG ~ /p(Aeng -M n0 p )P a v 

including a specified power fraction f P . 

17-2.2 Performance at Power Required 

The engine performance (mass flow, fuel flow, and gross jet thrust) is calculated for a specified 
power required P q and flight condition: 


jjj | = rhocgm(q , 0, M, n) 

= wocgwiq , 0, M, n) 

Y = F g oc9f(q,0,M,n) 

as functions of q = Pq/(P 0 c5Vd), temperature ratio 6 = T/T 0 , Mach number M, and referred engine 
turbine speed n = N/(N spec V0)- 


The engine model deals with a single engine. The power required of a single engine is obtained 
by dividing the engine group power by the number of engines operational (total number of engines less 
inoperable engines): 


Preq FreqEG / i. Aeng Aj n0 p) 


In the engine model, installation losses P\ oss are added to P rf q : P q = P req + Pi oss . 
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The engine model gives the performance of a single engine. The performance of the engine group 
is obtained by multiplying the single engine characteristics by the number of engines operational (total 
number of engines less inoperable engines): 

‘ri'lreqEG = (Aeng -Anop )^req 
PreqEG = (A en g -A n 0 p)uVe<jA ffd 

F]\[EG (Aeng -^)nop)TiV 
D au xEG = (A en g Ai n 0 p)-D aux 

The fuel flow has also been multiplied by a factor Kff d accounting for deterioration of the engine 
efficiency. 


17-2.3 Installation 

The difference between installed and uninstalled power is the inlet and exhaust losses Pi oss : P av = 
P a — P \ oss and P req = P q — Pioss- The inlet ram recovery efficiency rid is included in the engine model 
calculations. The inlet and exhaust losses are modeled as fractions of power available or power required: 
-Goss = (An + Vex) Pa or P loss = (t m + £ e x)Pq- The installed gross jet thrust is F G = K fgr F g , where K fgr 
accounts for exhaust effects. The net jet thrust is F N = F G — m req V. The momentum drag of the 
auxiliary air flow is a function of the mass flow ?fi aux = f aux m req : 

G aU x — (1 r/;!ux)/b;.ui X 1” — (1 ^/aux) /aux^req T 

where r/,„ lx is the ram recovery efficiency. Exhaust losses (£ ex ) and auxiliary air flow parameters (r/ ;n]X , 
faux) are defined for IR suppressor on and off. Inlet particle separator loss is added to the inlet losses 

(fin) ■ 


17-2.4 Convertible Engine: Turbojet/Turbofan 

The engine mode B is the mass flow fraction diverted for a convertible engine: B = 0 for all mass 
flow to the power turbine (turboshaft operation) , and B = 1 for all mass flow to the jet exhaust or a fan 
(turbojet/turbofan operation) . 

A separate engine model defines the performance for turbojet/turbofan operation (B = 1). The 
engine group power P re qEG is prescribed, as a measure of the jet thrust, and this engine does not 
contribute to the propulsion group shaft power available. The turbojet/turbofan thrust is the engine 
group net jet thrust, F N = Fq - fn req V . 

17-2.5 Convertible Engine: Reaction Drive 

The engine mode B is the mass flow fraction diverted for a convertible engine: B = 0 for all mass 
flow to the power turbine (turboshaft operation), and B = 1 for all mass flow to the rotor (reaction jet 
operation). 

A separate engine model defines the engine performance for reaction jet operation (B = 1). The 
engine group power is fixed by amplitude input, or obtained from the rotor power (P req EG = F re act ), 
and this engine does not contribute to the propulsion group shaft power available. The gross jet thrust 
is zero, so the net thrust is the momentum drag, F N = m req V. 
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17-3 Turboshaft Engine Tabular Model 


A simple tabular model of the engine performance is implemented, suitable for use with data from 
a limited exercise of an engine deck. The tables are for power available P a , fuel flow w, and net jet 
thrust F n as a function of altitude h, flight speed V, and rating R. The altitude influence is for a selected 
atmosphere, hence for a temperature variation with altitude. The ratings reflect engine throttle setting, 
including partial power. Power turbine speed variation is not considered. The tables are used with linear 
interpolation. 

Given the altitude, speed, and rating, the power table T p (h, V, R) is interpolated. Then the power 
available is P a = K P T P . For fixed altitude and speed, the table T v (h, V', R) implies a variation of power 
with rating; and the tables for fuel flow and jet thrust can be interpreted as T w (h, V, P q ) and Tf(h, V, P q ). 
So given altitude, speed, and power required, the tables are interpolated; then the fuel flow is w = I\ W T W 
and the net jet thrust is F N = KfTf. The input factors K p , K w and Kf can account for technology level. 

The tables are for an installed engine, including losses. Hence P loss = 0 (i 2n = £ ex = 0) with this 
model, and P av = P a , P req = P q . Mechanical limits are included in the power available data. Engine 
mass flow is not considered, so Z) a ux = 0, and the table is for net jet thrust. The fuel flow is multiplied 
by the factor Kff d , accounting for deterioration of the engine efficiency. The engine is not scaled. The 
engine weight W one eng is fixed. 


17-4 Reciprocating Engine 


Reciprocating engine performance is described in reference 1. The work per cycle is W = PnJR, 
where R is the rotational speed (rev/sec), n c is the revolutions per cycle (n c = 2 for a 4-stroke engine, 
n c = 1 for a 2-stroke engine), and R/n c is the cycles per second. The engine displacement is V d (volume). 
The mean effective pressure (mep) is defined as 

W Pn c Qn c 2ir 

mep= v d = KR = ^r 

from the power P = NQ = 2irRQ-, so mep is the specific torque. The engine output is the brake 
horsepower (BHP), which equals indicated power less friction power: 

BHP = IHP - FHP = IHP - (MHP + PHP + CHP + AHP - THP) 

The friction power is composed of losses due to mechanical friction (MHP), pumping (PHP, the work of 
the piston during inlet and exhaust strokes) , compressor or supercharger (CHP), auxiliary or accessories 
(AHP, such as oil pump, water pump, cooling fan, generator), and exhaust turbine (THP, treated as 
negative friction). The mechanical efficiency is 77 = BHP/IHP. The sum of airflow (to) and fuel 
flow (w) is the charge flow: w c = Wf + w a - The fuel-air ratio is F = wf/w a . The mass flow is 
to = e^TOideai = e„ pV d (R / n c )\ so mep ~ ( P/m)p . The indicated power is the product of the fuel flow, 
fuel specific energy (ef ue i = JQ C , from the heat of combustion Q, and Joule’s constant J relating work and 
heat), and thermal efficiency: Pi = ef ue \r] t hW. These equations have constant factors when conventional 
units are used. 

The maximum break mean effective pressure is typically 125-250 lb/in 2 (850-1700 kN/m 2 ). Typ- 
ical break specific fuel consumption is bsfc = w/P = 0.38 to 0.45 lb/hp-hr. Typically the volumetric 
efficiency e v = m/m-ideai = 0.8 to 0.9. 
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Reciprocating engine performance is obtained from the Referred Parameter Turboshaft Engine 
Model (RPTEM). 


17-4.1 Power Available 


The power available P a is calculated from the specific power SP a = P a /m a and mass flow m a : 


SPa 

e 


s/Ve 


SPog. 


mep 


sp 


9m — rn 0 


s 

N/N spec 

Ve 


Installation losses P loss are subtracted from P a ( P av = P a — P loss ), and then the mechanical limit is 
applied: P av = min(P a „,rP me chfl), r = N/N spec . The mechanical limit is properly a torque limit, 
Qmech = Pmech/A spec , but is expressed as a power limit for clarity. The power available of the engine 
group is obtained by multiplying the single engine power by the number of engines operational (total 
number of engines less inoperable engines): P aV EG = fp(N ens — Ni nop )P av , including a specified power 
fraction f P . 


17-4.2 Performance at Power Required 

The engine performance for a specified power required P q is: 

'UJreq . . 

-jTy= = Wo C9w = w 0 cq 

rilreq . • N/N spec 

jj^ = m oc g m = m oc ~^=— 

-J = F g 0 cgf = o 

where q = P q /(P o cSV0)- Installation losses Pi oss are added to P req : P q = P req + P\ oss , P req = 
PreqEG / {Ne ng - iV iriop ). The performance of the engine group is obtained by multiplying the single 
engine characteristics by the number of engines operational (total number of engines less inoperable 
engines): 

'S'lreqEG ~ (A en g Aj n0 p)?77. re g 
VJreqEG (A e ng Aj n0 p ')'W re qK f fd 

PnEG — (A e ng Ai nop )Fjv 

PawxEG — (A eng A 7 j tl op) 71;i.ll X 

The fuel flow has also been multiplied by a factor Kff d accounting for deterioration of the engine 
efficiency. 


17-5 Compressor 

A compressor converts input shaft power to a jet velocity and thrust. The shaft power contributes 
to the propulsion group power required. The compressor does not use fuel. 

17-5.1 Power Available 

Given the flight condition and engine rating, the power available P a is calculated from the specific 
power SP a = P a /rn a and mass flow rh a : 
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= SP 0 g sp (e,M,n) 
jj ^ = rh 0 g m (6,M,n) 

= Pog P (0,M,n) 

as functions of temperature ratio 9 = T/T 0 , Mach number M, and referred compressor speed n = N/Vo. 

Installation losses P loss are subtracted from P a ( P av = P a — P loss ), and then the mechanical limit 
is applied: P av = min(P ai) , rP mec hft), r = N/N spec . The mechanical limit is properly a torque limit, 
Qmech = E mech /lV S p ec , but is expressed as a power limit for clarity. 

The compressor model gives the performance of a single compressor. The power available of 
the engine group is obtained by multiplying the single compressor power by the number of engines 
operational (total number of engines less inoperable engines): 

PavEG — fp(N e n g -5 j no p ) P av 

including a specified power fraction f P . 

17-5.2 Performance at Power Required 

The compressor performance (mass flow and gross jet thrust) is calculated for a specified power 
required P q and flight condition: 


| = rh. oc gm(q, 9, M, n) 

=ST 0C g st (q,e,M,n ) 

Y = F gOC9f(q,0,M,n) 

as functions of q = P q /{P 0 c8\/9) , temperature ratio 9 = T/T 0 , Mach number M, and referred compressor 
speed n = N/\/9). The specific thrust gives the gross thrust, F g = (ST)rh. 

The power required of a single compressor is obtained by dividing the engine group power by the 
number of engines operational (total number of engines less inoperable engines): 


Preq — PreqEG / (Msng 5)nop) 

Accounting for installation losses gives the uninstalled power required P q = P req + P loss . 

The compressor model gives the performance of a single compressor. The performance of the 
engine group is obtained by multiplying the single compressor characteristics by the number of engines 
operational: 

TPreqEG = (Mang -Mnop )m re g 

F NEG : (Ae n g A'j n0 p ) Py 

DsluxEG ~ (Aeng -A, IO p ) -/7 aux 
Ecomp : (A eng Ai nr) p ) Pq J\ ffd 
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The component power is the product of the uninstalled power required and the number of operational 
engines, and a factor Kffd accounting for deterioration of the engine efficiency. 

17-5.3 Installation 

The difference between installed and uninstalled power is the inlet and exhaust losses Pi oss : P av = 
P a — Pioss and P req = P q — P\ oss • The inlet and exhaust losses are modeled as fractions of power available 
or power required: P loss = (£ in + £ ex )P a or P loss = ( l in + £ ex )P q . The installed gross jet thrust is 
Fq = Kf gr F g , where Kf gr accounts for exhaust effects. The net jet thrust is F N = F G — m req V. The 
momentum drag of the auxiliary air flow is a function of the mass flow m aux = f an ^rn re q'- 

Tfuix = (1 Paux)rhauxE — (1 Paux)/auxm re qE 

where is the ram recovery efficiency. 

17-5.4 Compressor for Reaction Drive 

If the compressor supplies the jet force for rotor reaction drive , then the engine group power required 
is fixed by ampitude input, or obtained from the rotor power ( P req EG = /'react.)- The gross jet thrust is 
zero, so the net thrust is the momentum drag, F N = —m req V. 


17-6 Electric Motor or Generator 

A motor converts electrical energy (fuel) to shaft power. A generator converts input shaft power to 
electrical energy, and the shaft power contributes to the propulsion group power required. 

The power available is related to the size P eng . Given the flight condition and motor rating, the 
uninstalled power available P av is calculated, including a torque limit. The motor model gives the 
performance of a single engine. The power available of the engine group is obtained by multiplying the 
single engine power by the number of engines operational: 


PavEG — f P ( A'eng /Vinop )Pav 

including a specified power fraction f P . 

From the engine group power required P req EG , the power required of a single engine is 

Preq — PreqEG / (Aeng Aj n0 p) 


17-6.1 Motor 

The motor power required determines the energy flow from the fuel tank. The energy flow is 
calculated for P req and a specified flight condition: 

Ereq = E oc g e (q,n) 

as a function of q = P req /P e ng and engine speed n = N/N spec . The motor model gives the performance 
of a single engine. The performance of the engine group is obtained by multiplying the single engine 
characteristics by the number of engines operational: 

PreqEG (A en g Ninop) PreqP ffd 
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The energy flow has also been multiplied by a factor Kff d accounting for deterioration of the engine 
efficiency. 

17-6.2 Generator 

The generator energy flow to the fuel tank defines the power required. The energy flow is calculated 
for P req and a specified flight condition: 

E req = E 0 c9e(q,n ) 

as a function of q = P reg /P eng and engine speed n = N/N s pec . The motor model gives the performance 
of a single engine. The performance of the engine group is obtained by multiplying the single engine 
characteristics by the number of engines operational: 

EreqEG = (A en g N' lnol p) E req 

Pcomp (A en g -^inop )Pre(/P//d 

The component power is the product of the power required and the number of operational engines, and 
a factor K f f d accounting for deterioration of the engine efficiency. 

17-6.3 Generator-Motor 

The engine mode B is the direction of power flow for a generator-motor: B positive for motor 
operation, and B negative for generator operation. Separate motor models are used for the two modes. 

17-6.4 Motor and Fuel Cell 

A motor with a fuel cell burns a fuel (typically hydrogen) to produce electrical energy, which is 
converted to shaft power. The device can also be modelled as separate motor and fuel cell components, 
with a battery (fuel tank) to transfer the electrical energy. 

The engine performance (mass flow and fuel flow) is calculated for P req and a specified flight 
condition: 

rilreq — U7-0 — ^mf^req 

W req = W 0C g w (q , ™) = sfc P req 

as a function of q = P re q/P e ng and engine speed n = N/N s pec . Inlet and exhaust losses are included in 
the specific fuel consumption. The net thrust is the inlet momentum drag, F N = —m req V. The motor 
model gives the performance of a single engine. The performance of the engine group is obtained by 
multiplying the single engine characteristics by the number of engines operational: 

ril'reqEG ~ (A en g Ai n0 p)?7 l r eq 

VJreqEG (A e ng EI- lno ^jW req P f f d 

EneG (A e ng A; n 0 p)F/v 

T^au xEG (A eng Ai n 0 p)-D aux 

The fuel flow has also been multiplied by a factor Kff d accounting for deterioration of the engine 
efficiency. The momentum drag of the auxiliary air flow is a function of the mass flow m aux = / aux m re , : 

Tf-UlX = (1 r/; U ix )rh ;. U1 x V — (1 f/anx j/anx dlrxxy E 

where ?? aux is the ram recovery efficiency. 
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17-7 Control and Loads 

The engine power amplitude A and mode B are control variables. The mode can be mass flow (for 
convertible engines), or power flow (for generator- motor). In distributing the propulsion group power 
required to the engine groups, an engine group power can be fixed at P req EG = (-/V eng - N inop )A ; or 
fraction A of engine power available, P req EG = (^ng — N inop )AP av ; or fraction A of engine rated power 

PreqEG ~ (-^eng ) A E en g ■ 

The engine orientation is specified by selecting a nominal direction e / 0 in body axes (positive or 
negative x-, y- , or 2 -axis; usually thrust forward, hence positive a; -ax is); then applying a yaw angle 
and then an incidence or tilt angle i. The yaw and incidence angles can be control variables. 

The engine group produces a jet thrust F N , acting in the direction of the engine (actually, F N = 
Fq - mV, with the gross thrust in the direction of the engine and the momentum thrust in the wind 
direction); a momentum drag D aux (if the component has mass flow), acting in the wind direction; and 
a nacelle drag D nac , acting in the wind direction. The engine group is at location z F . The force and 
moment acting on the aircraft in body axes are thus: 

P — (r f Fg T -t- ed-D aux T Cd-Hnac 

m f = K7 f f f 

where A z F = z F - z F g , e/ is the engine thrust direction and ey, is the drag direction. 

17-8 Nacelle Drag 

The engine group includes a nacelle, which contributes to the aircraft drag. The component drag 
contributions must be consistent. The pylon is the rotor support and the nacelle is the engine support. 
The drag model for a tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag), 
since the pylon is connected to the rotor shaft axes; with non- tilting engines it would use the nacelle 
drag as well. 

The reference area for the nacelle drag coefficient is the nacelle wetted area. The wetted area per 
engine is input, or calculated either from the engine system (engine, exhaust, and accessories) weight 
or from the engine system plus drive system weight: 

S wet = k(w/N eng ) 2/3 

where w = W E s or w = W E s + W gbrs /N EG , and the units of k are ft 2 /lb 2 / 3 or m 2 /kg 2/3 . The reference 
area is then S ua(: — N eng S we t • 


17-9 Weights 

The component weight consists of engine system, engine section or nacelle group, and air induction 
group. The engine system consists of engine, exhaust system, and accessories. The engine section or 
nacelle group consists of engine support, engine cowling, and pylon support. These weights are for the 
engine group, consisting of N en g engines. The engine system weight W E s = W eng + W ex h + Wa CC is used 
for the engine nacelle wetted area, the rotor pylon wetted area, and the rotor moving weight. The rotor 
group includes the rotor support structural weight; this must be consistent with the use of the engine 
support weight and pylon support weight. 
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17-10 References 

1) Taylor, C.F. The Internal-Combustion Engine in Theory and Practice. Volume 1: Thermodynamics, 
Fluid Flow, Performance. Second edition. Cambridge, MA: MIT Press, 1985. 



Chapter 18 


Jet Group 


A jet group produces a force on the aircraft, possibly used for lift, propulsion, or control. A jet 
model describes a particular jet, used in one or more jet groups. The models include turbojet and turbofan 
engines (perhaps convertible, for reaction drive), reaction drive, and a simple force. A reaction drive 
supplies a blade force that provides the rotor power required. 

18-1 Jet Group Performance 


The jet size is described by the thrust Tj et , which is the sea-level static thrust available per jet at a 
specified takeoff rating. The number of jets N iet is specified for each jet group. 

If the sizing task determines the jet thrust, the total thrust required is T JG = rlVj et Tj et , where 
r = ma,x(T req jc/T av jc) ■ 

The flight condition information includes the altitude, temperature, and flight speed; and a thrust 
fraction f T ■ 


18-2 Turbojet or Turbofan 


The thrust of a turbojet is 


T = ?fl((l + f)V e - V) + ( p e - _Patm)A e 

where m is the mass flow; / = w/m is the fuel-air ratio; and V e , p e , and .4 f: are the velocity, pressure, 
and area at the exit. The pressure term is zero or small, and the fuel-air ratio is small, so the net thrust 
is approximately 

T = m(V e - V) 

from the gross thrust T G = rhV e and the inlet- momentum or ram drag mV. 

The thrust of a turbofan is 

T = ?Tl((l + f)V e - V) + TOfan(V e fan “ V) = m((l + f)V e + (3V e fan) ~ m( 1 + (3)V 
with bypass ratio f3 = rhf an /rh. 

Turbojet or turbofan performance is obtained from the Referred Parameter Jet Engine Model (RP- 
JEM), based on references 1 and 2. The referred thrust, specific thrust ST = T/m, and specific fuel con- 
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sumption sfc = w/T are functions of the flight Mach number M and compressor speed n = N/(N 0 VO)'. 


= G t (M,n ) 

= G st (M, n) 

= — G sfc (M,n) 
rib 

The independent variable can be the compressor speed, or the turbine inlet temperature, or the fuel flow. 
The combustion efficiency rj b depends on the atmosphere (altitude and temperature) , hence the specific 
fuel consumption is not a function of just M and n. 

18-2.1 Thrust Available 

Given the flight condition and engine rating, the thrust available T a is calculated from the specific 
thrust ST a = T a /m a and mass flow m a : 


T 

J 

T/fn 

~w 

w/T 


= ST 0 g st (6,M) 

= ih o g m (0,M) 

= T 0 g t (6,M ) 

as functions of temperature ratio 0 = T/T 0 and Mach number M. 

In the jet model, installation losses Ti oss are subtracted from T a (T av = T a — Ti oss ), and then the 
mechanical limit is applied: T av = inm(T av ,T inec i lR ). 

The jet model gives the performance of a single jet. The thrust available of the jet group is obtained 
by multiplying the single jet thrust by the number of jets operational (total number of jets less inoperable 
jets): 

TavJG = fr ( Aj et — A inop )T a „ 

including a specified thrust fraction f T . 

18-2.2 Performance at Thrust Required 

The thrust required of a single jet is obtained by dividing the jet group thrust by the number of jets 
operational (total number of jets less inoperable jets): 

T re q = T reqJ G/{ Aj e t - A inop ) 

In the jet model, installation losses Ti oss are added to T req (T q = T req + T\ oss ). 

The jet performance (mass flow and fuel flow) is calculated for a specified thrust required T q and 
flight condition: 

=m 0C g m (t,e,M ) 

= w oc g w (t, 0, M) 


ST a 

V~e 


s/Ve 

Ta 

s 
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as functions of t - T q /(T 0 cS) (or referred gross thrust), temperature ratio 6 = T/T 0 , and Mach number 
M. 


The jet model gives the performance of a single jet. The performance of the jet group is obtained 
by multiplying the single jet characteristics by the number of jets operational: 

ITlreqJG ~ (-^Yjet -Mnop )m re q 
tijreqJG “ (Ajet 5/iriop ) W r eq B ffd 
DauxJG — (-^Yjet Mnop ) D aux 

The fuel flow has also been multiplied by a factor K f f d accounting for deterioration of the jet efficiency. 

18-2.3 Installation 

The difference between installed and uninstalled thrust is the inlet and exhaust losses 7j oss : T av = 
T a — 7’ioss and T req = T q — T loss . The inlet and exhaust losses are modeled as fractions of thrust available 
or thrust required: Ti oss = (l rn + £ ex )T a or 7i oss = (i rn + i ex )T q . The momentum drag of the auxiliary 
air flow is a function of the mass flow m aux = / aux hVe 9 : 

D aux = (1 :/anx )r7 ;iux h = (1 ^7aux ) /auxflr re q G 

where ? 7 aux is the ram recovery efficiency. Exhaust losses (£ ex ) and auxiliary air flow parameters (? 7 aux , 
/aux) are defined for IR suppressor on and off. 

18-2.4 Convertible Engine: Reaction Drive 

The jet mode B is the mass flow fraction diverted for a convertible engine: B = 0 for all mass flow 
to the exhaust (turbojet operation), and B = 1 for all mass flow to the rotor (reaction jet operation). 

A separate jet model defines the engine performance for B = 1. The jet thrust required is fixed by 
amplitude input, or obtained from the rotor power ( T reqJ G = E react = P ieq /£lr ieact ). The mass flow and 
fuel flow follow. The jet group net thrust is the inlet momentum drag, F N = —m req V. 

Thrust, specific thrust, and mass flow are defined by the jet model for turbojet operation. The 
specific fuel consumption of the jet model for reaction jet operation is scaled proportional to the sfc 
scaling for turbojet operation. 


18-3 Reaction Drive 


Rotor power can be supplied by a reaction drive, using cold or hot air ejected out of the blade tips 
or trailing edges. Helicopters have also been designed with ramjets on the blade tips, or with jet flaps 
on the blade trailing edges that use compressed ah' generated in the fuselage . The jet group performance 
includes the blade duct and nozzle, perhaps even with tip burning. 

The net jet thrust required is fixed by amplitude input, or obtained from the rotor power. The rotor 
power required P req gives the required force on the rotor blade 


Bread — Preq/^T’read — Bl reac t (V) ea ct react) 


at effective radial station r reac t • The net jet group thrust required is 


BreqJG — f react. — Tg t)l r x q J G 1 1 t"r e a.c t. 
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Tg is the gross thrust. From T req jc , the jet performance (mass flow and fuel flow) is calculated. The jet 
group net thrust is the inlet momentum drag, F N = ~m req V. 

18-4 Simple Force 


For the simple force model, the design maximum thrust is T max (per jet). The thrust available is 
thus T a = T max . The force generation can use fuel as weight or as energy. 

If the component burns fuel weight, the fuel flow is calculated from an input thrust-specific fuel 
consumption: w req = T q ( sfc) = w 0 cq, where q = T q /T max . Units of sfc are pound/hour/pound or 
kilogram/hour/Newton. Then 

TreqJG ~ (i Yjet i^inop 'j'WreqF f fd 

The fuel flow has also been multiplied by a factor K f f d accounting for deterioration of the jet efficiency. 

If the component uses fuel energy, the energy flow is calculated from an input thrust-specific 
fuel consumption: E req = T 9 (sfc) = Eocq, where q = T q /T m ax . Units of sfc are MJ/hour/pound or 
MJ/hour/Newton. Then 

FreqJG ~ (^jet i^inop )F req Kjf d 

The energy flow has also been multiplied by a factor I< / fd accounting for deterioration of the jet efficiency. 

The simple force weight is calculated from specific weight S plus a fixed increment: W = ,ST max + 
AW. This weight is identified as either engine system or propeller/fan installation weight, both of the 
propulsion group; or tail-rotor, of empennage group. 

18-5 Control and Loads 

The jet thrust amplitude A and mode B are control variables. The mode can be mass flow (for 
convertible engines). The jet group thrust can be fixed at T reqJ G = (Ajet — N inop )A', or fraction A of jet 
thrust available, T reqJG = (N iet -N inov )AT av -, orfraction A ofjet rated thrust T regJG = (Nj et -N inop )AT iet . 

The jet orientation is specified by selecting a nominal direction e / 0 in body axes (positive or negative 
x-, ;/-, or z-axis; usually thrust forward, hence positive .r-axis); then applying a yaw angle %j)\ and then 
an incidence or tilt angle i. The yaw and incidence angles can be control variables. 

The jet group produces a jet thrust T, acting in the direction of the engine (actually, the gross thrust 
in the direction of the engine and the momentum thrust in the wind direction); a momentum drag D aux , 
acting in the wind direction; and a nacelle drag D nac , acting in the wind direction. The jet group is at 
location z F . The force and moment acting on the aircraft in body axes are thus: 

F — (efTc T G-dT m oni) T e^D aux -f- e d D nac 
M f = A^ f F f 

where A z F = z F — z F g , ef is the jet thrust direction and e d is the drag direction. 

18-6 Nacelle Drag 


The jet group includes a nacelle, which contributes to the aircraft drag. The reference area for the 
nacelle drag coefficient is the nacelle wetted area. The wetted area per jet is input, or calculated from 
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S wet = k(w/N iet ) 2/3 

where w = Wes, and the units of k are ft 2 /l b 2/3 or m 2 /kg 2/3 . The reference area is then ,S' liac = Nj et S wet . 

18-7 Weights 

The component weight consists of engine system, engine section or nacelle group, and air induction 
group. The engine system consists of engine, exhaust system, and accessories. The engine section or 
nacelle group consists of engine support, engine cowling, and pylon support. These weights are for the 
jet group, consisting of 7Vj et engines. The engine system weight W E s = W eng + lT ex h + W ac c is used for 
the engine nacelle wetted area. 


18-8 References 

1) Sanders, N.D. “Performance Parameters for Jet-Propulsion Engines.” NACA TN 1106, July 1946. 

2) Hill, P.G., and Peterson, C.R. Mechanics and Thermodynamics of Propulsion. Reading, MA: 
Addison-Wesley Publishing Company, Inc., 1965. 
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Chapter 19 


Charge Group 


A charge group generates energy for the aircraft. A charger model describes a particular charger, 
used in one or more charge groups. The models include fuel cells and solar cells. 

19-1 Charge Group Performance 

The charger size is described by the power P chrg , which is the sea-level static power available per 
charger at a specified takeoff rating. The number of chargers 7V chrg is specified for each charge group. 

If the sizing task determines the charger power, the charger power required is rP c h rg , where r = 

niclx(P re gtotal/Pa'utotal) ■ 

The flight condition information includes the altitude, temperature, and flight speed; and a power 
fraction f P . 

Given the flight condition and the charger rating, the cell power available is P oce u = Po- The total 
cell power available is obtained by multiplying the single charger power by the number of chargers 
operational (total number of chargers less inoperable chargers): 

Pavtotal f P ( rV c |i rg Ni nop )E ace n 

including a specified power fraction f P . 

The energy flow to the fuel tank gives the charge group power required: P req CG = E req cG • The 
energy flow required of a single charger is 

P-req P/e qCG^ffd / (Achrg — Ainop) 

The energy flow has also been multiplied by a factor Kff d accounting for deterioration of the charger 
efficiency. The cell energy flow required E qce \\ is obtained from the energy flow. Then 


Pre q total — (A c h r g Ainop ) Pqcell 


is the total cell power required. 


19-2 Fuel Cell 

A fuel cell burns a fuel (typically hydrogen) and generates electrical energy. The cell energy flow 
is calculated for E req and a specified flight condition: 

E q cell = E$c g e [c[) 
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where q = E req /P 0 . The fuel cell performance (mass flow and fuel flow) is obtained from E q ce ii, or 

rh req = rhoc9m(q ) 

Wreq = Cffw(q) 

Installation losses are included in the specific fuel consumption. The net thrust is the inlet momentum 
drag, F:\r = —m req V. The charger model gives the performance of a single charger. The performance of 
the charge group is obtained by multiplying the single charger characteristic by the number of chargers 
operational: 

7Tl req CG = {N C h rg T'niop ) fTireq 

WreqCG = O^chrg ^inop)^req 

FnCG = (77 c hrg — Ni nop )Fjq 

flau xCG (-^chrg ^inop)-f^aux 

The momentum drag of the auxiliary air flow is a function of the mass flow ?7i aux = f a uxm req : 

flaux = (1 r/ ; . ul x ) rh ;. U | X V" — (1 ^7aux ) /auxU^req C 

where ?? aux is the ram recovery efficiency. 


19-3 Solar Cell 

The power available from solar radiation is approximately 1.36 kW/m 2 , reduced by atmospheric 
effects (absoiption, reflection, and scattering) to about 1.00 kW/m 2 . The average solar radiation in the 
continental United States is 3. 5-7.0 (kW/m 2 )(hour/day), hence approximately 15 to 25% of the available 
power. Typical efficiencies of solar cells are 10-35%, with some sensitivity to temperature. The solar 
cell is characterized by power density (W/m 2 ) and weight density (kg/m 2 ). 

The cell energy flow is calculated for E req and a specified flight condition: 

BqceW — Fq C9e[q) 

where q = E req /P 0 . 


19^4 Control and Loads 


The charger power amplitude A and mode B are control variables. The charge group power can 
be fixed at E = P re qCG = (/V chrg - N inop )A-, or fraction A of charger rated power E = P re qCG = 

(/^chrg -kjnop ) y l /f:hrg • 


The charger orientation is specified by selecting a nominal direction e / 0 in body axes (positive or 
negative x- , y- , or 3-axis); then applying a yaw angle ?/; and then an incidence or tilt angle i. The yaw 
and incidence angles can be control variables. 


The charge group produces a jet thrust F N (actually, F N = Fq mV, with the gross thrust in the 
direction of the engine and the momentum thrust in the wind direction), acting in the direction of the 
charger; a momentum drag U aux (if the component has mass flow), acting in the wind direction; and 
a nacelle drag D nac , acting in the wind direction. The charge group is at location z F . The force and 
moment acting on the aircraft in body axes are thus: 

P (f-/ Pg T T ed-/7 aux -t- 6dD nac 

M f = A 7 f F f 
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where A z F — z F - z^ g , e/ is the charger thrust direction and e,i is the drag direction. 

19-5 Nacelle Drag 

The charge group includes a nacelle, which contributes to the aircraft drag. The reference area for 
the nacelle drag coefficient is the nacelle wetted area. The wetted area per charger is input, or calculated 
from the engine system (engine, exhaust, and accessories) weight: 

Swet = k(w/N chlg ) 2/3 

where w = Wes , and the units of k are ft 2 /lb 2 / 3 or m 2 /kg 2 / 3 . The reference area is then S n ac = A : d ir g.S' wet . 

19-6 Weights 

The component weight consists of the engine system. The engine system consists of the charger 
weight. These weights are for the charge group, consisting of /V chrg chargers. The engine system weight 
Wes = /VchrgWone chrg is used for the charger nacelle wetted area. 
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Chapter 20 


Referred Parameter Turboshaft Engine Model 


Aircraft gas turbine engine performance capabilities are formally specified by computer programs 
known as engine decks, which are created by engine manufacturers in an industry-standard format. 
Engine decks are typically based on thermodynamic cycle analysis using real engine component per- 
formance maps. The most important performance maps for turboshaft engines are compressor, gas 
generator turbine, and power turbine. These component performance maps are critical to obtaining 
realistic off-design engine performance. Design and analysis codes calculate aircraft performance for 
a very wide range of operating conditions. Thus engine performance must be realistic even far from 
the engine design point. A simple thermodynamic cycle analysis that assumes design point component 
efficiencies everywhere is not realistic for such an application. Rather than developing models for com- 
ponent performance, the approach taken is to use a model for the total engine performance. The engine 
is not being designed. 

The Referred Parameter Turboshaft Engine Model (RPTEM) is based on curve-fits of performance 
data for existing or projected engines over a range of operating conditions. The curve-fits are typically 
obtained by exercising an engine deck. The use of referred parameters tends to collapse the data, 
and provides a basis for scaling the engine. The operating condition is described by pressure altitude, 
ambient air temperature, flight Mach number, power turbine speed, exhaust nozzle area, and either 
engine rating or engine power required. These curve-fits, typically based on real engines, are scaled to 
the required size and adjusted to the appropriate technology level to represent a notional engine. Engine 
size is represented by mass flow. Engine technology is represented by specific power available and 
specific fuel consumption at maximum continuous power (MCP), sea level/standard day (SLS), static 
(zero airspeed) conditions. Engine installation effects (inlet and exhaust losses) are also modeled. 

The use of referred parameters to curve-fit engine performance data was suggested by David 
Woodley from Boeing during the JVX program (1983). The RPTEM was developed and documented 
by Michael P. Scully and Henry Lee of ASRAO, U.S. Army Aeroflightdynamics Directorate (AFDD), 
with a subsequent implementation written by Sam Ferguson (1995). 

20-1 Operating Environment 

The operating condition and atmosphere give the standard conditions (temperature T st d and pressure 
Pstd) for a specified pressure altitude; the sea-level standard conditions (temperature T 0 and pressure 
Po); and the operating temperature T and pressure p. Here the temperatures are °R or °K. The engine 
characteristics depend on the temperature ratio 9 = T/T 0 and pressure ratio S = p/po- 

The flight Mach number M = V/c s = V/c s q \fd is obtained from the aircraft speed V. 
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The inlet ram air temperature ratio and pressure ratio are obtained then from M and the inlet ram 
recovery efficiency r/ d \ 


9 m = + V M2 ) = + °- 2M2 ) 

7 

6m = (l + 7_1 = (1 + 0.2 Vd M 2 f 5 

where the ratio of specific heats 7 = 1.4. 


20-2 Performance Characteristics 

The engine performance is described by: the power available P a , at each engine rating and the 
specification engine turbine speed N spec ; the mass flow m and fuel flow w required to produce power 
required P q at engine turbine speed N ; and the gross jet thrust F at a given power required P q . Then the 
specific power is SP = P/m, and the specific fuel consumption is sfc = w/P. 

The reference performance is at sea-level-standard static conditions (subscript 0), and MCP (sub- 
script C). For each rating R, the performance is characterized by the following quantities for sea-level- 
standard static conditions: power P 0R , specific power SP 0R , and mechanical power limit P mec hR- The 
mass flow is then rh 0R = Pqr/SP 0R . The gross jet thrust F g0C is given at MCP. These characteristics 
are at the specification turbine speed N spec . 

The installed power required P req and power available P av > P req are measured at the engine output 
shaft. In addition to shaft power, the engine exhaust produces a net jet thrust F N , from mass flow that 
goes through the engine core. The fuel flow and mass flow are the total required to produce the shaft 
power and jet thrust. The forces produced by mass flow that does not go through the engine core (such 
as infrared suppressor or cooling air) are treated as momentum drag D aux . 

The difference between net and gross jet thrust is the momentum drag: F n = F g — m req V = 
r'n req (Vj - V) , where l-j is the engine jet exhaust velocity. Note that traditional units for mass flow are 
pound/sec (pps), while this equation requires slug/sec (m req /g replaces m req ). 

The uninstalled power required is P q , the power available P a , the gross jet thrust F g , and net jet thrust 
F n . The engine model calculates P a as a function of flight condition and engine rating; or calculates 
engine mass flow, fuel flow, and jet thrust at P q . 


20-3 Installation 

The difference between installed and uninstalled power is the inlet and exhaust losses P\ oss : 


Pav — Pa Floss 

Pre q Pq Floss 


The inlet ram recovery efficiency //,/ (through 6m) is included in the engine model calculations. The inlet 
and exhaust losses are modeled as fractions of power available or power required: / | oss = ( £ in + £ ex )P a 
Or Flogs = (/-in T £ex)Pq- So 

Pav = F a (l — £ in — £ ex ) 


Pq = Preq / (1 — £in ~ £ex) 
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The engine model gives uninstalled power and the gross thrust F g for a nominal exhaust nozzle area. The 
gross jet thrust Fq and exhaust power loss (£ ex ) are both functions of the exhaust nozzle area. Smaller 
exhaust nozzle areas increase exhaust losses and increase gross thrust. Thus the ratio of installed to 
uninstalled thrust is approximated by a function of the exhaust power loss: 

Fg/ F g = Ffgr = FfgrO + Ffgr \l ex + Kf gr 2 i ex + Kfgi-S^x 

so the net installed jet thrust is 

Fn Ffg r Fg TTL re qV 

The momentum drag of the auxiliary air flow is a function of the mass flow m aux = f M , x ni req : 

Faux = (1 r/ ; . ul x )rb;. U i X V' — (1 IJaux) faux^reqF 

where ? 7 aux is the ram recovery efficiency. Exhaust losses (£ ex ) and auxiliary air flow parameters (? 7 aux , 
faux) are defined for IR suppressor on and off. Inlet particle separator loss is added to the inlet losses 

(fin) • 

20-4 Power Turbine Speed 

The shaft power available is a function of the gas power available Pg and the power turbine efficiency 
r] t : P a = ritPc ■ Generally the power turbine speed N has a significant effect on ?/, , but almost no effect 
on Pq- The model used for the efficiency variation is r] t = 1 — \(N/N opt ) — 1 \ Xn, > , where iV 0 pt is the 
speed for peak efficiency, hence 

P(N) = Vt (N) = l~\(N/N opt )~l\ x ^ 

P(N spec ) Vt (N spec ) 1 - | (iVspec/IVopt) - 1 \ x ^ 

Two approximations for the optimum turbine speed are used. The first is a linear expression in p = 

P/(P 0 rSV9): 

N opt = N spec Ve (K NoptAy /fa + Kn 6 °^ b p) 

and the second is a cubic function of p = P/(Poc$Vd): 

Nopt = -^optoeV^ (Tf^VoptO + fGvoptl P + f^ATopt2 P~ + TfjVopt 3P 3 ) [0 m] ' Nopt 

The second expression is based on a larger data sample. Forpower available calculations, P = P a (N spec )\ 
for power required calculations, P = P q (N). 

20-5 Power Available 

Given the flight condition and engine rating, the power available P a is calculated as follows. The 
specific power and referred mass flow (at N spec , relative to SP 0 and m 0 for this rating) are approximated 
by functions of the ambient temperature ratio 6 and inlet ram air ratios: 

SP a (N spec ) = SP 0 6K spa 

( / — \ j Xm f cl 

rn a (N s pec) = Too [S/vdJ e Kmfa 5 M \/0 M 
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where the static lapse rate (K spa , K m f a ) and ram air exponents (X S]ia , X rn f a ) are piecewise linear 
functions of 0. The power available is then 


Pa(N spec) = -FI 


SPa(X spec) ti>-a(N spec ) 


K n 




8 m V Om 


■1 Xspa+Xmfa 


This expression for m a is used only to calculate P a ; elsewhere the m q expression below (for performance 
at power required) is used to obtain the mass flow at a power P q . Finally 


Pa(N) 


Pa(N; spec) 


1- |(jV/lVopt) - 1| X ^ 

1 - KAW^opt) - M XNri 


is the power available at turbine speed N. Installation losses Pi oss are subtracted from P a ( P av = 
P a — Pioss), and then the mechanical limit is applied: P av = min(P a „,rP mec hfl), r = N/N spec . The 
mechanical limit is properly a torque limit, Q mec h = Pmech/N spec , but is expressed as a power limit for 
clarity. 


20-5.1 Piecewise Linear Parameters 

Several parameters K are input as piecewise linear functions of the temperature ratio 9. One format 
of the input is a set of I regions, with the function in the i-th region given by K = K 0i + Ku9. The break 
point between the i and i — 1 regions is 


Obi 


K u 


Koi - Tfo(i-i) 

X\ i — i) 

Kq i + K\i0b 


for i = 2 to I. Another format is a set of I + 1 break points, with the values at the / -th point (0t n , K bi ). 
Then the coefficients between i and i + 1 are 

Xbi9 b (i-\- 1) Xb{i+l)0bi 
0i 0 b (i + 1) - 9 bi 

Kbi Kb(i-\- 1) 

ll 0 b ( i+ 1) - o bi 

for i = 1 to I. The interpolation is performed using K = K 0i + K\ ,0 for 0 in the range 0 bi to O b (i+i). 
Outside the defined regions, the linear expression is continued; hence 0 bt is used only for i = 2 to I. 

20-6 Performance at Power Required 


The engine performance (mass flow, fuel flow, and gross jet thrust) is calculated for a specified power 
required P q (which might equal the power available), flight condition, and engine rating. Installation 
losses Pi oss are added to P req ( l\ = P req + P\ oss ). The referred quantities (relative to SLS static MCP 
quantities) are approximated by cubic functions of q = P q (N spec ) / (P 0 cSVd)\ 

w req = wo C (fiVo'j (Kffgo + Kff q iq + Kff q2 q 2 + Kff q3 q 3 ) [9 M ] Xffq 
TTlreq = 'OT'OC ^<5 / \/~0^ (X m f q o T XmfqlQ T Xmf q2p T X m f q3 q ) [^m] ' 

Fg = FgOC (8) ( FfgqO + PfgqlQ + X f gq2<l + Xfgq3Q ) [0 m\ fsq 
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at IVspec, with w 0 c = sfcoc Poc ■ The mass flow and fuel flow are primarily functions of the gas power Pq, 
and are assumed to be independent of rj t , hence independent of turbine speed. However, these equations 
are functions of P q (N spec ), obtained from P q (N) using 


Pq{N spec ) = Pq{N) 


1 - \(N spec /N opt ) - l\ x ^ 
1 - \(N/N opt ) - l\ x ^ 


Then the installed net jet thrust F N and momentum drag D aux are calculated. 


20-7 Scaling 

The parameters of the engine model can be defined for a specific engine, but it is also necessary to 
scale the parameters as part of the aircraft sizing task, in order to define an engine for a specified power. 
In addition, advanced technology must be represented in the model. Scaling and advanced technology 
are handled in terms of specific power and specific fuel consumption (at SLS static conditions, MCP, and 
N spec ). Figures 20-1 through 20-3 present historical data for engine specific fuel consumption, weight, 
and specific power; the variation at a given power reflects technology insertion with time. 

The engine model includes reference values of the engine performance parameters: P 0R , SP 0 r, 
PmechR , sfcoc , S F oc , N spec , and N opWC ■ Mass flow and fuel flow are obtained from m 0R = P 0 r/SP 0R and 
wqc = sfcoc Poe- The reference power at each engine rating R defines a ratio to MCP: r p or = Por/Poc- 
Similarly for specific power and mechanical limits: r s0R = SP 0 r/SP 0 c and r„,o/r = P m echfl/Poc- These 
ratios are kept fixed when the engine is scaled. 

The engine size is specified as takeoff power P to = P eng , which is the power at rating R, for SLS 
static conditions and specification turbine speed N spec . Hence the MCP is P 0 c = Pto/f p oR, and the 
power at all other ratings follows. If P 0 c is not equal to the reference value of the engine model, then 
the engine is scaled. To reflect advanced technology, the specific power, specific fuel consumption, 
and specification turbine speed can be specified: SP 0 c = SP tec h, sfc 0 c = sfc tec h , and N spec = N tech 
(replacing the engine model reference values). The default values are the reference values of the engine 
model. In the following paragraph, the subscript “tech” refers to these quantities; the subscript “ref” 
means the engine model reference values. 

The engine technology parameters SP 0 c and sfcoc are assumed to vary linearly with mass flow m 0 c 
up to a limit ra w m , and constant thereafter at SPy un and sfcn m . The mass flow at the technology condition 
is mtech = Pref/S'Ptech, with the technology values SP te ch and sfc tec h. The intercept values are projected 
from the technology values: K sp0 = SP tech - K spl m tech , K spl = (.S’P lim - S P tech ) / (m im - ra tec h); and 
similarly for sfc. Then for m 0 c < mum 

SPoc — Ks P o T K s P \ dioc 
= ^sfcO T P-sfcl'ril'OC 

and for rhoc > mii m 

SPoc = SP lim 
sfcoc = sfclim 

These equations are used if mu m > m t ech- Otherwise the model sets K sp i = K s f c i = 0, so there is no 
variation with scale: SPoc = SP tec h and sfcoc = sfctech- Usually the effect of size gives K sp2 > 0 and 
K s fc 2 < 0. The power at the limit is Pi im = SPy un iv.y un . Figure 20-4 illustrates the scaling of SP, sfc, 
and SW. 
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Using m 0 c = Poc/SPoc, the specific power equation can be solved for the mass flow given the 
power: 

( Poc/KspO P s] A 0 

P()c/SPhm P()G > P\ i in 


moc 


h Kg \2 I Pqc _ Ko 

V 1 2R 1 > K 1 2/1! 


otherwise 


From this mass flow, SP 0 c and sfc 0 c are calculated, hence the fuel flow w oc = sfc 0 cP 0 c- The specific 
thrust available at MCP is assumed to be constant, and the specification power turbine speed decreases 
with the mass flow: 

FgOC = SFqC Fl oe 

Nspec = (j^spec — Kn s i/\/ FloC^j + P-Nsll \/ IJlQC = Kn s 1 + Kns 2/ V FlOC 

f^optOC’) ref 


N, 


optOC 


' tech 

' -^spec = KnqN si 


AT * v spec — spec 

-t’tech 

Then the power and specific power at all ratings R are obtained from the ratios: P 0 r = r p0 RP 0 c, 
SPqr = r sf )RSP 0 c, and P mec hR = r m0 RPoc- 

The actual (perhaps scaled) values of the performance parameters are available for the engine group: 

PqR 1 F l \) R , PmechR ■ sfCoC* • FgOC ' -^spec 5 and :V 0 j )t ()p; . 


20-8 Engine Speed 

The model as described in the previous sections may not adequately account for variation of engine 
performance with engine speed, so it is also possible to define the parameters corresponding to a set 
of engine speed ratios r = N/N spec . Then the engine performance and power available quantities are 
linearly interpolated to obtain the values at the required engine speed N. If this option is used, then the 
correction based on P(N)/P(N spec ) = r] t (N) /rj t (N spec ) is not applied. 


20-9 Weight 

The engine weight can be a fixed input value, calculated as a function of power, or scaled with 
engine mass flow. As a function of power, the weight of one engine is: 

Wone eng — F Oeng T A leng P T A*2eng P enS 

where P is the installed takeoff power (SLS static, specified rating) per engine. A constant weight per 

power W/P is given by using only /f leng . Alternatively, the specific weight SW = P/ W can be scaled 

with the mass flow m 0 c- The scaling is determined from the specific weight SW re { at the mass flow 

m t ech , and the limit ,S'ttij m at m lim . Then 

f F sw q T P 8v:\ Fl()C PI-OC P 17l\ i m 

SW = \ 

{ -SWiim moc > rhiim 

(if rh,|i tn < ///tech? then I\swi — 0, so SW — S ll' re f ) and ITone eng ~ P / AIT . 


20-10 Reciprocating Engine 


Reciprocating engine performance is obtained from the Referred Parameter Turboshaft Engine 
Model. For the power available, 


N/N s pec 

Ve 


m a (N) = mo (S/VO 
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assuming constant volumetric efficiency; with no other variation of P a with engine speed. For the 
performance at power required, 


Wreq — ^0 C 



Q 


VTlreq — ^0 C 



N/N spec 

Ve 


F g = o 


with q = P q /(P o cSV0), woe = sicocPoc, and no other variation with engine speed. Typical weight 
models are W ODe eng = K 2eng P x , or SW ~ mep (so W one eng ~ to). 


20-11 Units 


In this engine model, only the reference values and scaling constants are dimensional. Conventional 
English units and SI units are shown in table 20-1 . Units of specific power and specific fuel consumption 
follow from these conventions. 


Table 20-1. Conventional units. 



power P 

mass flow to 

fuel flow w 

force F 

turbine speed N 

English: 

horsepower 

pound/sec 

pound/hour 

pound 

lpm 

SI: 

kiloWatt 

kilogram/sec 

kilogram/hour 

Newton 

lpm 


20-12 Typical Parameters 

Typical values of the principal parameters describing the engine and its performance are given in 
table 20-2 for several generic engine sizes. These values represent good current technology. Advanced 
technology can be introduced by reducing the specific fuel consumption and weight, and increasing the 
specific power. Typical ratios of the power, specific power, and mass flow to the values at MCP are 
given in table 20-3 for several ratings. Figure 20-5 shows typical performance characteristics: fuel flow 
w, mass flow to, and net jet thrust F g variation with power P and speed (referred quantities, normalized, 
at -/Vgpec). Figure 20-6 shows typical variation of the power available with engine turbine speed. Figures 
20-7 to 20-12 show typical power available characteristics: specific power SP, mass flow to, and power 
P variation with temperature ratio 9, for static and 200 knots conditions and several engine ratings 
(referred quantities, normalized, at N spec ). 
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takeoff power (hp) 


Figure 20-1 . Historical data for turboshaft engine specific fuel consumption. 


Table 20-2. Typical engine performance parameters. 


power (MCP) 

Poc 

500 

1000 

2000 

4000 

8000 

16000 

hp 

specific power 

SPoc 

116 

125 

134 

143 

153 

164 

hp/lb/sec 

mechanical limit 

-*mech 

750 

1500 

3000 

6000 

12000 

24000 

hp 

specific fuel cons. 

sfcoc 

0.54 

0.48 

0.44 

0.40 

0.38 

0.35 

lb/hp-hr 

specific jet thrust 

SFqc 

5.9 

7.3 

8.9 

11.0 

13.6 

16.7 

lb/lb/sec 

gross jet thrust 

PgOC 

25 

58 

134 

308 

707 

1625 

lb 

mass flow 

moc 

4.3 

8.0 

15.0 

27.9 

52.1 

97.3 

lb/sec 

turbine speed 

N 

1 v spec 

35600 

26100 

19100 

14000 

10200 

7500 

rpm 

weight 

W/Pto 

0.34 

0.23 

0.18 

0.16 

0.16 

0.15 

lb/hp 


Table 20-3. Typical parameter ratios for various ratings (percent). 




IRP 

MRP 

CRP 

-*■ mech 

power 

Po/ Poc 

120 

127 

133 

150 

specific power 

SP 0 /SP 0C 

117 

123 

128 


mass flow 

rho/rhoc 

102.6 

103.2 

103.9 



SP (hp/lb/sec) weight (lb/hp) 
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takeoff power (hp) 

Figure 20-2. Historical data for turboshaft engine weight. 



takeoff power (hp) 


Figure 20-3 . Historical data for turboshaft engine specific power. 
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m,. > m , 
lim tech 


m,. < m 
lim 


tech 



Figure 20-4. Turboshaft engine scaling; SP = P/m, sfc = w/P, and SW = P/W. 


P(N)/P(N, 


Referred Parameter Turboshaft Engine Model 


183 



w / Wq£ 200 knots 
m / rr^c 200 knots 
Fg/Fgoc 200 knots 


Figure 20-5. Fuel flow, mass flow, and net jet thrust variation with power. 
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Figure 20-6. Power variation with turbine speed. 
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temperature ratio 6 


Figure 20-7. Specific power variation with temperature ratio, static. 



temperature ratio 6 


Figure 20-8. Specific power variation with temperature ratio, 200 knots. 
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temperature ratio 6 


Figure 20-9. Mass flow variation with temperature ratio, static. 



temperature ratio 6 


Figure 20-10. Mass flow variation with temperature ratio, 200 knots. 
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temperature ratio 6 


Figure 20-11 . Power variation with temperature ratio, static. 



temperature ratio 6 


Figure 20-12. Power variation with temperature ratio, 200 knots. 


Chapter 21 


Compressor Model 


A compressor converts input shaft power to a jet velocity and thrust. The shaft power contributes 
to the propulsion group power required. The compressor does not use fuel. 

The operating condition is described by pressure altitude, ambient air temperature, flight Mach 
number, and either compressor rating or power required. The parametric model is scaled to the required 
size and adjusted to the appropriate technology level to represent a notional compressor. Compressor 
size is represented by mass flow. Technology is represented by specific power available at maximum 
continuous power (MCP), sea level/standard day (SLS), static (zero airspeed) conditions. Installation 
effects are also modeled. 


21-1 Operating Environment 

The operating condition and atmosphere give the standard conditions (temperature T stc j and pressure 
Pstd) for a specified pressure altitude; the sea-level standard conditions (temperature T 0 and pressure p 0 ); 
and the operating temperature T and pressure p. Here the temperatures are °R or °K. The characteristics 
depend on the temperature ratio 9 = T/T 0 and pressure ratio 5 = p/po. 

The flight Mach number M ■- V/c H - V/c s oV0 is obtained from the aircraft speed V. 

The inlet ram air temperature ratio and pressure ratio are obtained then from M and the inlet ram 
recovery efficiency p d : 

e M =(i + = (1 + 0.2M 2 ) 

7 

S M =(l+ ^Vf 2 ) = (1 + 0.2 r, d M 2 ) 3 5 

where the ratio of specific heats 7 = 1.4. 

21-2 Performance Characteristics 

The uninstalled power required is P q , the power available P a , the gross jet thrust Fa, and net jet 
thrust F n . The compressor model calculates P a as a function of flight condition and rating; or calculates 
jet thrust and mass flow at P q . The specific power is SP = P/m, the specific thrust is ST = Fa/rh. The 
forces produced by mass flow that does not go through the core are treated as momentum drag U aux . 

The reference performance is at sea-level-standard static conditions (subscript 0), and MCP (sub- 
script C). For each rating R, the performance is characterized by the following quantities for sea-level- 
standard static conditions: Power P 0R , specific power SP 0 r, and mechanical power limit P mec hR- The 
mass flow is then ih 0R = P 0R /SP 0R . 
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The difference between net and gross jet thrust is the momentum drag: F N = Fq - m req V. Note 
that traditional units for mass flow are pound/sec (pps), while this equation requires slug/sec ( m req /g 
replaces m req ) . 


21-3 Installation 

The difference between installed and uninstalled power is the inlet and exhaust losses Pi oss : 

Pav — Pa Pioss 

Preq Pq Pioss 

The inlet and exhaust losses are modeled as fractions of power available or power required: Pi oss = 
(£in T £ ex)Pa 01 Pioss = (tin T £ ex)Pq ■ So 

Pav = Pa (1 - £ in - £ex) 

Pq = Preq / (1 — £ in ~ £ex) 

The momentum drag of the auxiliary ah' flow is a function of the mass flow ?h aux = f ;i uxTn req : 

Paux = (1 1/aiix )ril ; -iux 1” — (1 ?7aux)/auxrh r eqG 

where ?? aux is the ram recovery efficiency. 


21-4 Power Available 


Given the flight condition and engine rating, the power available P a is calculated as follows. The 
specific power and referred mass flow (relative to SP 0 and m 0 for this rating) are approximated by 
functions of the ambient temperature ratio 8, here just: 


SP a = SP 0 8 


8m V 8 m 


x.. 


th a = rh o ( 8/V 8 


8 m V ®M 


-iX n 


The power available is then 


Pa = SP a 


= Pi 


8mV@m 


■1 X S pa-\-Xrr 


This expression for m a is used only to calculate P a ; elsewhere the m q expression below (for performance 
at power required) is used to obtain the mass flow at a power P q . The influence of compressor rotational 
speed is not considered. 


21-5 Performance at Power Required 


The compressor performance (mass flow and gross jet thrust) is calculated for a specified power 
required P q , flight condition, and rating. Installation losses Pi oss are added to P req (P q = P req + Pi oss )- 
The referred quantities (relative to SLS static MCP quantities) are approximated by functions of q = 

P q /(Poc8V8): 

TTireq = ^0 C (^8 / VVj (K m f q o T FrnfqlQ T P-mfq2Q T Kmfq3Q ) [8 M ] 

ST req = ST 0 cV9[8 M ] Xstq 
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Fg = ST req m req = Fg 0 c 6 ( K m f q0 + K m f q iq + K m f q 2 q 2 + K. m f q3 q 3 ) [9 M ] XBtq+Xmfq 

Then the installed net jet thrust F N and momentum drag D aux are calculated. The influence of compressor 
rotational speed is not considered. 


21-6 Scaling 

The parameters of the compressor model can be defined for a specific compressor, but it is also 
necessary to scale the parameters as part of the aircraft sizing task, in order to define a compressor for 
a specified power. In addition, advanced technology must be represented in the model. Scaling and 
advanced technology are handled in terms of specific power and specific thrust (at SLS static conditions 
and MCP). 

The compressor model includes reference values of the performance parameters: P 0R , SP 0 r, and 
PmechR- Mass flow is obtained from m 0R = Pqr/SP 0R . The reference power at each rating R defines a 
ratio to MCP: r p0R = Por/Poc- Similarly for specific power and mechanical limits: r s0R = SP 0R /SP 0 c 
and r ml)R = P mec hR/Poc- These ratios are kept fixed when the compressor is scaled. 

The compressor size is specified as power P e ng , which is the power at takeoff rating R, for SLS 
static conditions. Hence the MCP power is P 0 c = Pt o / r p 0 R, and the power at all other ratings follows. 
If P 0 c is not equal to the reference value of the compressor model, then the compressor is scaled. 


21-7 Weight 

The compressor weight can be a fixed input value, or calculated as a function of power. As a 
function of power, the weight of one compressor is: 

TT/ L" I TS" p _i_ LP pX comp 

one eng — iV Ocomp i JV-lGomp- 4 i ii2comp i 


where P is the installed power (SLS static, specified rating) per compressor. A constant weight per 
power W/P is given by using only /C 
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Chapter 22 


Motor Model 


A motor converts electrical energy (fuel) to shaft power. A generator converts input shaft power to 
electrical energy, and the shaft power contributes to the propulsion group power required. The model 
follows references 1 to 4. 


22-1 Motor Characteristics 

The motor or generator size is defined by the maximum power available, P max = P eng , and a peak 
torque Q pea k- For clarity, the torque limit is expressed as a power limit Q pea k = P P e a k/A spec . The ratio 
of maximum power and peak torque is the base rotational speed: P max /(3 P e a k = A hase ; at N hase , the 
power and torque limits coincide . Figure 22- 1 shows the maximum power and peak torque for a number 
of motors. The base rotational speed is typically N base = 700-7000 lpm, lower for high-torque motors. 
The ratio of maximum power to continuous power is typically MRP/MCP = 1 .25-3 (fig. 22-2). 

Motor weight depends primarily on the peak torque . Figure 22-3 shows the weight for a number of 
motors. For a given size, there is a wide range of Q/W values. Here high torque-to- weight is defined as 
Q/W > 3.5 ft-lb/lb. Motor electrical controller weight is typically 10-30% of the basic motor weight, 
up to 70% for small motors. The density is typically 100-250 lb/ft 3 (fig. 22-4). 

The engine performance is described by the power available P av at each engine rating, and the 
energy flow E required to produce the power required P req . The specific fuel consumption is sfc = E/P 
(inverse of efficiency). For each rating R, the maximum power is P 0 r, and the torque limit is P peakfl . 

22-2 Power Available and Performance at Power Required 

Given the flight condition and engine rating R, the power available is 

P av = min(P 0R , rP pea krt) 

where r = N/N s pec , and N is the motor rotational speed. 

The performance is calculated for a specified power required (which might equal the power avail- 
able), flight condition, and engine rating. The motor power required determines the energy flow: 

Preq = P()C !Je ( U , u ) = P r eq/V motor 

where q = P req /P e ng , n = N/N spec , and ? 7 motor is the motor efficiency. The generator energy flow to the 
fuel tank is related to the power required: 

E r eq — EoC 9e(q> U.) = PreqT] motor 

where // nio toi is the generator efficiency. 
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For a motor and fuel cell, the performance (mass flow and fuel flow) is calculated for a specified 
power required: 

Wreq = W 0C {q/v ) = siCO C {P r eq/V ) 

m req = rhoc(q/v ) = K mf w req 

Inlet and exhaust installation losses are included in the specific fuel consumption. The efficiency 
t] = z/ceii //motor includes both motor and fuel cell losses. The fuel cell efficiency as a function of power is 


1 , P 

— + p — 

'/cell -‘eng 



+ C 


P 

-^eng 

P 


from 7/,-ef and c for the fuel cell. The ratio of mass flow and fuel flow ( K m f ) follows from the chemistry 
of the reaction. 


22-3 Efficiency 

Motor loss sources include copper (internal resistance, proportional to current-squared hence 
torque-squared), iron core (eddy current and hysteresis, proportional to rotational speed), and me- 
chanical (friction, proportional to speed, and windage, proportional to speed-cubed). Equivalent circuit 
and efficiency map models are implemented. The efficiency can also be a fixed value. 


22-3.1 Equivalent Circuit 


The motor or generator efficiency as a function of power is estimated considering an equivalent 
circuit, defined by internal resistance R and current J 0 . The voltage is V = V 0 - IR. The efficiency is 
//motor = P/(P + P\ oss), from the power loss / | oss = I 2 R + P 0 . For small loss, I = P/V Q . In terms of 

P Igt 

J eng? 


?7ref 

PO = cPe ng 


R/V a 2 = 


Pm 


Then 


1 


?7motor 


1 + P(R/V 0 2 ) + P 0 /P = 1 + -P (— - l) + c 

-‘eng \^/ref J * 


So //motor = (1 ///ref T c) 1 at P = P eng . The efficiency decreases with Pbecause of the internal resistance, 
but is zero at P = 0 because of the internal current term. 


22-3.2 Efficiency Map 


The motor or generator power loss is described as a polynomial in the motor torque and rotational 
speed: 

3 3 

Ploss — Peng floss EE^' 
i — 0 j — 0 


where q = P reg /Pe ng , n = N/N s pec , and t = q/n. The factor f loss allows adjustment of the peak efficiency. 
Controller losses, including power conversion and conditioning, are represented by an efficiency rj cont . 
Then 


Vmotor — vcont 


P 


req 


P 


req 


-‘loss 


_ q 

~ ^ q+ Ploss/ Peng 


is the motor or generator efficiency. Constant efficiency implies just C n = 1/?/ — 1. The copper, iron, 
and windage losses imply P loss = K C Q 2 + IuN + K W N 3 + I< 0 = P e ng(C 2 ot 2 + C 0 m + C 03 n 3 + Coo) • 
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Consider an efficiency map with a peak rj 0 at t 0 = Qo/Qeng and n 0 = N 0 /N spec . Taking the 
derivatives of (C 2 ot 2 + C m n + C 0 3n 3 + C 0 o) = nt( 1 - rj) /r] with respect to t and n, and evaluating at t 0 
and n 0 so dr]/dt = drj/dn = 0, gives 

n _ to 1 — Vo 3C'oo 
°01 — 1 o 

4 rj o 2 n 0 

n _ t-p 1 — r/p Cqq 

03 4tIq ?7o 2 i%l 

n 0 1 - 770 

^20 — XT 

2t 0 7J 0 

(ref. 2). Note that C 0 i > 0 requires C 0 o < (n 0 to/6)(l - r]o)/vo- 

In general, expanding the efficiency in t and n about the peak gives 

\ = w + 1 = + ^( 1 + o( *- 1)2 + h( *- 1)( "- 1) + c( "- 1)2 ) 

where t = t/t 0 and n = n/n 0 . Hence 


ffoss 

p 

r eng 



tn 


— (l + a(t — l) 2 + b(t — 1 )(n — 1) + c(r 
Vo v 



+ d(t — 1 ) 2 (n 


l) 2 


The last term is introduced so the efficiency is zero at zero torque or zero speed. 

Alternatively, consider an equivalent circuit defined by internal resistance R, no load current I 0 , 
motor constant K v , and friction Kf. So V = V m + IR (back emf V m = N/K v ), I = I m + I 0 ( I m = 
Q m N/ V m = K v Qrri) , Q = Qm — Qf (output torque , Qf = KfN). The input power is VI = ( N/K V +IR)I , 
with I = K v Q m + Iq = K V (Q + KfN ) + I 0 . The shaft power is QN. Then the power loss is 


floss = VI-QN=(n+ (. I/K v )K 2 v R ) (//#„) - QN 

= N(Q + K f N + fl/Ac) + (Q + A/7V + fl/A,,.) K 2 v R - QA 
- N^KfN + fl/A,,) + (O + K f N + / 0 /A„) * K 2 R 


This expression does not show a peak efficiency as a function of torque and speed. 


22 — 4 Weight 

The motor or generator weight can be a fixed input value, or calculated as a function of power or 
torque. As a function of power, the weight of one engine is: 


ll one eng Ao mo tor 


A 


lmotor 


P + K 


2motor 


p J 


where A = fl eng . 

Motor weight depends primarily on the peak torque. For the NASA15 model, the weight is: 

W one e „g = 0. 5382/design <3°' 8129 

where Q = P pe a kfl/N spec (ft-lb) , for takeoff rating R. The structural design factor /design = 1-0 for high 
torque-to-weight motors ( Q/W > 3.5 ft-lb/lb), and /design = 2.5606 for others. Based on 64 motors, the 
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average error is 27.5% (fig. 22-5); 25% for high torque-to-weight and 29% for others. Including either 
maximum rotational speed or maximum power does not reduce the weight estimation error significantly. 
Considering only the high torque-to-weight motors, the weight is 

lC one eng = 0.3928Q 0 ' 8587 

Based on 25 motors, the average error is 21.8% (fig. 22-5). This sensitivity of motor weight to output 
torque capability is somewhat greater than the drive system trend. 

22-5 Scaling 

The parameters of the motor model can be defined for a specific motor, but it is also necessary to 
scale the parameters as part of the aircraft sizing task, in order to define a motor for a specified power. 
In addition, advanced technology must be represented in the model. 

The motor model includes reference values of the performance parameters: P 0R , / ;> peak R . The 
reference power at each rating R defines a ratio to MCP: r p0R = Pqr/Poc • Similarly for torque limits: 
r m (> H = Tpe a k r / P(sc • These ratios are kept fixed when the motor is scaled. The specification motor 
speed is scaled with the power: 

iVspec = K p ec— ref ( ~^ L 

The speed ratio N/N spec influences the efficiency map and the torque limit. If the base rotational speed 
iVbase = T’max/Qpeak scales with power as I<Mb instead of K Ns , then the scaled values of P pea kR require 
a factor of ( P e ng/Prei) KNb ~ KNs as well as r m0 R . Depending on the design approach, K Nb ranges from 
about 0.8 to zero (constant N spec ) to about —1.2 (N spec increase with power). 

The motor size is specified as power P eng , which is the power at takeoff rating R, for sea level 
standard (SLS) static conditions. Hence the MCP power is P oc = Pt o / r p 0 R, and the power at all other 
ratings follows. If P 0 c is not equal to the reference value of the motor model, then the motor is scaled. 

22-6 References 

1) McDonald, R.A. “Electric Motor Modeling for Conceptual Aircraft Design.” AIAA Paper No. 

2013- 0941, January 2013. 

2) McDonald, R.A. “Electric Propulsion Modeling for Conceptual Aircraft Design.” AIAA Paper No. 

2014- 0536, January 2014. 

3) Sinsay, J.D.; Alonso, J.J.; Kontinos, D.A.; Melton, J.E.; and Grabbe, S. “Air Vehicle Design 
and Technology Considerations for an Electric VTOL Metro-Regiional Public Transportation System.” 
AIAA Paper No. 2012-5404, September 2012. 

4) Datta, A., and Johnson, W. “Requirements for a Hydrogen Powered All-Electric Manned Helicopter.” 
AIAA Paper No. 2012-5405, September 2012. 
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Figure 22- 1 . Motor maximum power and peak torque . 



Figure 22-2. Motor maximum power and continuous power (MRP/MCP). 


density (lb/ft 3 ) weight (lb) 
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Figure 22-3. Motor weight. 



peak torque (ft-lb) 


Figure 22-4. Motor density. 
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• high Q/W 



Figure 22-5. Motor weight (NASA15). 
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Chapter 23 


Referred Parameter Jet Engine Model 


Design and analysis codes calculate aircraft performance for a very wide range of operating con- 
ditions. Thus the jet performance model must be realistic even far from the design point. A simple 
thermodynamic cycle analysis that assumes design point component efficiencies everywhere is not real- 
istic for such an application. Rather than developing models for component performance , the approach 
taken is to use a model for the total turbojet or turbofan performance. The jet is not being designed. 

The Referred Parameter Jet Engine Model (RPJEM) is based on curve-fits of performance data for 
existing or projected jets over a range of operating conditions. The use of referred parameters tends 
to collapse the data and provides a basis for scaling the jet. The operating condition is described by 
pressure altitude, ambient air temperature, flight Mach number, and either jet rating or jet thrust required. 
The parametric model is scaled to the required size and adjusted to the appropriate technology level to 
represent a notional jet. Jet size is represented by mass flow. Jet technology is represented by specific 
thrust available and specific fuel consumption at maximum continuous thrust (MCT), sea I eve I/standard 
day (SLS), static (zero airspeed) conditions. Jet installation effects are also modeled. 

23-1 Operating Environment 

The operating condition and atmosphere give the standard conditions (temperature T st d and pressure 
Pstd) for a specified pressure altitude; the sea-level standard conditions (temperature T 0 and pressure p 0 ); 
and the operating temperature T and pressure p. Here the temperatures are °R or °K. The characteristics 
depend on the temperature ratio 9 = T/T 0 and pressure ratio S = p/po- 

The flight Mach number M = V/c s = V/c s0 VO is obtained from the aircraft speed V. 

The inlet ram air temperature ratio and pressure ratio are obtained then from M and the inlet ram 
recovery efficiency r] d : 


e M =(i + = (f + 0.2 m 2 ) 

i 

S M =(l+ ^Vf 2 ) = (1 + 0.2 r, d M 2 ) 3 5 

where the ratio of specific heats 7 = 1.4. 

23-2 Performance Characteristics 

The uninstalled thrust required is T q , the thrust available T a . The jet model calculates T a as a 
function of flight condition and engine rating; or calculates mass flow and fuel flow at T q . The specific 
thrust is ST = T/rh, and the specific fuel consumption is sfc = w/T. A turbofan engine has a bypass 
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ratio (j = rhf a n/m. The forces produced by mass flow that does not go through the core or fan are treated 
as momentum drag D a ux . 

The reference performance is at sea-level-standard static conditions (subscript 0), and MCT (sub- 
script C). For each rating R, the performance is characterized by the following quantities for sea-level- 
standard static conditions: thrust T 0R , specific thrust ST 0R , and mechanical thrust limit T mec hR- The 
mass flow is then m 0R = T 0R /ST 0R . 

The difference between net and gross thrust is the momentum drag: T N = Tq — fn(ST) mom , 
where (ST) mom = (1 + (3)V for turbojet or turbofan, or (ST) mom = Qr reac t for reaction drive. Note 
that traditional units for mass flow are pound/sec (pps), while this equation requires slug/sec ( m req /g 
replaces m req ) . 


23-3 Installation 

The difference between installed and uninstalled thrust is the inlet and exhaust losses 7i oss : T av = 
T a — Toss and T req : T q - 7j oss . The inlet and exhaust losses are modeled as fractions of thrust available 
or thrust required: Ti oss = (7' m + i ex )T a or Xi oss = (£ rn + £ ex )T q . The momentum drag of the auxiliary 
air flow is a function of the mass flow m aux = fa. U x'fh req : 

JJaux — (1 ^?aux)mauxE = (1 ^7aux)/auxm re qE 

where r/.,„ x is the ram recovery efficiency. Exhaust losses (£ ex ) and auxiliary air flow parameters (rj aux , 
/aux) are defined for infrared suppressor on and off. 


23-4 Thrust Available 


Given the flight condition and jet rating, the thrust available T a is calculated as follows. The gross 
specific thrust and referred mass flow (relative to ST 0 and m 0 for this rating) are approximated by 
functions of the ambient temperature ratio 6, here just: 


sr a = st 0 Ve 


nX s 


m a = rrio [S/v 0 


Sm \J 9 m 


x„ 


The thrust available is then 

T a = ST a rh a - m a (ST ) mom 


TqS 


&m\/0m 


■1 Xg-ta+Xr, 


fa 


rha(ST) 


mom 


This expression for m a is used only to calculate T a ; elsewhere the fn q expression below (for performance 
at thrust required) is used to obtain the mass flow at a thrust T q . 


23-5 Performance at Thrust Required 

The jet performance (mass flow and fuel flow) is calculated for a specified thrust required T q , flight 
condition, and jetrating. The referred quantities (relative to SLS static MCT quantities) are approximated 
by functions of referred gross thrust t = (T q + m(ST) mom ) / (T 0C S): 


w req = woe fsVs) (Kff q o + Kff q it + Kff q2 t 2 ) [9 m] Xff ' 
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TYlreq 

m 0C {8/Vd) [0 M ] Xmfq 


W (1 - a) 

— (a/2) + (a/2) 2 + b 


where a = (5T) mom m 0 c [0 M ] Xm,q /T 0C Vd and b = T q /T 0C S. 


P-mfq — 0 
P-mfq — f 
Kmfq = 1/2 


23-6 Scaling 


The parameters of the jet model can be defined for a specific turbojet or turbofan, but it is also 
necessary to scale the parameters as part of the aircraft sizing task, in order to define a jet for a specified 
thrust. In addition, advanced technology must be represented in the model. Scaling and advanced 
technology are handled in terms of specific thrust and specific fuel consumption (at SLS static conditions 
and MCT). Figures 23-1 through 23-3 present historical data for jet specific fuel consumption, weight, 
and specific thrust. 

The jet model includes reference values of the performance parameters: T 0R , ST 0R , T mecRR , and 
sfcoc- Mass flow and fuel flow are obtained from m 0R = T 0R /ST 0R and w 0 c = sfcocToc • The reference 
thrust at each rating R defines a ratio to MCT: r t oR = T 0R /T 0 c • Similarly for specific thrust and 
mechanical limits: r s0R = ST 0R /ST 0 c and r m0R = T mechR /T 0 c- These ratios are kept fixed when the 
jet is scaled. 

The jet size is specified as takeoff thrust T to = T eng , which is the thrust at rating R, for SLS static 
conditions. Hence the MCT is T 0 c = T to /r t on, and the thrust at all other ratings follows. If T 0 c is not 
equal to the reference value of the jet model, then the jet is scaled. To reflect advanced technology, 
the specific thrust and specific fuel consumption can be specified: ST 0 c = ST tec h and sfcoc = sfc tec h 
(replacing the jet model reference values). The default values are the reference values of the jet model. 
In the following paragraph, the subscript “tech” refers to these quantities; the subscript “ref” means the 
jet model reference values. 

The jet technology parameters ST 0 c and sfcoc are assumed to vary linearly with mass flow rhoc up 
to a limit rhii m , and constant thereafter at S7i ini and sfci; m . The mass flow at the technology condition 
is mtech = f lef/ 77 lech , with the technology values ST tec h and sfc tec h- The intercept values are projected 
from the technology values: K st0 = ST tech - K stl m tech , I< stl = (ST lim - ST tech )/(rn lim - m tech ); and 
similarly for sfc. Then for m oc < mi im 


ST 0 c = K st o + I\ s timQC 
sfcoc = K s f c o + K s fcim.QC 


and for moc > dh; m 

ST 0C = <STi im 

sfcoC = sfclim 

These equations are used if m u m > mtech- Otherwise the model sets K st i = K s f c i = 0, so there is no 
variation with scale: ST 0 c = ST tec h and sfcoc = sfc te ch- Usually the effect of size gives K st2 > 0 and 
l< s fr 2 < 0. The thrust at the limit is T lim = ST lim mi im . Figure 23-4 illustrates the scaling of SP, sfc, and 
SIT. 
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takeoff thrust (lb) 

Figure 23-1 . Historical data for turbojet and turbofan specific fuel consumption. 



takeoff thrust (lb) 


Figure 23-2. Historical data for turbojet and turbofan weight. 
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takeoff thrust (lb) 

Figure 23-3. Historical data for turbojet and turbofan specific thrust. 


Using m 0 c = T 0C /ST 0C , the specific thrust equation can be solved for the mass flow given the 
thrust: 

Toc/k s to K s ti = 0 

Toc/ST liin T 0 c > 7u m 

\A^) 2 + 1t - & otherwise 

From this mass flow, ST 0C and sfc 0 c are calculated, hence the fuel flow w 0 c = sfcoc^oc- Then the thrust 
and specific thrust at all ratings R are obtained from the ratios: T 0R = r t0 RT 0 c, ST 0R = r s o R ST 0 c, and 
J mech R — r m (j l{Tt,C • 

The actual (perhaps scaled) values of the performance parameters are available for the jet group: 

Tor, ST or , T me c hR, and sfcoc- 



23-7 Weight 

The jet weight can be a fixed input value, or calculated as a function of thrust. As a function of 
thrust, the weight of one jet is: 


JTone jet — Aojet + A"ljet T + A2jetT Ajet 

where T is the installed takeoff thrust (SFS static, specified rating) per jet. A constant weight per thrust 
W/T is given by using only A'ljet- 
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m,. > m , 
lim tech 


m,. < m . 
lim tech 





Figure 23-4. Turbojet or turbofan scaling; ST = T/m, sfc = w/T, and SW = T/W . 


23-8 Units 


In this jet model, only the reference values and scaling constants are dimensional. Conventional 
English units and SI units are shown in table 23-1 . Units of specific thrust and specific fuel consumption 
follow from these conventions. 


Table 23-1. Conventional units. 



thrust T 

mass flow m 

fuel flow w 

English: 

pound 

pound/sec 

pound/hour 

SI: 

Newton 

kilogram/sec 

kilogram/hour 


Chapter 24 


Fuel Cell Model 


A fuel cell burns a fuel (typically hydrogen) and generates electrical energy, which is stored in a 
fuel tank system or used directly by a motor. The energy flow defines the power required. The power 
available is related to the size P ch r g • The model follows reference 1 . 

Given the flight condition and the charger rating, the cell power available is E a<x \\ = P 0 . The power 
required E req is defined by the charge group energy flow. The cell power required is 

Pqcell = T/0 C9e(Sl) ~ ^req/V chrg 


where q = E req /P 0 , and p chrg is the fuel cell efficiency. The fuel cell performance (mass flow and fuel 
flow) is calculated from the cell power required: 

E r eq z sfr'oC Pqcel 1 — U^OCtZ/^chrg 
Elreq = RmfE re q — TTloC Q / Vchrg 


where q = E req /P 0 , woe = sfcocPhrg, and m 0 c = Kmfwoc • Inlet and exhaust installation losses are 
included in the specific fuel consumption. The specific fuel consumption is given by the fuel specific 
energy and the fuel cell thermal efficiency: sfc = ef uel /r]th- The ratio of mass flow and fuel flow follows 
from the chemistry of the reaction. For hydrogen and air 


v ^ A mA ^ A cs cn 

Pmf = T = T— 68.59 

A h xortiH A H 


The molar masses of hydrogen and air are mn = 2.016 and mA = 28.97 g/mole; xo = 0.2095 is the molar 
fraction of oxygen in air. The supply ratio Xa/^h = 1/2 from stoichiometry, and typically Xa/Xh = 1-25 
in practice. 


The fuel cell efficiency as a function of power is estimated considering an equivalent circuit, defined 
by internal resistance!? and current I 0 . The voltage is V’ = V 0 —IR. The efficiency is 77 c h rg = P/(P+Pi OS s), 
from the power loss / | oss = I 2 R + P 0 . For small loss, I = P/V Q . In terms of P c hr g , let 


1 


R/v a 2 = 7 ^ 1 

-Tchrg \^7ref 

Pq — C-Pchrg 


1 


Then 


1 


^7chrg 


1 + P(R/V a 2 ) + P 0 /P = 1 + -P- (— - l) + c 

Pchrg Vhref ) P 


So ? 7 c hrg = ( 1 / Tjref T c) — 1 at P = P c hr g • The efficiency decreases with Pbecause of the internal resistance, 
but is zero at P = 0 because of the internal current term. Alternatively, the efficiency can be a fixed 
value. 
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The fuel cell weight can be a fixed input value or calculated as a function of power. The weight of 
one charger is: 

IT one chrg = ftocell T P'l eel 1 P T R2cellP 

where P = P chrg . 


24-1 References 

1) Datta, A., and Johnson, W. “Requirements for a Hydrogen Powered All-Electric Manned Helicopter.” 
AIAA Paper No. 2012-5405, September 2012. 
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Solar Cell Model 


A solar cell generates electrical energy, which is stored in a fuel tank system. The energy flow 
defines the power required. The power available is related to the size P chrg • The solar cell is characterized 
by power density e so i a r (W/m 2 ) and weight density a- so i ar (kg/m 2 ). From the size P chrg , the area is 
-^solar — Pchrg /e so iar; and then the weight is W one chrg — IFsolar — Agoiar^solar • 

Given the flight condition and the charger rating, the cell power available is P ace n = P 0 . The power 
required E req is defined by the charge group energy flow. The cell power required is 

Pqcell ~ Pq C9e(.Q) ~ Preq/V chr g 


where q = E req /P 0 , and r/ clirg is the solar cell efficiency. 


The solar cell efficiency as a function of power is estimated considering an equivalent circuit, 
defined by internal resistance R and current I 0 . The voltage is V V a IR. The efficiency is 
?7chr g = P/(P + Pioss) , from the power loss P loss = I 2 R + P 0 . For small loss, I = P/V Q . In terms ofP c h rg , 
let 

1 

^ref 

PO = ^-^chrg 


R/V 0 2 = 


P 


chrg 


Then 


1 


^7chrg 


1 + P(P/F o 2 )+P 0 /P=1+-^(— -l) 

-Pchrg \^?ref / P 


So77 chrg = (l/77 re f + c) _1 atP = Pchrg- The efficiency decreases with P because of the internal resistance, 
but is zero at P = 0 because of the internal current term. Alternatively, the efficiency can be a fixed 
value. 
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Chapter 26 


Battery Model 


A battery is a fuel tank system for which the fuel quantity stored and burned is measured in energy. 
The unit of fuel energy is Mega-Joules (MJ). For reference, 1 kW-hr = 3.6 MJ. The operating state affects 
the efficiency of the relation between useful power and the rate of change of the energy stored. The 
battery model produces the charge/discharge efficiency. The battery model can be used for capacitors 
and flywheels as well. References 1-6 provide background for the model. 

The components associated with a fuel tank system (motor, generator, fuel cell, and solar cell) 
define the total energy flow E c omp (charge or discharge) . Accounting for efficiency and losses gives the 
battery energy flow E b att . Accounting for battery capacity then gives the effective energy flow E eS . The 
change in stored energy is calculated from E e g and time. The convention is that energy flow E > 0 for 
discharge, and E < 0 for charge. Power and current are positive for both discharge and charge. 

The battery capacity is £) ue i_ ca p (maximum usable fuel energy). The battery is characterized 
by specific energy e tan k (MJ/kg) and energy density p tan k (MJ/liter), so the tank weight and volume 
are obtained from the capacity. The current amount of energy stored is .E fuel . The state-of-charge is 
s = -Efuei/Tfuei— cap ; the depth-of-discharge is d = 1 — s. 

The charge capacity is C (A-hr). C is the usable capacity at low current and a reference temperature. 
Typically 20-30% of the stored charge is not usable at nominal conditions, which is accounted for in 
the capacity through the specific energy and energy density values. The corresponding energy capacity 
is obtained for a reference voltage, E = CV re f (W-hr, expresssed in MJ). Then the specific energy 
(conventional units W-hr/kg) gives the weight, and the energy density (conventional units W-hr/liter) 
gives the volume. The current is measured in terms of the charge capacity: I = xC (A), corresponding 
to a discharge time of 1/x hours. The units of x are 1/hr. The maximum burst discharge current (rnbd) 
is . 

The usable capacity decreases with time and duty cycles, depending on the temperature and current. 
This factor is assumed to be constant during a mission or flight condition. Capacity fade is accounted 
for using a factor /f ade < 1 on the available capacity or on the energy flow. Thus the effective energy 
flow is obtained by dividing the actual energy flow by /f ade . 

The capacity depends on the discharge current. The Peukert model assumes I k T = constant, where 
T is the discharge time for current I = a;C re f . The Peukert coefficient k = 1.2 to 1 .3 for lead-acid batteries , 
and k = 1.01 to 1.05 for lithium-ion batteries (weak dependence). Thus the capacity C = IT ~ \/x k ~ x . 
An increase in current by a factor of 10 means a 2-11% reduction of capacity for lithium-ion batteries. 
For a larger current, the battery reaches a specified discharge voltage sooner, hence effectively has a 
reduced capacity. 
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The specific power is 7Tb a tt (kW/kg) . The power capacity is obtained at the maximum burst discharge 
current: 

Tcap — I'mbd I ref — 'EmbdCVye f — %mbdE fuel— cap 

(for P cap in W and E {uel ^ cap in W-hr). Hence given x mbd , 7r ba tt = x mbd et an k/3.6 (kW/kg from MJ/kg). 
Typically x mbd is smaller for large capacity, implying a trade between high specific power and high 
specific energy. 


26-1 Equivalent Circuit Model 


The discharge or charge efficiency as a function of power is estimated considering an equivalent 
circuit, defined by internal resistance R and current J 0 . The voltage is V = V Q - IR. The efficiency is 
??batt = P/(P + Pioss), from the power loss Pi oss = I 2 R + P 0 . For small loss, I = P/V 0 . In terms of a 
reference power P re f = P cap , and battery power P = P comp j, let 

R / V o=^~ f— - 1 ) 

Pref \ f/r ef / 

Pq cP lei 


Then 


1 


P 


= 1 + P(R/V a 2 ) + P 0 /P = 1 + — 1 


1 


^7ref 


Pref 


P 


Pref 

So rj batt = (1/href + c) _1 at P = P ref . The efficiency decreases with P because of the internal resistance, 
but is zero at P = 0 because of the internal current term. Alternatively, the efficiency can be a fixed value. 
The current is x = I/C = P/V 0 C = x mbd P/P re{ = x mbd \E comp \/P cap . Given the maximum current x max , 
the maximum battery power is P max = (x max /x mbd )P cap . 


For discharge, the battery energy flow is E hatt = ^com P /hbatt = E c omp + Pioss- Then the effective 
energy flow is E eS = P ba tt//fade- For charge (negative energy flow), the battery energy flow is E ha tt = 
Pcomphbatt = Pcomp + -Goss- Then the effective energy flow is P eff = P ba tt//fade- The battery power 
margin is P max - |Pbatt|- 


26-2 Lithium-Ion Battery Model 

The capacity and power of currently available lithium-ion batteries are shown in figure 26-1 . The 
power shown corresponds to the maximum burst discharge current, P cap = x mbd Ef u< ,] cap . The cell 
reference voltage is typically V' re f = 4.2 V. The maximum continous discharge current is in the range 
Xmcd = 1-30 (fig. 26-2). The maximum burst discharge current (which equals the power divided by 
capacity) is in the range x mbd = 10-50 (fig. 26-3), with x mbd = 10 for large capacity. Values of x rnM 
above 100 are achievable, but such high-power/short-duration capability will not have much application 
to aircraft. The maximum charge current is typically rreemax = 1-5 (fig. 26-4). Figure 26-5 shows 
the corresponding specific energy e tan k and specific power 7Tb a tt = x mbd e tan k- The specific energy is 
typically e tan k = 50-200 W-hr/kg = 0.2-0 .7 MJ/kg. Figure 26-6 shows the specific energy e tan k (W- 
hr/kg) and the energy density p r . ank (W-hr/liter). The battery density is about 0.6 kg/liter for cylindrical 
batteries, and about 2.0 kg/liter for other configurations (pouch, prismatic). 

The battery temperature is likely controlled, for safety and efficiency. The operating temperature 
depends on the environment ambient temperature , internal heat production , and active heating or cooling . 
Internal heat production includes that due to internal resistance ( I 2 R ), and radiation and convection 
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(roughly proportional to the difference between cell and ambient temperatures). The cell temperature 
T c is defined for a flight condition, or at the start of a mission. Without active temperature control, 
during a mission the cell temperature changes: dTjdt is proportional to the internal heat production. 
With temperature control, there is a power loss associated with the control system, depending on the cell 
temperature relative to ambient, hence on the internal heat production. As a simple model, it is assumed 
that this loss is a fraction f T c of the total power. 

26-2.1 Discharge Characteristics 

The lithium-ion battery voltage during discharge depends on the discharge capacity (depth-of- 
discharge d), current (/ = xC), and cell temperature ( T c ). Figure 26-7 shows typical variation of the 
voltage V at constant current and constant temperature. The nominal energy capacity E = CV re f is 
obtained from the nominal charge capacity C and a reference voltage l\ e f . The open-circuit voltage V d 
is the voltage at zero current, a reference temperature T re f , and 100% charge. Typically the cell voltage 
is V,i = 4.2 V, and V d is used as the reference V re f . The actual battery capacity is determined by the 
voltage reaching a critical value Writ (typically 2-3 V). Usually V decreases gradually with d, so the 
voltage provides a measure of depth-of-discharge. The decrease of V with current is primarily due to 
internal resistance. The voltage also decreases as temperature decreases (fig. 26-7). There is a maximum 
discharge current (continuous or burst), which gives the rated power: P cap = I m bdK e f = x mbd CV re f. The 
actual battery power supplied is P = IV. 

The voltage variation with current is primarily due to the internal resistance: V = V Q — IR. The 
open circuit voltage decreases with depth-of-discharge: V Q = V d F v {d), such that F v = 1 at d = 0 
and F v = / crit = Urit./U/ at 7 = 1; and V d = f d V ie f. For large discharge (d approaching 1), there 
is a secondary influence of current, which can be modelled by adjusting the discharge by a factor k. 
Then the capacity is given by F v (kd) = / crit . Variations of the voltage with current are scaled using 
I = xC = (x mb d C){x / Xmbd) . The influence of temperature on the open circuit voltage V 0 is reasonably 
accounted for by an increment proportional to the cube of the temperature difference AT = T c — T re f . 

The model for the discharge voltage is 


V = V d Fy(kd ) + &vtAT 3 — IR = V d Fy(kd ) + kyr^T 3 — U re f ( x/x mbd ) 

Fref 


with 

k = 1 + k dI I - k dT AT = 1 + ( kdiXmbdC ) {x/x mbd ) - k dT AT 

The open circuit voltage function F v {d) is derived from V(d) as a function of / and T c : F v = (l 7 - 
ky T ^T 3 + IR)/V d at kd. The model parameters R, k VT , k dI , and k dT are adjusted for a good fit to the 
measured discharge characateristics. Figure 26-8 shows F v (d) obtained for a number of lithium-ion 
batteries. Typically / crit = 0.6. That 7/1 at F v = / crit reflects the definition of nominal capacity for 
the battery characteristics. Table 26-1 gives a typical F v (d) function. The function extends below / crit 
since high temperature can increase the voltage. Figure 26-9 shows the current parameters x rn j )d C R/ V re f 
and k d ix mbd C for a number of batteries. Generally x mbd CR/V ie f= 0.05-0.20 and k d ix mbd C = 0-0.25. 
Figure 26-10 shows the temperature parameters k VT and k d r for a number of batteries. 

The battery power available to the components is 


Ecomp = P = IV = l(y d Fy{kd) + kyr^T 3 ) — I 2 R — PtC = Ubatt - Ploss 
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including power loss for temperature control. Hence 

£batt = Pc^{fdF V (kd) + ( k VT /V rei )AT 3 ) 

-^loss = PcapF^i F fxC |-^comp| 

k = 1 + kdii — k d rAT 

where £ = x/x m bd, R = x m bdCR/V ie {, and kdi = kdix m bdC. The battery capacity for a given current 
and temperature is obtained by finding kd CI i t such that 


V = V d F v {kd crit ) + k VT AT 3 — IR = Vd/erft 


or 

F V (kd c: it) = /crit + {R£, — (kvT /V ie {)AT 3 ) / fd 

Then d crit = {kd, cr \ x )/k, and the effective capacity is d C rit/fade-Pfuei-ca P - Rather than change the fuel tank 
capacity, an effective fuel flow is used: E eS = E hatt /{d ciit / fa de)- 

For a flight condition or mission segment, the total energy flow required is E mmp . The temperature 
T c is specified. The depth-of-discharge isd = l — s = l — -Ef U ei/£fuei-ca P - The discharge current 
x = x rn bdk is calculated from the required energy flow: 

c (T/com P T T\oss)/Tca P 

fd,Fv{kd) + (k V T/V ie {)AT 3 

Successive-substitution solution for £, with / crit as the minimum for F v , converges in about 10 iterations. 
Since F v is a monotonically decreasing function of d, d crit is obtained from x by interpolating d{F v ). 
Then E hatt = £ comp + P loss , and the battery efficiency is 77 batt = E mmp /E h , ltt . The effective energy flow 
is E eS = ^batt/(4rit/fade). The maximum battery discharge power is P max = P b;it t evaluated at x rnhd , 
or at a specified discharge current. The battery power margin is P max — |P bat t|- 


Table 26-1. Lithium-ion battery open circuit voltage. 


depth-of-charge d 

F v 

depth-of-charge d 

F v 

0.00 

1.000 

0.92 

0.842 

0.10 

0.970 

0.93 

0.835 

0.20 

0.950 

0.94 

0.826 

0.30 

0.930 

0.95 

0.815 

0.40 

0.915 

0.96 

0.800 

0.50 

0.900 

0.97 

0.780 

0.60 

0.890 

0.98 

0.750 

0.70 

0.880 

0.99 

0.700 

0.80 

0.870 

1.00 

0.600 

0.90 

0.850 

1.01 

0.400 

0.91 

0.847 

1.02 

0.000 


26-2.2 Charge Characteristics 

Lithium-ion battery charging is controlled for safety, with limits on minimum and maximum voltage, 
maximum current, and minimum and maximum temperature. Standard charging procedure consists of 
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constant current (CC) followed by constant voltage (CV). Figure 26-11 shows the voltage, current, and 
capacity variation with charging time. The charging current is Ice = xccC', the maximum charging 
current is typically xcemax = 1-5 (fig. 26-4). The charging voltage is V c = f c V re f; typically V c = Kef = 4.2 
V. The state -of-charge is s. 

During the CC phase , the voltage starts at a fraction k c y (typically 0 .05-0 .20) below V c and increases 
with time, reaching V c at time t c = a /xcc- The charging model assumes linear variation of the voltage. 
During the CV phase, the voltage is fixed at V c , while the current decreases rapidly. The charging model 
assumes the current varies inversely with the square of the time increment since t c . The charge is then 
the integral of the current, Q = f* / dt\ and the state -of-charge s = Q/C. The charging power is P = IV. 
Table 26-2 gives the charging model as a function of normalized time r = t/t c — 1 = txec/cr - L 


Table 26-2. Lithium-ion battery charging model. 



CC phase, t < t c , t = -1 to 0, s < a 

CV phase, t > t c ,r > 0, s > a 

current 

I = xC = xccC 

r - ,-C - XCC<J 

(1 + k cI rY 

voltage 

V = V c ( 1 + k cV T ) 

II 

charge 

Q = xccCt = <7(7(1 + t) 

Q = aC 1+ } kcI l +1)T 
1 + k cI r 

state-of-charge 

s = Xcct = cr(l + r) 

1 + ( k c j + l)r 

s = a — 

1 + k cI T 

power 

P = xCV = XccCV c { 1 + k c yT ) 

P - xCK - xccCVe (1 + fcir)2 

time 

T = f-1 

^ - 1 

r_ 


At t = t c (r = 0), the current and voltage have the CC/CV values (/ = xccC, V = V c ), the state-of-charge 
s = a, and the charging power is at the peak (P = xccCV c = P ca p{xcc/x m bd)fc)- For s = 1 at large 
time , fa must be related to a: 1/<t = 1 + l/fc c j ; the measured C V capacity is matched better with smaller 
values for k c i. Figure 26-12 shows the charging parameters k c y and k r j for a number of batteries. 

For small charging current xcc> the voltage V c is reached at the nominal charging time t c = 1 jxec ■ 
So the CC phase is the entire process, and s = xect. For higher current, the voltage V c is reached sooner, 
at t c = cr I xcc with a < 1. Then the CV phase is required to complete the charging. For a given battery, 
a = 1 at low charge current, and a decreases with increasing xcc ■ Figure 26-13 shows 1/a and I + l/k c r 
for a number of batteries. An approximation for the variation of a is 

— = 1 + - — = 1 + k a (xcc — 0.2) 

a fc c j 

above xcc = 0.2, with k a depending on the battery. 

For a flight condition or mission segment, the total energy flow delivered to the battery is P com p • The 
temperature T c is specified. The state-of-charge is s = Pf U ei/Pfuei-cap- The charge current x = x rn i,d£. 
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is calculated from the required energy flow, |P ba tt| P = IV = px rnh ,iCV = P cap ^V/V re f . In the CC 
phase (r < 0, s < a): 

£ — ( Pcomp | - Ploss) /P C ap)//c(l + k cV r) 

and xcc = x. In the CV phase (r > 0, s > a): 

£ = ((I-E’compl - -Ploss) /Pcnpj/fc 

and xcc = x(l + fc c /r) 2 . Successive-substitution solution for £ converges in about 10 iterations. First 
the CC solution is found, then if r > 0 the CV solution is found (with an upper limit on xcc)- Then 
P’batt = P'comp + Ploss, and the battery efficiency is p b att = E hatt /E comp . The effective energy flow is 
E e ff = E\ yat t //fade ■ The maximum battery charging power is P max = P evaluated at current i CCm a X , or 
at a specified charge current xcc - The battery power margin is P max — |Pbatt|- 

26-3 References 

1) Gao, L.; Liu, S.; and Dougal, R.A. “Dynamic Lithium-Ion Battery Model for System Simulation.” 
IEEE Transactions on Components and Packaging Technologies, 25:3 (September 2002). 

2) Ramadass, P.; Haran, B.; White, R.; and Popov, B.N. “Mathematical Modeling of the Capacity Fade 
of Li-Ion Cells.” Journal of Power Sources, 123: 2 (September 2003). 

3) Chen, M., and Rincon-Mora, G.A. “Accurate Electrical Battery Model Capable of Predicting Runtime 
and I-V Performance.” IEEE Transactions on Energy Conversion, 21:2 (June 2006). 

4) Erdinc, O.; Vural, B.; and Uzunoglu, M. “A Dynamic Lithium-Ion Battery Model Considering the 
Effects of Temperature and Capacity Fading.” Second International Conference on Clean Electrical 
Power, June 2009. 

5) Datta, A., and Johnson, W. “Requirements for a Hydrogen Powered All-Electric Manned Helicopter.” 
AIAA Paper No. 2012-5405, September 2012. 

6) Barth, A.; Feil, R.; Konkak, K.; and Hajek, M. “Conceptual Study for an Autonomous Rotorcraft for 
Extreme Altitudes.” Fortieth European Rotorcraft Forum, Southampton, UK, September 2014. 



Battery Model 


215 



Figure 26- 1 . Lithium-ion battery capacity (W-hr) and power (W) . 



capacity (W-hr) 


Figure 26-2. Lithium-ion battery maximum continuous discharge current. 


xccmax (1/hr) x mbd = power/capacity (1/hr) 
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capacity (W-hr) 


Figure 26-3. Lithium-ion battery maximum burst discharge current. 



capacity (W-hr) 


Figure 26-4. Lithium-ion battery maximum charge current. 
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specific energy (W-hr/kg) 


Figure 26-5. Lithium-ion battery specific energy (W-hr/kg) and specific power (W/kg). 



specific energy (W-hr/kg) 


Figure 26-6. Lithium-ion battery specific energy (W-hr/kg) and energy density (W-hr/liter). 


voltage (V) voltage (V) 
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charge current (25 °C ) 



depth-of-discharge 



depth-of-discharge 


Figure 26-7. Lithium-ion battery discharge characteristics. 


open circuit voltage 
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depth-of-discharge d 


Figure 26-8. Lithium-ion battery open circuit voltage function. 



internal resistance, x tT1 hc]CR/ V |e f 


Figure 26-9. Lithium-ion battery discharge model, current parameters. 
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Figure 26-10. Lithium-ion battery discharge model, temperature parameters. 
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Figure 26-11 . Lithium-ion battery charge characteristics. 
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Figure 26-12. Lithium-ion battery charge model parameters. 



charge current Xqq 


Figure 26-13. Lithium-ion battery charge model, CV parameters. 


Chapter 27 


AFDD Weight Models 


This chapter presents the rotorcraft weight models developed by the U.S . Army Aeroflightdynamics 
Directorate (AFDD). For some weight groups several models are available, designated AFDDnn. The 
weights are estimated from parametric equations, based on the weights of existing turbine -powered 
helicopters and tiltrotors. The figures of this chapter compare the weights calculated from these equations 
with the actual weights. The results of these equations are the weight in pounds, and the units of the 
parameters are noted in the tables. Technology factors % are included in the weight equations. The input 
usually includes a weight increment dW that can be added to the results of the weight model. Thus 
typically a component or element weight is obtained from W = xW mo dei + dW . Weight of individual 
elements in a group can be fixed by using dW and setting the corresponding technology factor x = 0. 
With y^O, the increment dW can account for something not included in the parametric model. 

The weight models are implemented as part of the aircraft components. The weights are entered 
into the weight statement data structure (extended RP8A format) for each component, reflected in the 
organization of this chapter. 


27-1 Wing Group 


The wing group consists of: basic structure (primary structure, consisting of torque box and spars, 
plus extensions); fairings (leading edge and trailing edge); fittings (non- structural); fold/tilt structure; 
and control surfaces (flaps, ailerons, flaperons, and spoilers). There are separate models for a tiltrotor 
or tiltwing configuration and for other configurations (including compound helicopter). 

27-1.1 Tiltrotor or Tiltwing Wing 

Wing weight equations for a tiltrotor or tiltwing aircraft are based on methodology developed by 
Chappell and Peyran (refs. 1 and 2). The wing is sized primarily to meet torsional stiffness requirements. 
The primary structure weight is calculated from torque box and spar weights: 

IFbox — AfbPtbbw / &tb 

IFspar C t A sp p sp b w / e sp 

Wprim = (W b ox T 1'1'spar ) /units 
lipri rri Xprim^Cprim 

A consistent mass-length-time system is used in the equations for IFbox and lF spar , which therefore have 
units of slug or kg . The primary structure weight W pr im however has units of lb or kg , hence a conversion 
factor / un its = g is required for English units. The wing fairing (leading edge and trailing edge), control 
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surface (flaps, ailerons, flaperons, and spoilers), fittings (non-structural), and fold/tilt weights are: 

'-Cfai r = affair F)air ilfa.i r = Xfair^'fair 

UJflap — ‘S'fiaplfflap IFflap — XflapUJflap 

V-'fit /fit;2"c ap Iffi t — XfitW-’fit 

Wfold = /fold (Wprim + Wf a i r + l'Ffl ap + ITfit + W t i p ) If fold = Xfold Wfold 

The control surface area Sfl ap for a tiltrotor wing is the sum of the flap and flaperon areas. The fairing 
area is 

5fair : (b w l-l-'attach ) C w (1 Wtb) 5fl ap 

The wing extension weight is: 

Ulext = *^ext F ext IText = Xext fl'ext 

fivefold — /efold If/xt Ifefold = XefoldUl e fold 

and these terms are added to ll pr j m and Wfoid . The tiltrotor wing weight (and wing folding weight in 
fuselage group) depends on W t i p , the weight on the wing tips; which is the sum of rotor group, engine 
section or nacelle group, air induction group, engine system, drive system (except drive shaft), rotary 
wing and conversion flight controls, hydraulic group, trapped fluids, and wing extensions. An adjustment 
of this calculated weight can be used; a negative increment is required when the engine and transmission 
are not at the tip location with the rotor. The weight on wing tip is used as the fraction / tip = W t \ v /Wsn\ 
the mass on the wing tip is M t i p (slug or kg) . 

To estimate the wing weights, the required stiffness is scaled with input frequencies (per rev) 
of the wing primary bending and torsion modes. First the torque box is sized to meet the torsional 
stiffness (frequency) requirement. Next spar cap area is added as required to meet the chord and beam 
bending frequency requirements. Finally spar cap area is added if necessary for a jump takeoff condition. 
Wing section form factors, relating typical airfoil and torque box geometry to ideal shapes, are input or 
calculated from the thickness-to-chord ratio and the torque box chord to wing chord ratio: 

F b = 0.073 sin(27r(r u) - 0.151) /0.1365) + 0.14598r u) 

+ 0.610 sin(27r(u) t6 + 0.080) /2. 1560) - (0.4126 - 1.6309r TO )(«; tb - 0.131) + 0.0081 
F c = 0.640424u4 - 0.89717w tb + 0.4615 t to + 0.655317 

F t = ((0.27 - t w ) /0. 12)0. 12739 (-0.96 + \/3.32 + 94.6788w tb - (w t6 /0.08344) 2 ) 

- 2.7545u 4 + 5.1799w tb - 0.2683 
F vh = 0.25sin(5.236w tb ) + 0.325 

for beam bending, chord bending, torsion, and spar cap vertical/horizontal bending. The ideal shape for 
torsional stiffness is a tube of radius t w , so the torsional stiffness J = F T A tb t 2 w /A. The ideal shape for 
chord bending is two caps c tb apart, so Ictb = Fc^tbC 2 b /A. The ideal shape for beam bending is two caps 
t w apart, so I risp = F v h A m ,t 2 r / \ and I B tb = FsA th f^/4. The torque box cross-sectional area is obtained 
from the wing torsion frequency; 


GJ — j ~ ^ fiiv U) a ttach) 2 ^^tip^*pylon 

A t b = AGJ/iGthFTth,) 
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It is assumed that between the points of attachment to the fuselage, the torque box is very stiff in torsion, 
but does deflect in bending. So the effective length is ±(b w — w a ttach) for torsion, and \ b w for bending. 
The spar cap cross-sectional area (in addition to torque box material) is obtained from beam and chord 
bending frequencies: 

EIc = (wcil) 2 7 ^ w -Mtip/mode 

EIb = (wsfl) 2 —b\ l, -Mtip/mode 

Elctb = E tb FcA tb c bb /A 
EIcsp = EIc — Elctb 
A-Csp = EIcsp! (E ap C tb / 4) 

Elstb = E tb F B At b t 2 w l\ 

EIvh = E sp F VH Ac S pt 2 w /4, 

EIbs P = EI b ~ Elstb — EI VH 
Abs P = EIbsp I (E sp t w /4) 

EI sp = EI V h + EI Bsp 

A S p = Acsp T A B sp 

where EI Cs p and EI Bsp are replaced by zero if negative (no additional spar material required). The factor 
/mode = 1 — /tip is a mode shape correction for fuselage motion. Next the primary structure, fairing, 
flap, and fitting weights are calculated as before; and the sum fT W i ng = Wp r ; m + Wf a i r + 14/ ap + W & t . 
Additional spar cap material for a jump takeoff condition is obtained from the ultimate applied bending 
moment at the wing root: 

M v = T cap f„,( 0.75(1 - /tip) - 0.375(£ w /b w )(W wins /W SD )) 

where T cap is the maximum thrust capability of one rotor, equal to the greater of njunipiTsvj/AWor or 
(Ct / cr) pAhVft. (from an input ('t/v at the jump takeoff condition, sea level standard, and hover rotor 
speed) . The bending moment capacity of the wing is 


M tb = 2EI B tb^u /t w 
M sp = 2 C m I sp 6 u / / w 

Then the additional cross-section area is obtained from the moment deficit: 

AM = Mu- ( M tb + M sp ) 

A A sp = 2A M/(euE sp t w ) 

AITgpar Cj AA sp p sp b w j c sp 

where AM is replaced by zero if negative (no additional spar material required). If AW spar is positive, it 
is added to 4T spar , and the primary structure, fairing, flap, and fitting weights are recalculated. Parameters 
are defined in table 27-1 , including units as used in these equations. Here a consistent mass-length-time 
system is used, producing Wb OX and W spar in slug or kg. Typically the input uses conventional English 
units for density (lb/in 3 ) and modulus (lb/in 2 ). 
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Table 27-1. Parameters for tiltrotor wing weight. 


parameter 

definition 

units 

H box i i l 'spar 

wing torque box and spar weights 

slug or kg 

WsD 

structural design gross weight 

lb 

(Ct/o) jump 

rotor maximum thrust capability (jump takeoff) 


^jump 

load factor at Wsd (j um P takeoff) 


N rotor 

number of rotors 


&w 

wing span (length of torque box) 

ft or m 

W fus 

wing length (span less fuselage width) 

ft or m 

C-w 

wing chord 

ft or m 

Wtb 

torque box chord to wing chord ratio 


Ctb — yJtbCw 

torque box chord 

ft or m 

1~w 

wing airfoil thickness-to-chord ratio 


t w — ^~w^w 

wing thickness 

ft or m 

T pylon 

pylon radius of gyration (pitch inertia = r 2 ylon M tip ) 

ft or m 

n 

rotor speed for wing weight design condition 

rad/sec 

UJt 

wing torsion mode frequency (fraction rotor speed) 

per rev 

ujb 

wing beam bending mode frequency (fraction rotor speed) 

per rev 

LOC 

wing chord bending mode frequency (fraction rotor speed) 

per rev 

Ptb 

density of torque box material 

slug/ft 3 or kg/m 3 

Psp 

density of spar cap material 

slug/ft 3 or kg/m 3 

Gtb 

torque box shear modulus 

lb/ft 2 or N/m 2 

E t b 

torque box modulus 

lb/ft 2 or N/m 2 

Esp 

spar modulus 

lb/ft 2 or N/m 2 

f-u 

ultimate strain allowable (minimum of spar and torque box) 


c t 

weight correction for spar taper (equivalent stiffness) 


Cj 

weight correction for spar taper (equivalent strength) 


Cm 

strength correction for spar taper (equivalent stiffness) 


&tb 

structural efficiency factor, torque box 


c-sp 

structural efficiency factor, spars 


t^fair 

unit weight of leading and trailing-edge fairings 

lb/ft 2 or kg/m 2 

^/flap 

unit weight of control surfaces 

lb/ft 2 or kg/m 2 

*$fair 

area of leading and trailing-edge fairings 

ft 2 or m 2 

*^flap 

area of control surfaces 

ft 2 or m 2 

/fit 

wing fittings and brackets (fraction maximum thrust of one rotor) 

/fold 

wing fold/tilt (fraction total weight excluding fold, including weight on tips) 

^attach 

width of wing structural attachments to body 

ft or m 

U e xt 

unit weight of wing extension 

lb/ft 2 or kg/m 2 

$ext 

area of wing extensions (span b ex t times mean chord c ex t) 

ft 2 or m 2 

/e fold 

wing extension fold/tilt (fraction extension weight) 
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27-1.2 Aircraft Wing 


There are two models intended for the wing of a compound helicopter: area method and parametric 
method. For the area method (based on weight per unit area), the total wing weight excluding folding 
is: 

U ? wing Ijyi 


Typically U w 
folding is: 


/"prim 1 /fair /flap /fit 

= 5 to 9 lb/ft 2 . For the parametric method (AFDD93), the total wing weight including 


'aiwing — 5.6641 1 /lgio 


Wsd 


1000 cos A„ 


0.847 


„0. 39579 cO-21754^0. 50016 


((1 + AJ/rJ 0 - 09359 (1 - 5f old ) 


-0.14356 


,/prim — 1 /fair /flap /fit /fold 

where /lgioc = 1.7247 if the landing gear is on the wing, and 1.0 otherwise. Based on 25 fixed-wing 
aircraft, the average error of the aircraft wing equation is 3.4% (fig. 27-1). Then the primary structure, 
secondary structure, and control surface weights are: 

ITprim — Xprim/prim^wing 
Unfair = Xfair/fair^wing 
ITflap — Xflap/flap^wing 

fffit Xfit /fit rawing 

Unfold = Xfold /fold rawing 

The wing extension weight is: 

r^ext = *5*extf/ext fPext = Xext^ext 


Refold — /e foldB^ext Unfold — Xefold Refold 

and these terms are added to TT pr i m and Wf 0 id • Parameters are defined in table 27-2, including units as 
used in these equations. 


Table 27-2. Parameters for aircraft wing weight. 


parameter 

definition 

units 

s w 

wing planform area (theoretical) 

ft 2 

u w 

unit weight of wing planform 

lb/ft 2 or kg/m 2 

Wsd 

structural design gross weight 

lb 

n z 

design ultimate flight load factor at Wsd 

g 

A w 

wing sweep angle 

deg 

A w 

wing aspect ratio 


A w 

wing taper ratio (tip chord/root chord) 


7 ~w 

wing airfoil thickness-to-chord ratio 


frfold 

fraction wing span that folds (0 to 1) 


/fair 

fairings (fraction total wing weight) 


/flap 

control surfaces (fraction total wing weight) 


/fit 

fittings (fraction total wing weight) 


/fold 

fold/tilt (fraction total wing weight) 


fext 

unit weight of wing extension 

lb/ft 2 or kg/m 2 

*5ext 

area of wing extensions (span b ext times mean chord c ex t) 

ft 2 

fe fold 

wing extension fold/tilt (fraction extension weight) 
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27-2 Rotor Group 

The rotor group consists of: blades, hub and hinge, spinner, and blade fold structure. The blade 
and hub-hinge weights for the AFDD82 model are: 

W hlade = 0.02606A rotor Ar b ° la 6 | e 92 R 1 3371 C° 9959 V t % 6682 ^? Wblade = Xblade«Made 

U>hub = 0. 003722 A rotor A b ff®° 7 i? 1 ' 5377 F t i p 4290 r' bu 1 b 414 (Wbi ad e/iV r otor ) 0 ' 5505 W hub = Xhub^hub 

Based on 37 aircraft, the average error of the blade equation is 7.7% (fig. 27-2). Based on 35 aircraft, 
the average error of the hub equation is 10.2% (fig. 27-3). The blade and hub-hinge weights for the 
AFDDOO model are: 

wu.de = 0. 0024419/tilt iV ro toriV b i a | 479 i? 1 ’ 74231 C 0 ' 77291 T^jp 87562 r' b i a ^g 48 W blade = Xblade^blade 

w huh = 0.0061182 A rotor A b [ 2 ^ 9 ^ 3 7? 9 ' 6049 ^V^ 9 p^ 2893 r' b ^ b ^ 21 ^(lT b i a de /Arotor)^ Whub = Xhub^ub 


where f t nt = 1.17940 for tilting rotors; 1.0 otherwise. Based on 51 aircraft, the average error of the blade 
equation is 7.9% (fig. 27-4) and the average error of the hub equation is 12.2% (fig. 27-5). This equation 
for hub weight was developed using the actual blade weight. Using the blade weight equation instead 
gives 

n 1 QQ^n AT /vrO. 16383 o0.19937t t- 0.06171 0.46203 / /tvr \ 1.02958 

^hub — U. loo l U -/V ro t or ’blade M;ip ^hub (^blade/-* ’rotor) 


= 0.00037547/ t 4 i° 2958 A rotor 


/\r0. 71443 
Jv b lade 


pi. 99321 n.79577T/0. 96323, ,0.46203 
K c V tip "hub 


,,2.58473 

^blade 


which really just adds chord and / ti i t to the regression parameters. Based on 51 aircraft, the average 
error of this equation is 9.2% (fig. 27-5). For teetering and gimballed rotors, the flap frequency v should 
be the coning frequency. Thus using the blade weight equation results in a lower average error, and 
best represents legacy rotor systems. The hub weight equation using the actual blade weight is best for 
advanced technology rotors with blades lighter than trend. 


The fairing/spinner and blade fold weights are: 


Wspin = Xspin 7.386A rotor U 2 pi: 

IFfold = Xfold ./fold If bbide 


The blade weight is for all blades of the rotors. If the weight is evaluated separately for each rotor, then 
Wotor = 1 should be used in the equations. Typically /f 0 i d = 0.04 for manual fold and /f 0 i d = 0.28 for 
automatic fold. Parameters are defined in table 27-3, including units as used in these equations. The 
rotor support and duct weights are: 


Wsupt = Xsupt/suptiFMTO 

11/] uct = Xduot. A/otor 5'duct U ( | nc t 
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Table 27-3. Parameters for rotor weight. 


parameter 

definition 

units 

-^rotor 

number of rotors 


-^blade 

number of blades per rotor 


R 

rotor radius in hover 

ft 

c 

rotor mean geometric blade chord 

ft 

v tip 

rotor hover tip velocity 

ft/sec 

^blade? ^hub 

flap natural frequency (for weight estimate) 

per rev 

^spin 

spinner diameter 

ft 

/fold 

blade fold weight (fraction total blade weight) 


Wmto 

maximum takeoff weight 

lb 

/supt 

rotor support structure weight (fraction maximum takeoff weight) 


d/duct 

unit weight of duct 

lb/ft 2 or kg/m 2 

^duct 

area of duct 

ft 2 or m 2 


27-2.1 Lift-Offset Rotor 

For lift-offset rotors, the blade and hub weights can be calculated based on the methodology of 
reference 3. The blade weight is estimated based on the beam stiffness required to maintain the clearance 
s when the blade is loaded by the lift offset. The blade tip deflection is proportional to 6 oc PR 3 /El, 
where El is the bending stiffness. The beam loading is P oc n z WsDL/N Uei(ie . With A xs the blade 
cross-section area, the moment of inertia I oc A xs t 2 . The criterion is S = h — s. Hence the blade weight 
is Wbiade oc pN h \ ade RA xs oc ( p/E)n z WsDLR 4 /(t 2 (h - s)) with E the elastic modulus, and p here the 
material density. The hub weight is estimated based on the structure in upper and lower hub plates 
required to react a tensile force F = C cent + Afh Mld / (x /2) due to combined centrifugal force and bending 
moment at the root; where the hub plate separation x scales with the blade thickness t. The centrifugal 
force C cent a {W h \ aAe / N^^V 2 ^/ R. The bending moment M hend oc h z WsdR- The limit tensile stress 
a oc F/A xs gives a criterion for the total hub arm area A xs . The radius of the hub t scales with the blade 
thickness t. Hence the hub weight is W hu b oc pN Uade iA xs oc (p/a){Wu ade V t 2 ip t/R + Kn z W SD RN hla .de) ■ 
The distribution factor K is determined from the calibration weights. The inter-rotor shaft weight 
is estimated based on the structure to react the hub moment caused by lift offset. The hub moment 
M oc u z WsdLR. The shaft diameter d scales with the blade thickness t. The shaft length l scales with 
the rotor separation h. The ultimate bending stress a = M/(I/c) gives a criterion for the area moment 
//c oc d 2 w, hence for the shaft wall thickness w. Then W s h a ft oc pldw oc ( p/a)n z WsDLRh/t is the shaft 
weight. 

The blade, hub-hinge, and inter-rotor shaft weights are: 

rdblade = Nrotox 0.000083770 wL R / (2 (h — s)t 2 /j) ITblade = Xblade^blade 

Whub = Arotor (0.17153 W RN h lade + 0.000010534(W bla de/A r rotor)L t ? p f. 2K /7?) W hub = Xhub^hub 

Wshaft = Arotor 0.081304 wL R 2 2h/t,2R Id's h a ft — Xshaft^shaft 


/ 0.8 + 0.2A\ 
\0.5 + 0.5A ) 


where w = ti z Wsd/ 1000, and 


t.2R = T.2RC 
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is the blade thickness at 20 %R. These equations were developed for the coaxial rotor configuration 
(iVrotor = 2), and calibrated to the XH-59A weights. The material factors {p/E and p/a) are included in 
the technology factors %. These weight terms can be used separately, with other hub and blade weight 
models. Parameters are defined in table 27-4, including units as used in these equations. 


Table 27-4. Parameters for lift-offset rotor weight. 


parameter 

definition 

units 

-^rotor 

number of rotors 


-^blade 

number of blades per rotor 


Wsd 

structural design gross weight 

lb 

n z 

design ultimate flight load factor at Ws d 

g 

A 

blade taper ratio (tip chord/root chord) 


t .2R 

blade airfoil thickness-to-chord ratio (at 20 %R) 


R 

rotor radius 

ft 

c 

blade mean chord 

ft 

h 

coaxial rotor separation (fraction rotor diameter) 


s 

coaxial rotor tip clearance (fraction rotor diameter) 


L 

lift offset (M rol] /TR.) 


Hip 

rotor hover tip velocity 

ft/sec 


27-3 Empennage Group 

The empennage group consists of: horizontal tail, vertical tail, and tail-rotor. The tail plane weight 
consists of the basic structure and fold structure. There are two models for tail plane basic weight: area 
method and parametric method. For the area method (based on weight per unit area), the weight is 
TTtaii = >9 ta ii Ft.aii • The parametric weight model depends on the aircraft configuration. The helicopter 
or compound model is AFDD82. The horizontal tail weight is: 

tiltrotor or tiltwing W ht = x/ lt S'/ lt (0.00395S'° t 2 V' d ive - 0.4885) 

helicopter or compound W ht = X ht0.7176S} lt 1881 A° ht 3173 

Based on 13 aircraft, the average error of the helicopter horizontal tail equation is 22.4% (fig. 27-6). 
The vertical tail weight is: 

tiltrotor or tiltwing W vt = x«i6 , .u t (0.00395S'° t 2 V r d i ve - 0.4885) 

helicopter or compound W vt = x«tl-0460/ tr S'° t 9441 A°j 5332 

where / tr = 1.6311 if the tail-rotor is located on the vertical tail; 1.0 otherwise. Based on 12 aircraft, the 
average error of the helicopter vertical tail equation is 23.3% (fig. 27-7). F^ve is the design dive speed, 
calculated or input; l/ d ; ve = 1 .25y max , where li„ ;ix is the maximum speed at design gross weight and sea 
level standard conditions. The fold weight is a fraction of the basic weight: Wf ol<i - Xfoid/foidBbasio 
where W basic = W ht or W vt . 

The tail-rotor weight is: 


W tr = Xtrl.3778 R° tr 0897 (P D sii m itR/V tip ) 0 - S951 
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Based on 19 aircraft, the average error of the helicopter tail-rotor equation is 16.7% (tig. 27-8). The 
tail-rotor weight is calculated by the rotor component model, including rotor support and duct weights. 
Rotor weight models can be used for the tail-rotor. Parameters are defined in table 27-5, including units 
as used in these equations. 


Table 27-5. Parameters for tail weight. 


parameter 

definition 

units 

S ht 

horizontal tail planform area 

ft 2 

s vt 

vertical tail planform area 

ft 2 

Aht 

horizontal tail aspect ratio 


A-vt 

vertical tail aspect ratio 


Vdive 

design dive speed at sea level 

kts 

R tr 

tail-rotor radius 

ft 

P Delimit 

drive system power limit (MCP) 

hp 

R 

main-rotor radius in hover 

ft 

Hip 

main-rotor hover tip velocity 

ft/sec 

/fold 

fold (fraction basic weight excluding fold) 


Hail 

horizontal or vertical tail planform area 

ft 2 or m 2 

t^tail 

unit weight of tail planform 

lb/ft 2 or kg/m 2 


27-4 Fuselage Group 

The fuselage group consists of: basic structure; wing and rotor fold/retraction; tail fold/tilt; and 
marinization, pressurization, and crashworthiness structure. The AFDD84 model is a universal body 
weight equation, used for tiltrotor and tiltwing as well as for helicopter configurations. The AFDD82 
model is a helicopter body weight equation, not used for tiltrotor or tiltwing configuration. 

For the AFDD84 (UNIV) model, the basic structure weight is 

/ TT/ - \ 0-4879 / t t t \ 0.2075 

_ OK 41 t f f I W MTO \ (n z VVSD\ CO. 1676 t/ 0 . 1512 

w basic ^0ALJlG\ocJ LG ietJianip I pQQQ I l 1000 / '-’body " 

W'b asic — Xbasic^basic 

where ,/lgioc = 1.1627 if the landing gear is located on the fuselage, and 1.0 otherwise; fLGiet = 1-1437 
if the landing gear is on the fuselage and retractable, and 1.0 otherwise; / ra mp = 1-2749 if there is a cargo 
ramp, and 1.0 otherwise. Based on 35 aircraft, the average error of the body equation is 6.5% (fig. 27-9). 
The tail fold, wing and rotor fold, marinization, pressurization, and crashworthiness weights are: 

rCtfokl — //fold Iff Hi I litfold = Xtfold V'tfold 

d'wfold — /wfold(Rwing T R/ip ) H'wfold — Xwfold^wfold 

d-’niar — /marlTbasic R/nar — Xmar^mar 

Wpress /press Rbasic Repress Xpress^Cpress 

Wcw — /cw(R 7 basic T R/fold 7 ITwfold T R/nar 7 Repress) IRcw = Xcw^cw 

Typically / t f 0 id = 0.30 for a folding tail, and / cw = 0.06. For wing folding the weight on the wing tip 
(R’ t ip) is required (calculated as for the wing group). Parameters are defined in table 27-6, including 
units as used in these equations. 
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Table 27-6. Parameters for fuselage weight (AFDD84 model). 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

Wsd 

structural design gross weight 

lb 

■5'body 

wetted area of body 

ft 2 

R 

main-rotor radius 

ft 

n z 

design ultimate flight load factor at Wsd 

g 

i 

/tfold 

/wfold 

Wtail 

ITwing + ITtip 

/mar 

/press 

few 

length of fuselage 

tail fold weight (fraction tail weight) 

wing and rotor fold weight (fraction wing/tip weight) 

tail group weight 

wing group weight plus weight on wing tip 
marinization weight (fraction basic body weight) 
pressurization (fraction basic body weight) 
crashworthiness weight (fraction fuselage weight) 

ft 


For the AFDD82 (HELO) model, the basic structure weight is 

/ TT7- \ 0.4908 

„„ —KQQaf ( WMT0\ 0.1323 cO. 2544 /?0. 6100 

w basic — 5-89b/ r amp I ^qqq J n z ‘-’body " 

Phbasic Xbasic^basic 

where / ramp = 1.3939 if there is a cargo ramp, and 1.0 otherwise. Based on 30 aircraft, the average error 
of the body equation is 8.7% (fig. 27-10). The tail fold, wing and rotor fold, marinization, pressurization, 
and crashworthiness weights are: 

b’tfold = /tfold Wbasic ITtfold = Xtfold d'tfold 

V wfold — /wfold ( IFbasic T fbtfold) H wfold = Xwfold^wfold 

rdniar /mar ITbasic ITmar XmarUJmar 

repress /"press Ffbasic FFpress — Xpress^Cpress 

d'cw — few ( il basic T H tfold T ITwfold T U ninr T llpress ) ll "c W — Xew d-Vw 

Typically /tfoid = 0 05 for a folding tail, and / cw = 0.06. Parameters are defined in table 27-7, including 
units as used in these equations. 


Table 27-7. Parameters for fuselage weight (AFDD82 model). 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

^body 

wetted area of body 

ft 2 

R 

main-rotor radius 

ft 

n z 

design ultimate flight load factor at Wsd 

g 

£ 

/tfold 

/wfold 

/mar 

/press 

/cw 

length of fuselage 

tail fold weight (fraction basic structure) 

wing and rotor fold weight (fraction basic structure and tail fold) 
marinization weight (fraction basic body weight) 
pressurization (fraction basic body weight) 
crashworthiness weight (fraction fuselage weight) 

ft 
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27-5 Alighting Gear Group 


The alighting gear group consists of: basic structure, retraction, and crashworthiness structure. 
There are two models, parametric (AFDD82) and fractional. The basic landing gear weight is: 

parametric w LG = 0A013W^% 2 N° L ^ 6 °(W/S) 01525 

fractional w LG = JlgWmto 

and Wlg = Xlgwlg • Typically f LG = 0.0325 (fractional method). Based on 28 aircraft, the average 
error of the parametric equation is 8.4% (tig. 27-11). The retraction and crashworthiness weights are: 

WLGret = f LGretW LG IPLGret = XLGretWLGret 

WlGc-w = /LGcw(ffLG + WLGret) WlG cw — X.LGcwW LGcw 

Typically fLGret = 0.08, and /lgcw = 0.14. Parameters are defined in table 27-8, including units as used 
in these equations. 


Table 27-8. Parameters for landing gear weight. 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

Jlg 

landing gear weight (fraction maximum takeoff weight) 


w/s 

wing loading (1.0 for helicopter) 

lb/ft 2 

N lg 

number of landing gear assemblies 


f LGret 

retraction weight (fraction basic weight) 


f LGcw 

crashworthiness weight (fraction basic and retraction weight) 



27-6 Engine Section or Nacelle Group and Air Induction Group 

The engine section or nacelle group consists of: engine support structure, engine cowling, and 
pylon support structure. The weights (AFDD82 model) are: 

Wsupt = XsuptO. 0412(1 - /airi„d)(We„g/N eng ) 1 ' 1433 A e 1 n f 32 
IFcowi = Xcowi0.2315^ a 3476 

IFpylon X pylon /pylon ITm TO 

Based on 12 aircraft, the average error of the engine support equation is 1 1.0% (fig. 27-12). Based on 
12 aircraft, the average error of the engine cowling equation is 17.9% (fig. 27-13). The air induction 
group weight (AFDD82 model) is: 

ITairind = XairindO -041 2/ airind ( W en g / -/V eng ) 1 • 1433 IV ^ 3762 

Typically / a i rind = 0.3 (range 0.1 to 0.6). Based on 12 aircraft, the average error of the air induction 
equation is 11.0% (fig. 27-14). Parameters are defined in table 27-9, including units as used in these 
equations. 
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Table 27-9. Parameters for engine section, nacelle, and air induction weight. 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

W e ng 

weight all main engines 

lb 

Neng 

number of main engines 


Sn&c 

wetted area of nacelles and pylon (less spinner) 

ft 2 

/airind 

air induction weight (fraction nacelle plus air induction) 


/pylon 

pylon support structure weight (fraction Wmto ) 



27-7 Propulsion Group 

The propulsion group consists of the engine system, fuel system, and drive system. 

27-7.1 Engine System 

The engine system consists of the main engines, the engine exhaust system, and the engine acces- 
sories. The engine system weights are: 

engine group: jet group: 

ITeng = Xeng AengfPone eng H' erig = Xjet Ajet H one jet 

ITexh — Xexh Aeng(4foexh T L| exb P) 1'1'exh — XexhAjet (A()exh T A 1 exhT) 

W acc = Xacc2.0088/ lub (W eng /7V eng )°- 5919 iV™ 

where /i ub = 1.4799 if the accessory weight includes the lubrication system weight, 1.0 if the lubrication 
system weight is in the engine weight. The exhaust system weight is per engine, including any infrared 
suppressor. The accessory weight equation is the AFDD82 model. Based on 16 aircraft, the average error 
of the accessories equation is 11.5% (fig. 27-15). The engine system weight W E s = W eng + W exh + W acc . 
Parameters are defined in table 27-10, including units as used in these equations. 


Table 27-10. Parameters for engine system weight. 


parameter 

definition 

units 

N 

1 v eng 

number of main engines 


Ajet 

number of jets 


P 

installed takeoff power (SLS static, specified rating) per engine 

hp 

T 

installed takeoff thrust (SLS static, specified rating) per jet 

lb 

K Oexh i K lexh 

engine exhaust weight vs. power or thrust, constants 



27-7.2 Propeller/Fan Installation 

The auxiliary propulsion or propeller weight is: 

AFDD82 W at = Xat0M09484N at T^ t 04771 (T at /A at )-° 07821 

AFDD 10 W at = x at 9.90350A at P a 0 t 91996 A bla 0 d t 8 5 78 fi p -° op 4 5! 
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where T at is at maximum speed, design gross weight, and SLS conditions, calculated or input. The 
material factor f m = 1 for composite construction; 1 .20 for wood; 1 .3 1 for aluminum spar; and 1 .44 for 
aluminum construction. Based on 16 aircraft, the average error of the AFDD10 equation is 10.5%. The 
propeller weight is calculated by the rotor component model, including rotor support and duct weights. 
Rotor weight models can be used for the propeller. Parameters are defined in table 27-11, including 
units as used in these equations. 


Table 27-11. Parameters for propeller weight. 


parameter 

definition 

units 

N at 

number of auxiliary thrusters 


T a t 

thrust per propeller 

lb 

-A-at 

auxiliary thruster disk area 

ft 2 

Pat 

power per propeller 

hp 

-^blade 

number of blades per propeller 


^prop 

propeller rotation speed at P at 

rpm 

-^prop 

propeller diameter 

ft 


27-7.3 Fuel System 

The fuel system consists of tanks and support structure (including fuel tanks, bladders, supporting 
structure, filler caps, tank covers, and filler material for void and ullage), and fuel plumbing (including 
fuel system weight not covered by tank weight). There are two models for tank weight, parametric 
(AFDD82) and fractional. The fuel system weights (AFDD82 model) are: 

Wtank = XtankO.dSdlC ^ 717 ^ 5897 /^/^ 9491 

fFplumb = Xplumb [f^Oplumb + A'l p l U mb(0.01 A p i umb + 0.06A eng ) (F/A eng ) 0 - 866 ] 

where / cw = 1.3131 for ballistically survivable (UTTAS/AAH level) and 1.0 otherwise. The ballistic 
tolerance factor f ht = 1.0 to 2.5. Based on 15 aircraft, the average error of the fuel tank equation is 4.6% 
(fig. 27-16). The fuel flow rate F is calculated for the takeoff power rating at static SLS conditions. 
Afipiumb is a crashworthiness and survivability factor; typically AT p i U mb = 2. A'o p i U mb is the sum of 
weights for auxiliary fuel (typically up to 120 lb), in-flight refueling (up to 150 lb), pressure refueling 
(up to 150 lb), inerting system (up to 20 lb), etc.; typically AT 0plumb = 50 to 250 lb. Alternatively, for the 
fractional model the fuel tank weight is Wt „„ w = Xtank /tank ITfuei-cap ■ Parameters are defined in table 
27-12, including units as used in these equations. 


Table 27-12. Parameters for fuel system weight. 


parameter 

definition 

units 

N int 

number of internal fuel tanks 


a„t 

internal fuel tank capacity 

gallons 

fbt 

ballistic tolerance factor 


Aplumb 

total number of fuel tanks (internal and auxiliary) for plumbing 


N 

1 v eng 

number of main engines 


-^-Oplumb? -^vLplumb 

plumbing weight, constants 


F 

fuel flow rate 

lb/hr 

/tank 

fuel tank weight (fraction fuel capacity) 
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27-7.4 Drive System 


The drive system consists of gear boxes and rotor shafts, drive shafts, and rotor brake. This 
distribution of drive system weights is based on the following functional definitions. Gearboxes are 
parts of the drive system that transmit power by gear trains, and the structure that encloses them. Rotor 
shafts are the structure (typically a shaft) that transmits power to the rotor. Drive shafts are the structure 
(typically a shaft) that transmits power in the propulsion system, but not directly to the rotor or by a gear 
train. The rotor brake weight encompasses components that can prevent the rotor from freely turning. 
The gear box and rotor shaft weights for the AFDD83 model are: 


w gbrs = 57.72P^ > g} ! ^ it fQ 0680 N 9 ^ 0663 (fi eng /1000)° 0369 /fi 9 o 93 J 9 

W^gb = Xgb(l fr s) Wgbrs 


y^rs XrsfrsWgbrs 


Based on 30 aircraft, the average error of the gear box and rotor shaft equation is 7.7% (fig. 27-17). The 
gear box and rotor shaft weights for the AFDD00 model are: 


76S4 N °- 38553 p0. 78137 q' 
Wgbrs ~ UO. / DO^iv ro tor *DS limit < 


0.09899 

eng 


/q0. 80686 
/ a ^rotor 


"W gb — Xgb{ 1 frs)Wgb rs 


w rs 

— Xrsfrs^Vgbrs 


Based on 52 aircraft, the average error of the gear box and rotor shaft equation is 8.6% (fig. 27-18). 
Typically f rs = 0.13 (range 0.06 to 0.20). Parameters are defined in table 27-13, including units as used 
in these equations. 


The drive shaft (AFDD82 model) and rotor brake weights are: 

W ds = xa s 1.166 gS: it i O b 455 C 9O9 (0.01/r) 0 ' 2693 
W rb = x r b0. 000871 Wbi ade (0.01Fti P ) 2 

where f P = /gfl 0 ther/D m am- Based on 28 aircraft, the average error of the drive shaft equation is 16.0% 
(fig. 27-19). Based on 23 aircraft, the average error of the rotor brake equation is 25.1% (fig. 27-20). 
The clutch weight in the weight statement is associated with an auxiliary power unit, and is a fixed input 
value. The conventional rotor drive system clutch and free wheeling device weights are included in the 
gear box and rotor shaft weight equations. Parameters are defined in table 27-14, including units as used 
in these equations. 


Typically f P = fq = 60% for twin main-rotors (tandem, coaxial, and tiltrotor); for a single main- 
rotor and tail-rotor, /q = 3% and f P = 15% (18% for 2-bladed rotors). 


Table 27-13. Parameters for drive system weight. 


parameter 

definition 

units 

-^DSlimit 

drive system power limit (MCP) 

hp 

N rotor 

number of main-rotors 


^gb 

number of gear boxes 


f^rotor 

main-rotor rotation speed 

lpm 

f2 e ng 

engine output speed 

lpm 

/q 

second (main or tail) rotor torque limit* 

% 

frs 

rotor shaft weight (fraction gear box and rotor shaft) 



*input as fraction of total drive system torque limit 
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Table 27-14. Parameters for drive shaft and rotor brake weight. 


parameter 

definition 

units 

QoSlimit 

N ds 

Tbsiimit/flrotor (MCP) 

number of intermediate drive shafts 

hp/ipm 

•Chill, 

length of drive shaft between rotors 

ft 

fp 

second (main or tail) rotor power limit* 

% 

Vf ip 

main-rotor tip speed 

ft/sec 


*input as fraction of total drive system power limit 


27-8 Flight Controls Group 

The flight controls group consists of cockpit controls, automatic flight control system, and system 
controls. W cc and W a f cs weights are fixed (input). System controls consist of fixed wing flight controls, 
rotary wing flight controls, and conversion (rotor tilt) flight controls. The weight equations model 
separately non-boosted controls (which do not see aerodynamic surface or rotor loads) , boost mechanisms 
(actuators), and boosted controls (which are affected by aerodynamic surface or rotor loads). The load 
path goes from pilot, to cockpit controls, to non-boosted controls, to boost mechanisms, to boosted 
controls, and finally to the component. 

Fixed wing flight controls consist of non-boosted flight controls and flight control boost mechanisms . 
The weights are: 


full controls w = 0.91000 W^f TO 

only stabilizer controls w = 0.01 735 l'F?/ro 45 5^ t 40952 


and then 

WFWnb = XFWnbf FWnb W 
WpWmb = XFWmbiX — fFWnb) W 

For a helicopter, the stabilizer control equation is used. Parameters are defined in table 27-15, including 
units as used in these equations. 


Table 27-15. Parameters for fixed wing flight control weight. 


parameter 

definition 

units 

s ht 

horizontal tail planform area 

ft 2 

Wmto 

maximum takeoff weight 

lb 

fFWnb 

fixed wing non-boosted weight 

(fraction total fixed wing flight control weight) 



Rotary wing flight controls consist of non-boosted flight controls, flight control boost mechanisms, 
and boosted flight controls. The non-boosted flight control weight (AFDD82 model) is: 

fraction method W R wnb = XRWnbfnwnb{ 1 — fRWh y d)wf c 

parametric method W RW nb = XRWnb^^785f nbsv W^ 3 ^ 9 N^ 5 
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where f n b sv = 1-8984 for ballistically survivable (UTTAS/AAH level); 1.0 otherwise. The parametric 
method assumes the rotor flight controls are boosted and computes the weight of the non-boosted portion 
up to the control actuators. Based on 20 aircraft, the average error of the non-boosted flight controls 
equation is 10.4% (fig. 27-21). The flight control boost mechanism weight and boosted flight control 
weight (AFDD82 model) are: 

fc = 0.2873y m 5 sv (i^r 0tor l^b lade )^ 

Wnwmb = XRWmb{ 1 — fnWhyd)wf c 

lF Wb = xw 6 0.02324/ bs „(A roto Wbiad e ) 1 - 0042 ^ r 0 oto\ 55 c 2 - 2296 (0.01l4ip) 31877 

where f m bsv = 1.3029 and f bsv = 1.1171 for ballistically survivable (UTTAS/AAH level); 1.0 otherwise; 
and fRWied = 1-0 to 3 . 0 . Typically fawnb = 0.6 (range 0.3 to 1 . 8 ); fnwhyd = 0 . 4 . Based on 21 aircraft, 
the average error of the boost mechanisms equation is 6.5% (fig. 27-22). Based on 20 aircraft, the 
average error of the boosted flight controls equation is 9.7% (fig. 27-23). Parameters are defined in table 
27-16, including units as used in these equations. 


Table 27-16. Parameters for rotary wing flight control weight. 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

A/otor 

number of main-rotors 


Ablade 

number of blades per rotor 


C 

rotor mean blade chord 

ft 

Utip 

rotor hover tip velocity 

ft/sec 

f RWnb 

rotary wing non-boosted weight (fraction boost mechanisms weight) 


fRWhyd 

rotary wing hydraulics weight 

(fraction hydraulics plus boost mechanisms weight) 


f RWred 

flight control hydraulic system redundancy factor 



The conversion controls consist of non-boosted tilt controls, and tilt control boost mechanisms; 
they are used only for tilting rotor configurations. The weights are: 

WCVmb = fcVmbWMTO WcVmb = XCVmbWCVmb 

WcVnb = fcVnbWcVmb WcVnb = XCVnbWcVnb 

Parameters are defined in table 27-17 , including units as used in these equations. 


Table 27-17. 

Parameters for conversion control weight. 


parameter 

definition 

units 

Wmto 

fcVnb 

fcVmb 

maximum takeoff weight 

conversion non-boosted weight (fraction boost mechanisms weight) 
conversion boost mechanisms weight (fraction maximum takeoff weight) 

lb 


27-9 Hydraulic Group 


The hydraulic group consists of hydraulics for fixed wing flight controls , rotary wing flight controls , 
conversion (rotor tilt) flight controls, and equipment. The hydraulic weight for equipment, WsQhud, is 
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fixed (input). The weights (AFDD82 model) are 
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UpWhyd = XFWhydf FWhydWFWmb 
IFflWhyd = XRWhydf RWhydWfc 
l^CFhyd = XCF\iydfcV\iydWcVmb 

Typically ,/^vnhyd = 0.4. Parameters are defined in table 27- 1 8, including units as used in these equations. 


Table 27-18. 

Parameters for hydraulic group weight. 


parameter 

definition 

units 

f FWhyd 
JrW hyd 

fcV hyd 

fixed wing hydraulics weight (fraction boost mechanisms weight) 
rotary wing hydraulics weight 

(fraction hydraulics plus boost mechanisms weight) 
conversion hydraulics weight (fraction boost mechanisms weight) 



27-10 Anti-Icing Group 


The anti-icing group consists of the anti-ice system. The electrical system for anti-icing is part of 
the electrical group. The weights are obtained from the sum over all rotors, all wings, and all engines: 

H /J / elect. — X D / elect E ^elec-^blade 

W^DIsys = X-DIsys (£ ^rotor-^blade H - ^ ^ ^wing^wing H - ^ ^ ^air^eng H - E ^jetlTjet^ 

Parameters are defined in table 27-19, including units as used in these equations. 


Table 27-19. Parameters for anti-icing group weight. 


parameter 

definition 

units 

-^blade 

total blade area of rotor, from geometric solidity 

ft 2 or m 2 

P • 
*-wing 

wing length (wing span less fuselage width) 

ft or m 

Select 

electrical system weight factor 


h 

A, rotor 

rotor deice system weight factor 


h ■ 

'''wing 

wing deice system weight factor 


^air 

engine air intake deice system weight factor 


fcjet 

jet air intake deice system weight factor 



27-11 Other Systems and Equipment 


The following weights are fixed (input) in this model: auxiliary power group; instruments group; 
pneumatic group; electrical group (aircraft); avionics group (mission equipment); armament group 
(armament provisions and armor); furnishing and equipment group; environmental control group; and 
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load and handling group. Typical fixed weights are given in table 27-20, based on medium to heavy 
helicopters and tiltrotors. 


Table 27-20. Other systems and equipment weight. 


group 

typical weight (lb) 

SYSTEMS AND EQUIPMENT 


flight controls group 


cockpit controls 

100-125 

automatic flight control system 

35-200 

flight control electronics, mechanical 

35-100 

flight control electronics, fly-by-wire 

250 

auxiliary power group 

130-300 

instruments group 

150-250 

hydraulic group 


equipment 

50-300 

electrical group 

400-1000 

avionics group (mission equipment) 

400-1500 

furnishings & equipment group 

600-1000 

crew only 

100-200 

environmental control group 

50-250 

anti-icing group 

50-300 

load & handling group 


internal 

200-400 

external 

150-300 

FIXED USEFUL LOAD 


crew 

500-800 

fluids (oil, unusable fuel) 

50-150 


27-12 Folding Weight 

Folding weights are calculated in a number of groups: wing lTf old (including extensions), rotor 
Wfoid , tail Wfoid , fuselage W t f 0 id and H' w f 0 i,i • These are the total weights for folding and the impact of 
folding on the group. A fraction /foidkit of these weights can be in a kit, hence optionally removable. 
Thus of the total folding weight, the fraction /foidkit is a kit weight in the fixed useful load of the weight 
statement, while the remainder is kept in the wing, rotor, or fuselage group weight. 

27-13 Parametric Weight Correlation 

Table 27-21 summarizes the satistics of the parametric weight estimation equations. Figure 27-24 
shows the error of the calculated weight for the sum of all parametric weight, accounting on average 
for 42% of the empty weight. This sum is composed of the structural group (based on the AFDD00 
equation for rotor blade and hub weights, and the AFDD84 equation for body weight), the propulsion 
group (based on the AFDD00 equation for drive system weight), and the flight controls group. Based 
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on 42 aircraft, the average error of the sum of all parametric weight is 5.3%. The corresponding average 
error is 6.1% for the structural group (8.6% for the rotor group alone), 10.9% for the propulsion group, 
and 8.7% for the flight controls group. 


Table 27-21. Statistics of parametric weight equations. 


group 


number of aircraft 

average error (%) 

wing 


25 

3.4 

rotor blade 

AFDD82 

37 

7.7 

rotor hub 

AFDD82 

37 

10.2 

rotor blade 

AFDD00 

51 

7.9 

rotor hub 

AFDD00 

51 

12.2 

horizontal tail 


13 

22.4 

vertical tail 


12 

23.3 

tail-rotor 


19 

16.7 

fuselage 

AFDD82 

30 

8.7 

fuselage 

AFDD84 

35 

6.5 

alighting gear 


28 

8.4 

engine support 


12 

11.0 

engine cowling 


12 

17.9 

air induction 


12 

11.0 

accessory 


16 

11.5 

propeller 

AFDD 10 

16 

10.5 

fuel tank 


15 

4.6 

gear box + rotor shaft 

AFDD 8 3 

30 

7.7 

gear box + rotor shaft 

AFDD00 

52 

8.6 

drive shaft 


28 

16.0 

rotor brake 


23 

25.1 

rotary wing flight controls 

non-boosted 

20 

10.4 

rotary wing flight controls 

boost mechanisms 

21 

6.5 

rotary wing flight controls 

boosted 

20 

9.7 
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actual weight 


Figure 27-1. Wing group (AFDD93). 



actual weight 


Figure 27-2. Rotor group, blade weight (AFDD82). 


error (%) error (%) 
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actual weight 


Figure 27-3. Rotor group, hub weight (AFDD82). 



actual weight 


Figure 27-4. Rotor group, blade weight (AFDDOO). 


error (%) error (%) 
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actual weight 


Figure 27-6. Empennage group, horizontal tail weight (AFDD82). 
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actual weight 

Figure 27-7. Empennage group, vertical tail weight (AFDD82). 



actual weight 


Figure 27-8. Empennage group, tail -rotor weight (AFDD82). 


error (%) error (%) 
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Figure 27-9. Fuselage group, fuselage weight (AFDD84). 
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actual weight 

Figure 27-10. Fuselage group, fuselage weight (AFDD82). 
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actual weight 

Figure 27-11. Alighting gear group, landing gear weight (AFDD82). 



actual weight 


Figure 27-12. Engine section or nacelle group, engine support weight (AFDD82). 


error (%) error (%) 
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actual weight 

Figure 27-13. Engine section or nacelle group, cowling weight (AFDD82). 



actual weight 


Figure 27-14. Air induction group, air induction weight (AFDD82). 
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actual weight 

Figure 27-15. Propulsion group, accessories weight (AFDD82). 



actual weight 


Figure 27-16. Propulsion group, fuel tank weight (AFDD82). 


error (%) error (%) 
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actual weight 

Figure 27-17. Propulsion group, gear box and rotor shaft weight (AFDD83). 



actual weight 


Figure 27-18. Propulsion group, gear box and rotor shaft weight (AFDD00). 


error (%) error (%) 
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actual weight 

Figure 27-19. Propulsion group, drive shaft weight (AFDD82). 



actual weight 


Figure 27-20. Propulsion group, rotor brake weight. 


252 


AFDD Weight Models 



actual weight 

Figure 27-21 . Flight controls group, rotor non-boosted control weight (AFDD82). 



actual weight 

Figure 27-22. Flight controls group, rotor boost mechanisms weight (AFDD82). 
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actual weight 

Figure 27-23. Flight controls group, rotor boosted control weight (AFDD82). 
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Figure 27-24. Sum of all parametric weight. 
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